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FOREWORD 

These  Proceedings , published  in  four  volumes,  comprise  the  45  papers  presented  at  the 
Tenth  Navy  Symposium  on  Aeroballistics  held  at  the  Sheraton  Motor  Inn,  Fredericksburg,  Virginia, 
15,  16  and  17  July  1975. 


This  symposium  was  the  tenth  in  a series  begun  in  1950  under  the  sponsorship  of  the 
then  Bureau  of  Ordnance  Committee  on  Aeroballistics,  and  currently  conducted  by  the  Naval 
Aeroballistics  Advisory  Committee  as  sponsoring  committee  for  the  Naval  Air  Systems  Command 
and  the  Naval  Ordnance  Systems  Command.  The  continuing  purpose  of  the  symposiums  has  been 
to  disseminate  the  results  of  aeroballistics  research  and  to  bring  the  research  findings  of  industry, 
the  universities,  and  government  laboratories  to  bear  upon  the  Navy’s  acroballistic  research  and 
development  programs. 

n.  Over  160  research  scientists  representing  56  organizations  attended  this  tenth  symposium. 

Session  I covered  the  subjects  of  missile  stability  and  performance;  Session  II  was  concerned  with 
missile  stability  and  performarce/launch  dynamics;  Session  111  dealt  with  heat  transfer;  Session  IV 
covered  inlets  and  diffusers/gas  dynamics;  and  Session  V presented  aero-elasticity  and  structures.  ^ 

The  papers  in  these  Proceedings  have  been  reproduced  in  facsimile.  They  appear  in  the 
order  of  presentation  except  that  all  classified  papers  have  been  taken  out  of  sequence  and 
grouped  together  as  Volume  4,  a confidential  volume.  Volumes  1 through  3 are  unclassified.  This 
is  Volume  I. 


Requests  for  or  comments  on  individual  papers  should  be  addressed  to  the  respective 


authors. 


THOMAS  A.  CLARE 
General  Chairman 
Symposium  Committee 
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GREETINGS 

The  Navy  Aeroballistics  Advisory  Comruttee  (NAAC)  provides  valuable  assistance  to  the 
Naval  Air  and  Naval  Sea  Systems  Commands.  It  is  extremely  active  in  promoting  the  exchange  of 
technical  information  among  Naval  activities.  Navy  contractors,  and  other  government  agencies.  It 
also  provides  effective  guidance  by  recommending  aeroballistics  research  investigations  and 
identifying  the  new  aeroballistic  facilities  necessary  for  future  weapons  development.  We  hope  that 
this  Symposium,  as  in  the  past,  will  provide  for  a stimulating  exchange  of  information  and  will  be 
of  value  to  all  participants.  Best  wishes  for  a successful  Symposium. 
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WELCOME 

On  behalf  of  the  Dahlgro  Laboratory  of  the  Naval  Surface  Weapons  Center,  we  arc  pleased 
to  welcome  you  to  the  Tenth  U.  S.  Navy  Symposium  on  Aeroballistics. 

The  Navy  Aeroballistics  Advisory  Committee,  established  jointly  by  the  Naval  Air  Systems 
Command  and  the  Naval  Sea  Systems  Command,  has  prepared  an  excellent  program  covering 
diverse  technical  disciplines  in  lh'  field  of  aeroballistics.  It  is  noted  that  the  Symposium  brings 
together  speakers  and  guests  witn  J(  rcia!  competence  in  aeroballistics  from  the  Navy,  Air  Force, 
Army,  other  government  agencies,  umvc.oi'i.s,  and  from  industry.  It  is  our  hope  that  we  can 
provide  a pleasant  atmosphere  for  j on  during  ti,v  • .iposium. 
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SUMMARY 


McDonnell  Douglas  Astronautics  Company-West  is  currently  conducting 
a survey  and  evaluation  of  nonlinear  aeromechanics,  under  contract  to 
NSWC-Dahlgren.  This  effort  involves  assembling  the  state  of  knowledge 
concerning  linear  and  nonlinear  aeromechanics  in  conjunction  with  study 
and  assessment  of  the  information  base  to  identify  key  aeromechanics 
phenomena  as  they  relate  to  the  several  configuration  classes,  establish 
the  adequacy  and  utility  of  the  assembled  information  base  in  application 
to  Navy  tactical  weapons  development,  and  to  formulate  recommendations 
describing  active  steps  required  to  make  the  state  of  knowledge  meet 
current  and  projected  Navy  requirements. 


Since  this  contracted  effort  is  a direct  result  of  a very  strong  recom- 
mendation by  the  1973  NAAC  Stability  and  Performance  Panel,  a key 
element  of  our  information  acquisition  apprqach  involved  capitalizing 
upon  the  cooperative  spirit  of  the  NAAC  Stability  and  Performance  Panel 
recommendation  in  terms  of  providing  leverage  and  incentive  for  NAAC 
members  to  provide  their  contributions  to  the  state  of  knowledge; 
as  of  this  writing,  50%  of  the  Navy  members  and  40%  of  the  industry 
members  of  the  NAAC  stability  and  performance  panel  have  responded. 
Fortunately,  the  Navy  respondents  were  largely  key  labs  involved  in 
weapons  development  and  testing;  by  contrast,  many  key  aerospace 
firms  have  not  participated.  This  paper  summarizes  the  work  accomp- 
lished to  date  toward  performing  the  subject  contracted  effort,  especially 
as  regards  information  acquisition,  cataloging  and  classification. 
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It  appears  at  this  point  in  the  survey  that  the  state  of  knowledge 
concerning  linear  and  nonlinear  aeromechanics  is  largely  contained  in 
approximately  1600  information  elements  that  can  be  referenced, 
excepting  the  estimating  100  to  200  elements  held  as  sacred  and  pro- 
prietary by  certain  aerospace  concerns.  The  information  base  consists 
of  classified  and  unclassified  US  Government-sponsored  work,  some 
classified  work  performed  by  NATO  countries  and  allies  available 
through  DDC  and  national  and  international  information  published  in 
the  open  literature.  Roughly  25  percent  of  the  information  base  treats 
derivation,  evolution,  and  application  of  analytic  methods,  whereas  the 
remaining  (approximately)  75  percent  is  devoted  to  experimental 
information. 
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INTRODUCTION 

During  the  1973  meeting  of  the  Navy  Aeroballistics  Advisory  Committee 
(NAAC),  the  stability  and  performance  panel  formulated  a recommenda- 
tion that  the  Navy  fund  the  panel  to  assemble  and  assess  the  state  of 
knowledge  relating  to  nonlinear  aeromechanic  in  the  incidence  range 
from  0 to  180  deg.  for  Mach  numbers  consistent  with  the  flight  of  tactical 
weapons. 


The  following  quotation,  extracted  from  the  text  of  the  NAAC  Stability 
and  Performance  Panel  recommendation,  provides  insight  into  the  back- 
ground, justification,  and  rationale  for  conducting  this  proposed  effort. 


"Linear -angle -of -attack  aerodynamics  have  been  addressed 
over  the  past  several  decades  resulting  in  a fairly  organized 
approach  to  either  calculating  or  experimentally  measuring 
the  required  loads. 


"The  long-term  trend  in  missile  design,  however,  is  toward 
ever-increasing  performance  and  maneuverability.  This  has 
and  will  result  in  either  high  angle  of  incidence  flight  where 
nonlinear  aerodynamics  are  omnipresent  or  low  to  moderate 
angles  of  incidence  where  nonlinear  characteristics  have 
also  been  observed.  This  creates  considerable  uncertainties 
in  load  estimates,  guidance  and  control  requirements,  etc. 

The  state  of  the  art  .has  caused  considerable  diversity  of 
approach  to  the  solution  of  problems  associated  with  specific 
weapon  system  requirements.  This  has  resulted  in  a somewhat 
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confused  state  of  affairs  regarding  what  is  known  and  unknown 
concerning  both  data  availability  and  analytical  methodology. 


"An  assemblage  and  evaluation  of  the  overall  technology  base 
by  a working  .group  is  therefore  required  such  that  a reasonably 
intelligent  course  of  action  may  be  planned  and  pursued  to 
meet  the  present  and  future  needs  of  the  Navy.  " 


A modified  version  of  this  stability  and  performance  panel  recommenda- 
tion was  further  adopted  by  the  NAAC  as  its  first-listed  recommendation 
to  the  respective  commanders  of  NAVAIR  and  NAVORD,  As  a result  of 
the  forcefulness  of  the  Stability  and  Performance  Panel  recommendation 
and  the  diligence  of  its  chairman,  the  recommendation  was  fulfilled  by 
means  of  a competitive  solicitation  and  subsequent  award  of  a contract 
to  McDonnell  Douglas  Astronautics  Company-West  (MDAC-W),  The 
contract  is  jointly  sponsored  by  NAVAIR  and  NAVORD  through  NSWC - 
Dahlgren. 


Although  the  task  of  assembling  and  assessing  the  state  of  knowledge 
concerning  nonlinear  aeromechanics  is  an  ambitious  one,  such  an  under- 
taking is  not  unprecedented.  For  example,  consider  the  1938  work, 
Modern  Developments  in  Fluid  Dynamics,  prepared  by  the  Fluid  Motion 
Panel  of  the  Aeronautical  Research  Committee  (United  Kingdom) 

"to  present  and  summarize  methods  of  experiment  and  development  of 
theory  in  certain  branches  of  hydrodynamics  of  special  interest  to  aero- 
nautical science.  '*  A more  recent  parallel  to  the  current  work  is 
found  in  the  HandbOsik  of  Supersonic  Aerodynamics,  a massive  undertaking 
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of  the  Aerodynamics  Handbook  Staff  of  the  Johns  Hopkins  University 
Applied  Physics  Laboratory  under  Navy  sponsorship,  the  production  of 
which  ran  from  1950  to  1964.  Other  similar  works  worthy  of  note  include 
Hoerner's  "Fluid Dynamic  Drag"  and  the  "USAF  Stability  and  Control 
DATCOM.  " 


INFORMATION  ACQUISITION 

Information  concerning  nonlinear  aeromechanics  was  solicited  and 
acquired  from  internal  McDonnell  Douglas  Corporation  (MDC)  corporate- 
wide sources  (mainly  MDAC -West,  MDAC-East,  McDonnell  Aircraft, 
and  Douglas  Aircraft,  and  the  library  services  divisions  of  these  companies 
in  the  corporate  family);  also  from  MDC  consultant,  the  Navy  laboratories 
represented  on  NAAC  panels,  industry  members  of  the  NAAC  Stability 
and  Performance  panel,  other  Government  agencies  (Department  of 
Defense,  Air  Force,  Army,  and  NASA),  industry  members  of  the  aero- 
space community  not  represented  on  NAAC  panels,  aeromechanics  faculty 
members  of  colleges  and  universities,  and  the  published  literature. 


Information  was  solicited  from  non -McDonnell  Douglas  sources  by: 

A.  Identifying  and  listing  Government  agency  offices,  industrial 
concerns,  institutions,  and  periodicals  that  may  provide 
relevant  information. 

B.  Identifying  key  personnel  at  the  listed  Government  agency 
offices,  industrial  concerns,  and  institutions  that  are 
potential  contacts  for  information  (e.  g.  , NAAC  panel 
members,  AIAA  members,  published  authors,  MDC 
academic  consultants,  applicable  Government  agency  and 
industry  people,  etc.). 
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C.  Conducting  telephone  interviews  with  identified  key- 
personnel,  followed  by  letters,  to  describe  our  effort, 
request  support  in  facilitating  technical  interchange, 
and  offer  respondents  documented  acknowledgment  in 
and  copies  of  our  final  reports  (subject  to  Navy  approval). 

D.  Preparing  and  forwarding  standarized  aeromechanics 
information  summary  forms  (one  version  each  for 
experimental  data /methods  and  analytic  techniques)  for 
completion  of  cooperating  information  sources. 

E.  Meeting  directly,  when  feasible,  with  survey  respondents 
to  facilitate  the  effective  transfer  of  information  in  the 
form  of  documents,  computer  output,  and  other  forms 

of  data  that  require  explanation  and  discussion. 


Navy  laboratories  were  requested  to  lend  their  on-base  support  to  assist 
MDAC-W  in  its  information -gathering  task  by  providing  aerodynamic 
data  for  existing  Navy  tactical  missiles,  rockets,  bombs,  and  projectiles, 
and  by  performing  literature  searches  in  laboratory  libraries. 


An  extensive  literature  search  for  relevant  aeromechanics  information 
was  conducted  through  the  MDC  library  system,  which  has  divisions  in 
each  of  the  four  prime  companies  of  the  Corporate  family;  the  focal 
point  for  this  effort  was  the  MPAC-W  library  at  Huntington  Beach, 
California.  Automated  literature  searches  were  conducted  (via  pro- 
grammed key  work  associations)  through  all  reference  matter  contained 
in  the  MDC  library  chain  and  the  DOD  and  NASA  reference  systems. 
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Information  available  in  periodicals  not  involved  in  automated  searches 
(current  and  historical)  was  located  and  acquired  through  inspection  of 
yearly  subject  indices  and  direct  review  of  all  relevant  periodical 


articles  published  in  the  first  half  of  1975. 
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Figure  1 summarizes  the  current  status  of  information  acquisition  activi- 
ties as  of  1 July  1975.  At  this  point,  only  about  60  percent  of  the  organi- 
zations contacted  have  responded. 

Figure  2 lists  the  organizations  and  individuals  contacted,  and  their 
responses  to  our  requests  for  information  in  terms  of  documents, 
reference,  and  synopses  supplied  as  of  1 July  1975.  As  may  be  noted 
from  the  figure,  Martin/Orlando,  General  Dynamics/ Pomona,  Nielsen 
Engineering  and  Research  (NEAR),  Lockheed,  and  MDAC  are  the  only 
aerospace  concerns  that  have  contributed  significantly  to  this  effort. 

Based  upon  the  data  of  Figure  2,  it  appears  that  the  state  of  knowledge 
concerning  linear  and  nonlinear  aeromechanics,  as  relates  to  tactical 
weapons,  is  contained  in  approximately  1600  information  elements  or 
documents.  The  actual  number  of  documents,  reference  citations,  and 
independent  synopses  indicated  in  Figure  2 total  2102;  the  1600  figure  was 
derived  assuming  a duplication  factor  of  approximately  20  percent. 

CATALOGING,  CATEGORIZING,  AND  EVALUATION  OF 
INFORMATION  ELEMENTS 

As  information  is  acquired,  it  is  cataloged,  annotated,  and  summarized 
using  formats  similar  to  those  illustrated  in  Figures  3 and  4 (using  one 
format  for  experimental  and  another  for  analytical  information),  and 
classified  in  one  or  more  of  the  following  configuration  classes: 
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AUTOMATED  "KEY  WORD"  LITERATURE  SEARCHES  COMPLETED  THROUGH  MDC  SYSTEM,  DDC, 
NSWC- WHITE  OAK,  NASA,  NSRDC,  AND  NWC;  ALL  RELEVANT  DOCUMENTS  NOW  ON  ORDER 
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FIGURE  3(a) 

EXPERIMENTAL  AEROMECHANICS  INFORMATION 


INFORMATION  SOURCE:  Lockheed  Missiles  and  Space  Co. 

VEHICLE  DESIGNATION:  Poseidon  C3 


Vol.  1 


ABSTRACT:  Static  stability  test  to  obtain  range  safety  data  at  Mach  0.6  to  4.4  and  a = 0°  to  180°.  Tested 
ware:  1st  and  2nd  stages;  nose  fairing  alone;  and  1st  and  2nd  stage  motors  alone.  Also  obtained  was  effect  of 
simulated  exhaust  jet  at  a » 145° 


VEHICLE  DESCRIPTION 


SEPARATION 


Planform  View 


| 471.1 

4S7.4 


Front  View 


Supplemental  Geometry 


Identify  location  of  control  jets*  fins  and  rocket  plume  if  applicable. 

STING  CONFIGURATION: 


REFERENCE  DOCUMENTS:  J.  R.  Phillips,  "Results  of  the  Transonic/Supersonic  Static  Stability  Test  of 
Several  Poseidon  C3X  Configurations  for  Range  Safety  Requirements  (E-75)",  LMSC/D051049*  TM  66-21-165, 
June  1962 

M.  V.  Navone,  "Presentation  and  Djscussion  of  Results  of  Transonic  and  Supersonic  Wind  Tunnel  Test  AX-1  on 
Several  C3  Poseidon  Configurations",  LMSC/806903,  TM  65-21-106,  August  1967 

TESf  FACILITY  DESIGNATION  AND  LOCATION:  Lockheed  4 x 4 Foot  Supersonic  Wind  Tunnel. 

Rye  Canyon,  Calif.  , 
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FIGURE  3(b) 
TEST  CONDITIONS 
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AERODYNAMIC  DATA 


PRIMARY  DATA  COORDINATE  SYSTEM:  Circle  Appropriate 

Coefficient  or 
Deicriptor 


Forebody  and  Base  Axial  Force  Coefficients 

Normal  Force  and  Pitching  Moment  Coefficients 

Side  Force,  Yawing  Moment  and  Rolling  Moment  Coefficients 

Cy,  Cn,  Cj, 

Surface  Pressure  Coefficients  other  than  Base 

nose,  body,  afterbody 

Panel  Loads  and  Centers  of  Pressure 

CNp.  chm.  cap-  cbm 

Dynamic  Stability  Derivatives 

cNq<  Cmp,  Ccp 

Control  Effectiveness,  Forces  and  Moments  Due  to  Fin  Motion 

AC^/Sp,  ACm/6p,  ACy/5y 
ACp/5p;  ACi/Sq,  ACa/6 

Control  Cross-Coupling 

dCN/d6a,dC|/dfiy 

Main  Rocket  Plume  Simulation 

Solid  body,(rold  gas) 
hot  gas  ^ 

Control  Jet  Simulation 

roll,  pitch,  yaw 

Static  Stability  Derivatives 

CNa<  Cma'^yp.  Cn^ 

Others: 
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ANALYTIC  AEROMECHANICS  INFORMATION 


INFORMATION  SOURCE:  RAF.  Technical  Report  No.  66070, 1966  AUTHOR:  J.  H.  B.  Smith 

METHOD  DESIGNATION:  Improved  Calculations  of  Leading-Edge  Separation  from  Slender  Delta  Wings 

DESCRIPTION  OF  ANALYTIC  TECHNIQUE:  In  Reference  1,  the  pressure  and  normal-velocity  (stream-surface) 
conditions  are  enforced  at  only  three  points  on  the  vortex  sheet  because  of  computational  complexity.  In  the  age  of 
high-speed  computers,  computational  complexity  is  less  of  a hindrance,  and  a more  complete  enforcement  of  the 
boundary  conditions  on  the  vortex  sheet  is  thus  carried  out  here.  The  rolled-up  part  of  the  vortex  sheet  is  represented 
by  a concentrated  vortex,  connected  to  the  free  end  of  the  (rest  of  the)  vortex  sheet  by  a cut  (i.e.,  a vortex  sheet  with 
infinitesimal  strength).  The  position  and  strength  of  the  concentrated  vortex  are  three  unknowns  of  the  problem. 

The  vortex  sheet  is  L roken  into  n finite  segments,  of  unequal  arc  length,  from  the  wing  leading  edge  to  the  free  end. 

At  each  end  point  of  the  segments,  the  distant  1 to  the  concentrated  vortex  and  the  strength  constitute  two  unknowns. 

The  (2n  + 3)  unknowns  of  the  problem  are  theoretically  determined  by  (2n  + 3)  equations  representing  the  no-force 
condition  applied  to  the  concentrated  vortex  plus  the  cut,  the  Kutta  conditicn  applied  at  the  wing  leading-edge  and  the 
pressure  and  normal  velocity  conditions  applied  at  an  intermediate  point  of  each  of  the  segments.  The  polar  coordinates 
(with  the  concentrated  vortex  as  the  origin)  of  the  intermediate  Mints  are  the  arthmetic  means  of  those  of  the  end 
points.  The  vortex  sheet  is  discretized  by  using  a first-order  difference  scheme  for  differentiation  and  the  trapezium  rule 
for  integration  along  the  sheet.  The  (2n  + 3)  nonlinear  algebraic  equations  are  solved  by  iterations  in  three  loops.  In  the 
first  loop,  the  n pressure  conditions  and  the  Kutta  condition  are  used  to  iterate  the  strengths  of  the  concentrated  vortex 
and  the  vortex-segment  end  points.  The  second  loop  uses  the  no-force  condition  to  iterate  the  position  of  the  concentrated 
vortex.  Finally,  the  distances  between  the  vortex-segment  end  points  and  the  concentrated  vortex  are  iterated  by  using 
the  n normal-velocity  conditions.  At  each  step  of  the  second  loop,  the  first  loop  is  repeated  and,  at  each  step  of  third,  the 
first  two  are  repeated.  The  results  of  Reference  1 are  used  as  the  initial  guesses  for  4or/A  = 0.91.  The  initial  guesses  for 
other  values  of  4o/A  are  obtained  by  linear  extrapolation  from  existing  solutions.  The  normal  force  is  calculated  both 
by  integrating  the  surface  pressure  and  by  using  contour  integration  in  the  cross-flow  plane  at  the  trailing  edge.  Close 
agreement  between  the  two  values  serves  as  a final  check  on  the  self-consistency  and  accuracy  of  the  calculations. 

Note  that  the  vortex  model  of  Reference  2 is  reached  when  the  extent  of  the  vortex  sheet  vanishes 


LIST  BASIC  ASSUMPTIONS: 

(1 ) Small  disturbances,  a < 1 . 

(2)  Slender  delta  wings,  A < 1 . 

(3)  A pair  of  concentrated  vortices  and  vortex  sheets. 

DESCRIBE  LIMITATIONS: 

(See  Assumptions) 


DESCRIBE  NUMERICAL  METHOD: 

(See  Analytic  Technique) 

FIGURE  4(a) 
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CIRCLE  APPROPRIATE  CONFIGURATIONS 


Applicable  Geometries 

Body  of 

Non- 

W/ 

W/ 

Canard 

Wing 

Tail 

for  Reasonable  Precision 

Revolution 

Circular  Body 

Tail 

Wing 

Control 

Control 

Control 

Mach  Number  Range 
for  ±10%  Precision 


Subsonic  to  Low  Supersonic 


Angle-of-Attack  Range 
for  ±10%  Precision 


Depends  Upon  Aspect  Ratio 


Automated?  (State 
Language/System) 


Yes 


Analytical  Semi- 
Empirical  or  Empirical 


Analytical 


DEFINITIONS:  Analytical  - 
Semiempirical 

Empirical  -- 


Based  entirely  on  theoritical  principles 

Based  on  theoretical  principles  but  using  experimental  data  to  start  solutions, 
improve  precision  and/or  extend  applicability 

Blind  curve-fit  or  other  representation  of  experimental  data 


REFERENCES: 

1.  Mangier,  K.  W.  and  J.  H.  B.  Smith,  A Theory  of  the  Flow  Past  a Slender  Delta  Wing  with  Leading-Edge 
Separation,  Proceedings  of  the  Royal  Society,  A-251,  pg.  200-217, 1959. 

2.  Brown,  C.  E.  and  W.  H.  Michael,  Jr.,  On  Slender  Delta  Wings  with  Leading-Edge  Separation,  NACA  TN3430,  1955 


PRECISION  COMMENTS:  The  Tolerances  used  f.»r  the  convergence  criteria,  the  extent  and  number  of  segments 
used  for  the  vortex  sheet  all  affect  the  accuracy  and  economy  of  the  calculations.  Optimum  values  can  be  obtained  by 
trials  and  have  been  discussed  ir.  the  report  for  4a/A  = 0.91.  The  improvements  over  the  results  of  References  1 and  2 
are  mainly  in  the  details  of  the  flow  field,  such  as  the  surface  pressure  distribution  and  the  position  of  the  concentrated 
vortex.  So  far  as  the  normal-force  prediction  is  concerned,  the  result  is  very  closely  matched  by  the  first-order 
asymptotic  result  of  Reference  2,  and  is  also  close  to  the  result  of  Reference  1. 
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A.  Bodies  of  revolution  without  fins  (projectiles,  flare 
stabilization,  reaction -controlled  bodies,  etc.). 

B.  Bodies  of  revolution-with  stabilizing  or  control  tailfins- 
fixed  or  movable  (bombs,  rockets,  missiles). 

C.  Bodies  of  noncircular  cross-section,  with  or  without 
wings/fins  (special-purpose  missiles). 

D.  Wing -or -canard  control  configurations  with  or  without 
tailfins  and/or  wings. 

E.  Wing -body -tail  control  configurations. 

F.  Missile  configurations  whose  aeromechanics  are 
affected  by  internal  flow  (e.  g.  , air  inlets  for  airbreathing 
propulsion,  spinning  tabular  projectile,  etc.). 

Subclassification  is  accomplished  within  configuration  classes  with 
respect  to  the  functional  topics  of  categories  delineated  below: 

A.  Pitch -plane  static  stability. 

B.  Lateral -directional  (yaw,  or  out-of-plane)  static  stability, 
including  the  effects  of  configurational  unsymmetries, 
bank  angle,  asymmetric  shedding  of  vortices,  and 
magnus  effects 

C.  Dynamic  stability  and  damping  (pitch,  yaw,  and  roll)  at 
arbitrary  incidence. 

D.  Control  coupling  (effects  of  control  surface  deflection 
upon  static  stability  in  plane  or  about  axis  of  deflection) 
and  cross -coupling  (static  stability  cross-talk  from  a 
control  function  in  one  plane  or  about  a given  axis  to  forces 
and  moments  in  another  plane  or  about  another  axis  where 
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no  control  effect  was  intended  or  desired),  including  con- 
sideration of  gyroscopic  coupling  effects. 

E.  Roll  aerodynamics,  stability,  and  control. 

F.  Interaction  between  aerodynamics  and  missile  guidance 
and  control  system  performance,  loop  stability,  and 
design  criteria,  especially  identification  and  characteriza- 
tion of  important  aerodynamic  parameters  and  induced 
motion  associated  with  the  several  autopilot,  control,  and 
guidance  schemes. 


As  information  is  cataloged  and  classified,  reference  documentation  is 
filed  in  systematic  order  for  ease  in  retrieval  during  and  after  the 
contracted  effort. 


Evaluation  of  individual  elements  of  the  information  base  is  conducted  in 
two  phases:  (1)  as  the  analyst  reviews  a given  information  element,  the 
work  is  characterized  by  the  filling  out  of  the  synopsis  forms  (Figures  3 
and  4)  and  a comprehensive  IBM  Data  Card  Load  Sheet,  and  (2)  a review 
of  the  information  content,  competence,  utility,  and  applicability  is  made 
from  information  contained  on  the  completed  synopsis  forms. 


AEROMECHANICS  PHENOMENA  IDENTIFICATION 
Available  experimental  and  analytic  information  found  relevant  to  the 
configuration  classes  during  information  acquisition,  cataloging,  and 
classification  is  being  studied  to  identify  the  most  important  aero- 
mechanical  phenomena  as  they  relate  to  the  stability,  control,  and 
performance  of  each  of  the  several  configuration  classes.  The  prime 
focus  is  on  cause -effect  relationships  wherein  the  general  flowfield 
characteristics  of  each  configuration  class  will  be  described,  and  the 
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variational  aspects  of  configuration  geometry  as  they  relate  to  missile/ 
flowfield  interactions  will  be  discussed.  Figure  5 lists  the  format 
currently  being  applied  to  each  configuration  class. 


EVALUATION  OF  THE  COMPLETE  AEROMECHANICS 
INFORMATION  BASE 

The  adequacy  (completeness)  and  utility  (usefulness  and  applicability)  of 
the  assembled  information  base  (representative  of  the  state  of  knowledge) 
will  be  evaluated  in  view  of  current  and  projected  Navy  tactical  weapon 
systems  requirements. 


Navy  near -and  long-term  requirements  for  aeromechanics  information 
in  the  form  of  experimental  data  and  methods,  and  analytic  predictive 
techniques,  will  be  established  by  the  sequential  approach  outlined  in 
Figure  6. 


Evaluation  of  the  complete  experimental  information  base  will  be  accomp- 
lished by  automated  sorting  and  display  of  reference  identification  num- 
bers by  configuration  class,  functional  topic  (dependent  variables),  and 

* 

the  geometric  and  environmental  independent  variables.  To  facilitate 
experimental  information  base  evaluation,  the  80  information  bits  avail- 
able from  a single  data  card  are  allocated  to  fully  characterize  relevant 
reference  matter,  as  illustrated  in  Figure  7.  Sorting  logic  is  currently 
being  formulated  to  generate  an  executive  code  that  will  allow  sorting  by 
selected  specific  dependent  variables  and  selected  ranges  of  the  indepen- 
dent variables. 


With  respect  to  the  analytical  literature,  work  has  been  carried  out 
simultaneously  insofar  as  the  cataloging  and  the  evaluation  tasks  are 
concerned.  A preliminary  categorization  of  the  aeromechanics  method- 


IDENTIFICATION  OF  IMPORTANT  AEROMECHANICAL 

PHENOMENA 
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ology  applicable  to  general  wing -body-tail  configurations  was  made  after 
the  first  several  months  of  study,  as  shown  in  Figure  8.  No  significant 
change  in  format  has  been  found  necessary  based  on  work  accomplished 
to  date.  The  evaluation  process  has  so  far  concentrated  on  nonlinear 
methods;  among  these  methods,  the  leading -edge -suction-analogy  method 
is  limited  to  sharp-edged  delta  wings  and  the  finite -element  lifting- 
surface -theory  methods  are  still  in  their  infancy  (e.  g.  , two  papers  were 
presented  in  ALAA  13th  Aerospace  Sciences  Meeting,  1975)  as  tools  for 
predicting  nonlinear  forces  and  moment.  Furthermore,  the  latter 
methods  may  require  excessive  computing -machine  time  for  frequent 
engineering  use. 

Some  preliminary  impressions  regarding  the  two  principal  categories  of 
methods  of  nonlinear  aeromechanics  can  now  be  given.  The  inviscid- 
vortex -modeling  methods  are  based  on  the  solution  of  the  linearized 
potential  equation  and  are  thus  restricted  theoretically  from  being 
applied  at  very  high  angles  of  attack.  The  nonlinear  effect  comes  from 
the  boundary  conditions  imposed  on  the  shed  vortex  sheets  as  indicated 
in  Figure  9.  Usually  the  methods  also  invoke  the  slender-body  approxi- 
mation; hence  the  accuracy  of  results  depends  on  a combination  of  the 
configurational  slenderness  and  the  angle  of  attack.  Although  published 
results  often  show  adequate  agreement  with  experimental  data  at  angles 
of  attack  up  to  25  degrees  or  even  higher,  it  must  be  borne  in  mind  that 
the  error  committed  by  neglecting  the  nonlinear  terms  in  the  differential 
equation  becomes  more  significant  at  increasingly  higher  angles  of 
attack. 
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When  applied  to  configurations  which  experience  vortex  shedding  at 
sharp  edges  or  corners,  the  inviscid -vortex-modeling  methods  are  purely 
analytical  and  the  variations  dwell  largely  on  the  modeling  of  the  shed 
vortex  sheets,  as  indicated  in  Figure  10.  Although  secondary  and  even 
tertiary  sheddings  have  been  observed,  the  methods  in  existence  all 
deal  with  onlv  the  primary  shed  vortices.  The  simplest  model  is  pair  of 
concentrated  vortices  (viewed  in  the  cross-sectional  plane)  connected  to 
the  shedding  points  by  vortex  sheets  of  infinitesimal  strength. 
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The  exact  solution  of  this  formulation,  which  requires  numerical  itera- 
tions to  solve  the  nonlinear  equations,  usually  yields  a normal-force 
prediction  which  does  not  agree  very  well  with  experimental  data.  A 
vastly  neglected  fact  is  the  virtue  of  an  approximate,  asymptotic  solution. 
For  many  cases,  the  asymptotic  solution  is  so  simple  as  to  be  obtainable 
in  closed  form.  At  least  for  delta  wings,  the  asymptotic  solution  has 
been  shown  to  yield  a normal-force  prediction  exactly  the  same  as  that 
yielded  by  the  numerical  solution  of  a much  more  elaborate  vortex-sheet 
model.  Understandably,  subsequent  efforts  at  modeling  try  to  improve 
the  prediction  accuracy  by  distributing  the  vorticity  over  the  entire 
vortex  sheet;  however,  compared  with  asymptotic  solution  of  the  simplest 
model,  the  improvements  brought  about  by  these  elaborate  models  at  the 
expense  of  considerable  calculational  complexity  is  in  the  detailed  des- 
cription of  the  flow  field  but  not  in  the  normal -force  prediction.  It  is 
felt  that  the  asymptotic-solution-of-the-simplest-model  approach  should 
be  exploited  more,  especially  in  the  attack  of  more  complicated  problems 
such  as  various  wing-body  combinations,  banked  wings  and  cruciform 
wings. 
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When  the  inviscid-vortex-modeling  methods  are  applied  to  configurations 
with  smooth-contoured  cross  sections,  one  element  of  empirical  infor- 
mation, namely  the  shedding  position,  must  be  provided  (Figure  11). 
Experience  has  proven,  unfortunately,  that  the  results  of  the  computations 
are  fairly  sensitive  to  the  shedding  position.  Two  kinds  of  empiricism 
have  been  employed:  one  is  to  determine  the  shedding  position  by  experi- 
mental visualization,  the  results  of  which  seem  to  depend  somewhat  on 
the  visualization  technique;  the  other  is  to  vary  the  shedding  position  as 
a parameter  in  the  calculation  until  the  resultant  normal-force  prediction 
matches  the  experimental  data.  So  far  the  available  shedding  position 
experimental  data  have  not  been  sufficiently  well  organized  to  indicate 
whether  data  are  sufficient  to  cover  all  configurations  and  flow  conditions 
of  interest.  The  demonstrated  success  of  isolated  cases  does  not 
guarantee  success  in  other  cases.  One  may  attempt  to  predict  the 
shedding  position  by  solving  the  problem  of  the  separation  of  three- 
dimensional  boundary  layers,  the  complexity  of  which  necessitates 
application  of  grossly  simplifying  assumptions  and  tarnishes  the  attract- 
iveness of  this  approach.  When  alternate  shedding  occurs,  additional 
empirical  properties  are  needed  in  the  inviscid  modeling;  some  are 
more  reliably  obtainable  than  others.  Currently  most  prediction 
methods  for  alternate  shedding  are  built  on  the  experimental  work  of 
Thomson  and  Morrison,  who  invoked  the  Karman  vortex-street  theory 
to  relate  the  vortex  strength  and  the  vortex  spacing,  even  though  the 
rea]  situation  is  far  from  Karman1  s model  of  two  infinite  rows  of  vortices 
of  equal  strength.  Furthermore,  the  side-force  prediction  is  often 
forced  to  agree  with  experimental  measurements  by  introduction  of 
additional  arbitrariness  such  as  accounting  for  only  the  first  two  or  three 
vortices  closest  to  the  body. 
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The  viscous -cross -flow  method,  as  originally  formulated  by  Allen,  is 
also  meant  for  moderate  angles  of  attack,  not  only  because  of  the  linearity 
of  the  potential -flow  term  but  also  because  of  the  additive  nature  o£  the 
viscous  correction  (see  Figure  12).  In  Allen's  version,  the  cross-flow 
drag  coefficient  is  assumed  to  be  a constant,  that  of  a two-dimensional 
cylinder  in  the  cross  flow.  For  a preliminary  prediction  method,  its 
predictions  should  be  viewed  as  satisfactory,  in  terms  of  the  normal 
force.  Subsequent  efforts  have  aimed  principally  at  improving  center - 
of-pressure  predictions.  Kelly's  resort  to  an  unsteady  analogy  improves 
predictions  for  low-fineness -ratios  bodies  but  degrades  predictions  for 
high  -fineness -ratio  bodies.  The  approach  formulated  by  Perkins  and 
Jorgensen  makes  Kelly's  method  purely  empirical.  They  deduced  the 
cross -flow  contribution  from  the  experimentally  measured  normal-force 
distribution  and  arrived  at  a correlated  cross -flow  drag  distribution 
curve  for  ogive -nosed  bodies.  In  this  approach,  the  viscous  term  may 
actually  contain  inviscid  effects  left  over  by  the  linear  inviscid  term  at 
higher  angles  of  attack.  Consequently  the  method  may  be  applied  at 
angles  of  attack  higher  than  anticipated  by  Allen.  In  fact,  design  engin- 
eers often  use  the  method  up  to  90  degrees  of  angle  of  attack.  The 
distribution  curve  is  unfortunately  dependent  on  the  configuration, 
especially  the  nose  geometry;  thus  one  curve  finely  tuned  for  one  body 
may  not  be  confidently  used  for  other  bodies.  Another  unresolved  prob- 
lem is  how  to  handle  the  situation  when  the  axial  flow  is  transitional  or 
turbulent.  In  contemporary  applications,  a recorrelated  distribution  of 
cross -flow  drag  is  expressed  as  a function  of  dimensionless  time,  (X/d) 
tan  a',  returning  to  the  original  cross -flow  analogy. 
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Finally,  it  should  be  pointed  out  that  existing  literature  on  the  methods 
discussed  here  show  applications  mostly  to  individual  missile  components, 
•such  as  wings  and  bodies.  Much  development  work  obviously  lies  ahead 
for  realistic  missile  configurations. 

REMAINING  EFFORT  TO  BE  ACCOMPLISHED 

The  information  acquisition  task  has  proven  to  be  much  more  time- 
consuming  than  originally  anticipated,  mainly  due  to  a distinct  lack  of 
spontaneous  response  to  our  requests  for  information  and  support. 

In  general,  it  may  be  said  that  it  is  relatively  easy  for  an  individual  to 
verbally  accept  a responsibility  to  support  an  ambitious  and  needed  effort 
such  as  this  survey  and  evaluation,  but  it  is  entirely  a different  matter 
for  him  to  deliver  a meaningful  response  that  requires  his  setting  aside 
his  own,  funded  duties  to  fulfill  a request  that  will  bring  no  direct 
renumeration.  As  a result  of  information  acquisition  problems,  the 
scheduled  periods  for  Tasks  1 and  2 have  been  stretched,  thus  crowding 
the  remaining  tasks  into  a few  months,  as  illustrated  in  Figure  13. 

Planned  near-term  activities,  that  will  be  completed  in  time  for  the  NAAC 
panel  meetings  in  October,  are  listed  in  Figure  14, 

The  state  of  knowledge  concerning  nonlinear  aeromechanics,  as  repre- 
sented by  the  information  accumulated  and  derived  in  Tasks  1 and  2 of 
Figure  13,  will  be  summarized  in  the  Final  Report  — Volume  I.  The 
assembled  experimental  methods  and  data  base,  and  analytic  methodology 
will  be  completely  discussed  in  terms  of  specific  individual  information 
sources  and  characterization  of  the  content  of  such  sources.  Information 
summaries  of  each  referenced  source  will  contain  a crisp  verbal  sum- 
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mary,  configuration  sketches  where  relevant,  important  geometric  and 
aeromechanics  parameters,  and  examples  of  results. 


Subsequent  to  evaluating  the  adequacy  and  utility  of  the  assembled  aero- 
mechanics information  base  in  terms  of  Navy  requirements,  deficiencies 
in  the  information  base  will  be  identified  and  characterized.  Alternative 
active  steps  required  to  make  the  technology  base  meet  Navy  require- 
ments will  be  postulated  for  further  evaluation  in  terms  of  cost  effective- 
ness; the  most  cost-effective  active  steps  will  then  be  identified,  and 
recommendations  will  be  formulated  that  en'  ompass  the  desired  spectrum 
and  sequence  of  activities.  The  recommendations  will  be  presented  in 
Volume  II  of  the  final  report. 
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The  MDAC-W  assessment  of  the  state  of  knowledge  concerning  nonlinear 
aeromechanics  will  be  documented  in  a report  that  comprehensively 
encompasses  all  of  the  work  accomplished  under  Tasks  3 and  4 of 
Figure  13  (evaluation  of  state  of  knowledge  and  formulation  of  recom- 
mendations). This  report  will  identify  and  discuss  the  inadequacies  and 
deficiencies  existing  in  the  nonlinear  aeromechanics  technology  base, 
and  recommendations  for  remedial  action  will  be  made.  Although  this 
report  will  necessarily  summarize  (in  brief)  the  Volume  I work  wherein 
the  information/technology  base  was  assembled  and  documented,  the 
contents  of  the  Volume  I report  may  be  heavily  referenced,  It  is  thus 
felt  that  the  two  physically  separate  report  volumes,  coupled  as  a unified 
work,  will  provide  the  user  maximum  usefulness. 


TENTATIVE  CONCLUSIONS 

Based  upon  our  comprehensive  review  of  several  hundred  experimental 
information  sources,  and  the  reading  of  the  abstracts  and  synopses  of 
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more  than  a thousand  others,  it  is  concluded  that  if  the  complete  experi- 
mental information  base  were  made  generally  available,  the  need  for 
wind  tunne.1  testing  would  be  obviated  insofar  as  preliminary  design  and 
advanced  development  of  axisymmetric  or  cruciform  weapons  is  con- 
cerned; this  is  especially  true  as  regards  bodies  of  revolution  with  or 
without  tailfins.  The  amount  of  near -duplication  in  the  information  base 
is  significant,  underscoring  the  lack  of  real,  useful  communication 
between  aeromechanics  practitioners,  and  an  apparent  general  reluctance 
to  pursue  the  historical  information  base  due  to  time  limitations  or  lack 
of  an  effective  approach.  In  recent  years,  high-incidence  wind  tunnel 
testing  has  been  pursued  in  the  context  of  evolving  new  weapons  systems 
and  for  purely  heuristic  purposes,  to  the  extent  that  high-incidence 
technology  has  been  heralded  a3  an  area  of  severe  need,  almost  as  an 
end  in  itself.  The  historical  information  base  shows  that  numerous 
high -incidence  wind  tunnel  tests  have  been  conducted,  over  the  past 
25  years,  and  that  contemporary  aeromechanics  problems  are  in  most 
respects  similar  to  those  treated  and  studied  by  aeromechanics  special- 
ists in  the  1950s. 


iB 


0 

0 

0 

D 


Insofar  as  analytic  methods  are  concerned,  most  of  the  emphasis  has 
been  upon  development' and  extension  of  the  applicability  of  over-simplified 
methods,  wherein  underlying  simplifying  assumptions  are  too  readily 
violated  in  application  of  a certain  method;  instead  of  reducing  the  extent 
of  simplifying  assumptions  and  reformulating  the  problem,  most  analysts 
try  to  extend  analytic  methods  into  regions  where  they  are  not  well -posed 
by  adding  empiricisms  or  by  arbitrary  selection  of  otherwise  unspecified 
boundary  conditions.  Finally,  the  emphasis  upon  numerical  methods 
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associated  with  iterative  solution  using  automatic  computing  machines 
has  led  analyists  away  from  pursuing  more  complete  analytic  specifica- 
tion of  their  methods  to  thus  allow  formulation  and  solution  of  more  com- 
plex, detailed  flow-field  problems  that  would  otherwise  defeat  or  render 
impractical  the  more  numerically -solved  methods. 
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INTRODUCTION 


The  canard  controlled  airframe  has  several  features  which  make  it 
attractive  for  use  in  guided  missiles.  The  fact  that  the  seeker, 
guidance  computer,  servo  system,  warhead  and  propulsion  system  can  be 
located  in  sequence  from  front  to  rear  naturally  tends  to  minimize  the 
number  of  joints  and  the  number  of  electrical  or  hydraulic  lines  which 
must  pass  through  the  warhead  and  the  propulsive  unit.  The  canard  is 
also  a powerful  control  capable  of  trimming  a missile  to  large  angles 
of  attack  and  producing  high  levels  of  maneuverability.  As  an  example, 
these  features  are  very  attractive  for  incorporation  into  a family  of 
modular  weapons. 

However,  there  are  a few  difficulties.  The  canard  airframe  tends 
to  possess  highly  non-linear  aerodynamic  characteristics,  including 
large  induced  rolling  moments,  which  are  complex  functions  of  the  con- 
trol deflections,  angle  of  attack,  roll  attitude  and  Mach  number.  These 
characteristics  have  greatly  complicated  the  complete  six-degree-of 
freedom  simulations  of  missile  motions.  Also,  the  use  of  the  canards 
for  roll  control  by  differential  deflections  has  been  shown,  in  a few 
tests,  to  be  impractical  due  to  large  variation  of  the  roll  control 
power,  even  control  reversals,  with  angle  of  attack  and  Mach  number. 

The  objective  of  the  work  described  in  this  paper  is  to  develop  a 
better  understanding  of  the  induced  roll  characteristics  of  the  canard 
missile  airframe  and  thus  perhaps  stimulate  fresh  thinking  about  ways 
to  alleviate  problems  related  to  roll  control. 
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PROGRAM  OVERVIEW 


In  order  to  meet  the  objectives  of  the  program,  three  separate 
but  related  efforts  have  been  pursued  as  follows: 

A.  Development  of  an  engineering  method  of  predicting 
the  induced  rolling  moments. 

B.  Investigation  of  a- method  for  more  simply  modeling 
the  aerodynamic  characteristics  for  simulation 
purposes . 

C.  Experimental  investigation  of  promising  concepts  for 
alleviating  the  effects  of  large  induced  roll  moments 
and  producing  roll  control. 

The  first  two  items  are  discussed  in  this  paper.  Due  to  financial 
limitations  only  one  concept  for  alleviating  induced  roll  moments 
could  be  investigated  - the  use  of  slots  in  the  canards  and/or  tails. 
That  will  be  the  subject  of  a paper  to  be  presented  by  Mr.  Pete  Daniels 
of  Naval  Surface  Weapons  Center,  Dehlgren  Laboratories. 
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ENGINEERING  PREDICTION 

The  development  of  a method  for  predicting  the  induced  roll  char- 
acteristic8  of  canard  controlled  missiles  was  contracted  to  Nielsen 
Engineering  and  Research,  Inc.  (NEAR)  of  Mountain  View,  California. 

The  method  was  to  be  of  engineering  application  in  nature  and  to 
cover  subsonic  and  supersonic  speeds,  arbitrary  roll  attitudes,  angles 
of  attack  up  to  20  degrees  and  pitch  and  yaw  control  deflections  up  to 
20  degrees  in  any  combination. 

It  is  impossible  to  do  justice  to  the  work  of  NEAR  in  a short  space. 
The  reader  is  urged  to  consult  the  references  at  the  end  of  the  paper  for 
a detailed  description  of  the  prediction  method  and  its  development.  The 
following  is  a very  brief  review  oi  f.ie  work  and  some  of  the  results 
obtained  to  date. 

The  first  step  was  to  assess  the  (at  that  time)  state-of-the-art. 

To  this  end,  NEAR  calculated  the  induced  roll  moments  for  the  Navy  AIM-9L 
Sidewinder  missile,  shown  in  Fig.  1.  Consideration  was  given  to  panel- 
panel  interference  effects  and  primarily,  to  canard  vortex-tail  inter- 
ference effects.  The  results  of  one  such  calculation  are  shown  in  Fig.  2 
As  can  be  seen,  the  results  show  a reasonable  reproduction  of  the  trends 
with  angle  o,f  attack,  for  the  orientation  shown,  but  the  calculated 
magnitudes  are  about  50  percent  of  the  wind  tunnel  data.  As  a result 
of  these  calculations,  it  was  determined  that  difficulties  existed 
primarily  in  the  following  areas: 

A.  Panel-panel  interference  effects,  small  for  the  AIM-9L. 
might  still  be  important  for  other  canard  configurations. 
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B.  The  method  used  to  obtain  a relation  between  the  canard 


span  loading  and  shed  vorticity  needed  experimental 


verification. 


The  effect  of  vortices  shed  from  the  body,  particularly 


aft  of  the  canards,  was  entirely  neglected,  but  was 


considered  important. 


Interactions  between  free  vortices  and  between  bound 


or  free  vortices  and  lifting  surfaces  needed  further 


development . 


In  order  that  these  effects  might  be  better  assessed,  the  next  step  was 


a wind  tunnel  test.  The  model,  shown  in  Fig,  3,  was  supplied  by  the 


Army  Missile  Command  at  Redstone  Arsenal  and  the  tests  were  performed 


by  NASA  Ames  Laboratory.  Tests  were  performed  to  both  Army  and  Navy 


requirements.  The  Navy  portion  of  the  test  encompassed  Mach  numbers  of 


0.8,  1.3  and  1.75,  at  angles  of  attack  from  0 to  24  degrees,  roll  angles 


of  0,  10,  20,  30  and  45  degrees  and  canard  deflections  of  0 and  15 


degrees.  Three  component  force  and  moment  data  were  obtained  for  each 


canard  and  tail  panel  as  well  as  six-component  data  for  the  total  model. 


Vapor  screen  rnd  schlieren  photographs  were  obtained  at  selected  test 


conditions.  NEAR  has  analyzed  the  needed  portions  of  the  force  data  and 


the  vapor  screen  data.  Again,  the  reader  is  referred  to  the  references 


for  more  details  of  the  test.  A report  of  the  test  will  also  be  published 


by  NASA  in  the  future. 


Based  on  the  analyses  of  the  test  data  NEAR  then  completed  the 


method  for  predicting  the  rolling  moments.  The  method  incorporates 
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the  use  of  non-linear  wing  alone  normal  force  Information  for  the 
canard  and  tail  panels.  The  method  accounts  for  the  effects  of  nose 
vortices,  canard  vortices  and  afterbody  vortices.  Vortex  trajectories 
are  computed  to  the  tail  and  the  effects  on  the  tail  are  computed. 
Control  cross  coupling  and  panel-panel  interference  effects  are 
Included. 

As  of  this  time,  the  method  has  been  checked  against  data  to  a 
very  limited  extent.  The  result  of  one  comparison  is  shown  in  Fig.  4. 
As  may  be  seen  the  results  show  fair  agreement.  The  results  of  about 
four  other  check  cases  compared  so  far  show  both  better  and  worse 
agreements.  Checking  and  assessment  of  the  method  will  continue  next 
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SIMPLIFIED  MODELING  OF  AERODYNAMICS 


One  of  the  stumbling  blocks  to  accurate  six-degree-of -freedom  sim- 
ulations is  the  large  increase  in  the  amount  and  complexity  of  the 
aerodynamic  information  which  must  be  input  to  the  computer  to  describe 
the  effects  of  varying  roll  attitude.  The  objective  of  this  part  of 
the  program  was  to  investigate  the  utility  of  a proposed  simplified  way 
of  representing  the  pitch  and  yaw  canard  control  deflections  and  their 
effects  on  the  aerodynamics  of  a canard  controlled  missile. 

This  notation  will  Le  referred  to  as  the  phase  angle  axes  system 
or  PAAS.  The  basic  idea  and  the  notation  used  is  illustrated  in  Fig.  5. 
Note  that  and  <J>^  represent  the  standard  aeroballistic  quantities  of 
total  angle  of  attack  and  aerodynamic  roll  angle.  In  the  same  fashion 
6^  and  <f>g  describe  a total  control  deflection  and  a roll  orientation  of 
that  total  control  deflection.  Note  also  that,  in  a wind  tunnel  test 
and  6^  would  remain  fixed  in  space  relative  to  the  tunnel  axes,  i.e., 
<J>S  would  remain  fixed  while  <t>M  is  varied.  Thus,  the  pitch  and  yaw 

control  deflections  6 and  6 , would  vary  as  the  model  is  rolled.  As 

P y 

will  be  shown  subsequently,  this  definition  of  the  control  deflections 

makes  the  aerodynamic  coefficients  nearly  independent  of  the  missile 

roll  attitude,  at  least  for  the  two  configurations  checked  so  far. 

The  first  test  of  the  concept  was  performed  by  conducting  a wind 

tunnel  test  with  a model  designed  so  that  the  quantities  6 and  <p 

n o 

could  be  directly  set  into  the  model  and  held  constant  while  amd 
<J»^  w»re  varied.  The  tests  were  conducted  in  the  AEDC  tunnel  IT  under 
the  sponsorship  of  the  Air  Force  Armament  Laboratory  at  Eglin  Air  Force 
Base.  The  configuration  tested  is  shown  in  Fig.  6.  Typical  results 
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are  shown  in  Ffgures  7 through  11.  Coefficients  of  normal  force,  side 
force,  pitching  moment,  yawing  moment  and  rolling  moment  are  shown. 

These  results  show  that  the  coefficients  are  nearly  independent  of 
aerodynamic  roll  attitude,  for  fixed  values  of  6 and  d>_  over  the 
range  of  angle  of  attack  tested. 

A second  check  of  the  concept  was  made  by  converting  the.  Sidewinder 
AIM-9L  wind  tunnel  data  to  the  PAAS.  The  missile  configuration  is  shown 
in  Fig.  1.  Typical  results  are  shown  in  Figures  12  through  17.  Fig- 
ures 12,  14  and  16  each  show  coefficients  of  pitching  moment,  yaw  moment 
and  roll  moment  for  conventional  fixed  canard  deflections  for  various 
roll  orientations.  Figures  13,  15  and  17  show  similar  data  converted 
to  the  PAAS.  As  before,  the  PAAS  curves  show  much  less  dependence  on 
the  roll  angle. 

The  ultimate  utility  of  this  concept  depends  of  course  upon  how 
broad  its  application  may  be,  and  from  this  point  on,  that  will  depend 
largely  on  how  many  other  people  will  investigate  the  idea.  At  NWC,  it 
is  planned  to  incorporate  the  PAAS  formulated  aerodynamic  data  for 
Sidewinder  into  a digital  simulation  currently  in  use. 


ISrgggy 


10th  Navy  Symposium  on  Aeroballittics 

Vol.  1 


I J 


if  I" 

II  ii 


;i  u 


REFERENCES 


' 1.  Nielsen  Engineering  & Research,  Inc.  A Study  of  Induced  Rolling 
Moments  for  Cruciform-Winged  Missiles,  by  J.  N.  Nielsen, 

S.  B.  Spangler,  and  M.  J.  Hemsch.  Mountain  View,  Calif.  NEAR, 
December  1973.  (NEAR  TR  61). 


m 

I!  I 


2.  . Test  Report  for  Canard  Missile  Tests  in  Ames  6-  by 

6-Foot  Supersonic  Wind  Tunnel,  by  M.  J.  Hemsch  and  J.  N.  Nielsen. 
Mountain  View,  Calif.,  NEAR,  August  1974.  (NEAR  TR-72). 

3.  . Reduced  Vapor  Screen  Data  from  Canard  Missile  Tests 

in  Ames  6-  by  6-Foot  Supersonic  Wind  Tunnel,  by  M.  J.  Hemsch. 
Mountain  View,  Calif.,  NEAR,  February  1975.  (NEAR  TR  81). 

4.  . The  Induced  Rolling  Moments  of  Cruciform  Wing-Body 

Combinations  as  Influenced  by  Panel-Panel  Interference,  by 

J.  N.  Nielsen,  M.  J.  Hemsch,  and  M.  F.  E.  Dillenius.  Mountain 
View,  Calif.,  NEAR,  November  1974.  (NEAR  TR-75) . 


J 


5.  . Further  Studies  of  the  Induced  Rolling  Moments  of 

Canard-Cruciform  Missiles  as  Influenced  by  Canard  and  Body 
Vortices,  by  J . N.  Nielsen,  M.  J.  Hemsch,  and  M.  F.  E.  Dillenius. 
Mountain  View,  Calif.,  NEAR,  January  1975.  (NEAR  TR  79). 

6.  . Method  for  Calculating  Induced  Rolling  Moments  for 

Cruciform  Canard  Missiles  ac  Angle  of  Attack  up  to  20c . 

M.  J.  Hemsch,  J.  N.  Nielsen,  and  M.  F.  E.  Dillenius.  Mountain 
View,  Calif.,  NEAR.  (NEAR  TR  85).  Also  published  as  NWC 
TP  5761. 

7.  R.  A.  Paulk  - ARO,  Inc.,  "Canard  Control  Study  of  the  Induced 
Roll  Model  at  Mach  Numbers  0.7,  1.15,  and  1.4"  - Final  Report 
for  Period  1^  July  - 12  September  1973  - February  1974. 
AEDC-TR-74-e  - AFATL-TR-74-2 . 


8.  Naval  Weapons  Center.  AIM-9L  Wind  Tunnel  Test  Report,  by 
E.  M.  Piper  and  A.  E.  Brown.  China  Lake,  -Calif.,  NWC, 
October  1972.  (NWC  TN  4063-233). 


1 


O O O 


F1>  □ O 

17  >on  o 

(7  ><>□  o 

{7  > oo  o 

nr  t>  OO  O 
17  > o □ O 

r >00 
v > i&> 
r > cj> 
v te  O 

r <>□  O rt>Ooo  g 


P”  CtG  O 


VO  O'  N> 

O vj  Ui  N O-O- 


o a o *>  v 

o □ o>  t>  v 

o □ O > v 
o □ O 
cr  G£0 


F > 0 O 
F > O O O 

> <>  o o 

O GD 

O O □ 

D 


F>0 □ O § 


VO  ^ ^ NJ 

O vi  Ln  ro  o ■©■ 

• • 

Ln  Ln 


o 


ANGLE  OF  ATTACK 


O 

* 

25 

O 


vf 


VO 

O 


« 

■c* 


r” 


00  i— 


ro 


o*r* 


<£□ 

O <E 

o<o 
a>  □ 
o0  □ 

<$>  □ 

aO  o 


Ooo 

<*D  O 


<JjO 


03 


Od  0 S 


o 

Ov  W * 
O O VO 

O 


"Oth  Navy  Symposium  on  Aeroballistics 

Vol.  1 


PAPER  NO.  3 


I 


ROLL  RATE  STABILIZATION  OF  A CANARD  CONTROLLED 
GUIDED  MISSILE  CONFIGURATION  AT  SUBSONIC  AND 
SUPERSONIC  SPEED 


by 

P.  Daniels 

Naval  Surface  Weapons  Center 
Dahlgren  Laboratory 
Dahlgren,  Virginia 


I 


3* 


Acknowledgement;  Acknowledgement  is  due  Mr.  R,  E.  Meeker  of  the 

Naval  Weapons  Center,  who  suggested  the  study 
and  conceived  and  designed  the  basic  test  con- 
figuration . 


63 


10th  Navy  Symposium  on  Aeroballistics 
Vol.  1 


NOMENCLATURE 
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Canard  pitch  angle 
Canard  yaw  angle 


* 

! Si 


Model  roll  angle 
Angle  of  yaw 

Free  stream  tunnel  velocity 
Spin  rate 

Model  fin  span,  4 in.  (unless  otherwise  specified) 
Canard  slot  area 


Canard  area 


Tail  slot  area 


Tail  area 


Canard  rudder  force 


Canard  elevator  force 
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I . INTRODUCTION 

Guided  missile  systems  can  be  designed  without  active  methods  of 
roll  stabilization,  if  the  induced  rolling  velocity  due  to  maneuvering  is 
sufficiently  low . However , if  the  missile  experiences  large  angles  of 
incidence,  it  may  also  develop  prohibitively  large  roll  rates.  The  canard 
controlled  guided  missile  is  of  particular  interest  at  this  time  because  of 
the  simplicity  of  the  accompanying  guidance  system  . Minimization  of  roll- 
ing velocity  during  maneuver  is  also  desirable . 

(1  2) 

Fin  slots  * have  been  shown  to  be  an  effective  method  for  allev- 
iating the  undesirable  roll  characteristics  of  unguided  cruciform  finned 
missiles  and  it  was  suggested  that  they  might  be  used  to  improve  the  roll 
characteristics  of  guided  missiles  with  canard  controls . Consequently , 
subsonic  and  supersonic  wind  tunnel  tests  were  conducted  at  Edgewood 
Arsenal  and  the  Naval  Surface  Weapons  Center  in  order  to  explore  this 
possibility . This  paper  presents  the  results  of  that  study . 
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II . WIND  TUNNELS  AND  TEST  SPECIMEN 


\ 0^ 


The  test  specimen,  a sting  mounted,  free  rolling  missile  with  cruci- 
form canards  and  tail  fins  was  supplied  by  Naval  Weapons  Center/China 
Lake . The  model  was  designed  such  that  the  canards  could  have  either  a 
fixed  deflection  with  roll  angle  or  could  commutate , e . g . 8^  = _ q cos  «3> , 

6g  = JsJ  ^ _ g sin  4> . The  commutation  feature  is  designed  to  simulate 
active  guidance  in  that  the  canards  provide  a nearly  constant  control  force 
with  missile  roll  angle  in  any  desired  plane.  The  commutation  feature  is 
provided  through  a mechanical  linkage  with  the  model  sting  support.  A 
sketch  of  the  model  giving  pertinent  dimensions  is  shown  in  Figure  1 . A 
photograph  of  the  model  is  shown  in  Figure  2 . 

The  subsonic  free  rolling  test  was  conducted  in  the  28  in . by  40  in . 

(3) 

low-speed  wind  tunnel  at  Edgewood  Arsenal . This  wind  tunnel  has 
continuous  flow  and  is  of  the  induction  type . Maximum  tunnel  speed  is 
about  150  miles  per  hour . 

The  supersonic  wind  tunnel  tests  were  conducted  in  the  Supersonic 

(4) 

Tunnel  No.  1 at  the  Naval  Surface  Weapons  Center/White  Oak.  This 
wind  tunnel  is  of  the  intermittent,  blow  down  type  and  has  a trisonic 
capability . 
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in . SUBSONIC  FREE  ROLLING  TEST  RESULTS 

The  induced  roll  characteristics  of  the  missile  configuration  with 
commutating  canards  was  first  investigated  for  a sequence  of  yaw  angles 
with  the  yaw  control  force  in  the  plane  of  yaw . The  model  was  installed 
in  the  tunnel  such  that; 


[6r]s>  = 


= -20 


deg.,  [Sj 


<£>  = 0 


k 

I I 
t i 


(At  $ = 0 the  canard  elevators  are  yawed  left  resulting  in  a negative  canard 
force  that  is  in  the  direction  of  positive  yaw.  The  canard  elevators  are  un- 
deflected at  = 0 . ) The  resulting  steady-state  rolling  motion  is  shown  in 
Figure  3 . 

Low  roll  rates  exist  for  the  angle-of-attack  region  (-30°  < a < 30°) 
and  are  probably  due  to  aerodynamic  asymmetry.  At  high  angles -of-attack 
the  missile  can  roll  in  either  direction  and  the  roll  rate  can  increase  con- 
siderably. The  bars  indicate  stable  roll  trim  points,  e.g. , when  the  motion 
is  stopped  it  will  remain  stopped . 

The  induced  roll  characteristics  of  the  missile  configuration  with 
commutating  canards  producing  a pitch  control  force  (Fg  is  negative) 
normal  to  the  plane  of  yaw  ^ |®r]  <t>  - 0 = = 0 = "20  deg.)  is 

presented  in  Figure  4 . Fairly  large  roll  rates  now  exist  throughout  the 
angle-of-attack  range.  The  roll  rate  in  the  regie .i  -30c  * < a < 30°  can  be 
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interpreted  as  being  produced  by  asymmetric  lift  on  the  canards  due  to 
sideslip.  (No  explanation  of  the  roll  reversal , -30°  < a < 30°,  is 
suggested . ) The  data  at  high  angles  of  attack  in  Figures  3 and  4 indi- 
cates an  instability  in  spin  similar  to  "roll  speed-up"  and  is  probably 
due  to  vortex  shedding  from  the  tail  fins  and  canards . 

In  an  effort  to  understand  the  roll  producing  interaction  between 
canard  and  tail  fins , tests  were  conducted  with  the  tail  removed . The 
roll  history  for  the  tailless  missile  is  presented  in  Figure  5 . A compari- 
son of  Figures  5 and  4 indicates  that  the  roll  torque  produced  by  the 
tail  can  reinforce  or  reduce  the  roll  torque  due  to  the  canards  depend- 
ing upon  the  angle  of  yaw . 

Figure  6 shows  the  effect  of  a large  canard  slot  (c/C  = 0.42)  on 
the  rolling  motion  of  the  test  specimen  with  tail  removed . The  canard 
control  force  is  still  normal  to  the  angle  of  yaw  and  no  rolling  motion  is 
observed  between  -60°  < a < 60° . However , one  might  suspect  that 
the  canard  is  ineffective  due  to  the  large  slot  size . In  an  effort  to  crudely 
assess  the  canard  effectiveness,  a slotted  tail  was  installed.  Figure  13 
shows  that  the  model  with  extremely  large  canard  slots  still  has  a signi- 
ficantly large  roll  rate . This  effect  suggests  that  the  canard  with  large 
slot  (c/C  = 0.42)  is  still  effective  since  it  produces  significant  down- 
wash  and  consequently  must  produce  lift. 

Figure  14  shows  the  effect  of  systematically  reducing  the  slot  size 
for  the  missile  with  the  tail  removed . Thus,  when  c/C  is  as  small  as  0.23 
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the  roll  rate  can  be  fairly  well  controlled . It  was  expected  that  further 
optimization  of  the  canard  slot  size  and  location  was  possible. 

At  this  point  it  was  obvious  that  the  body  could  be  roll  rate  sta- 
bilized provided  that  a tail  configuration  could  be  found  which  would 
minimize  the  interaction  between  the  tail  and  the  canards . 

Slotting  the  tail  fins  eliminated  the  instability  of  spin  at  high 
angles  of  attack.  However  when  used  in  combination  with  slotted  canards, 
roll  rates  at  low  angles  of  attack  were  not  sufficiently  reduced . Conse- 
quently, other  tail  configurations  were  tested. 

Varying  the  number  of  tail  fins,  interdigitating  tail  end  canards, 
increasing  the  distance  between  tail  fins  and  canards,  and  free  spinning 
the  tail  fins  all  had  a negligible  effect  on  the  steady  state  roll  rates . 
However,  two  tail  configurations  were  tested  that  showed  considerable 
promise.  Figures  9 and  10  show  the  steady  state  roll  rates  for  the  guided 
missile  configuration  with  canard  slots  (c/C  = 0.23)  and  ring  or  flared 
tail.  Roll  rates  are  well  stabilized  up  to  high  angles  of  attack. 

The  combination  of  slotted  canard  and  axisymmetric  tail  is  unique, 
as  shown  in  Figure  11,  since  the  combination  of  solid  canards  and  axi- 
symmetric tail  produces  significant  roll  rates . 

Figure  12  shows  photographs  of  both  configurations  that  were 
successfully  roll  stabilized  at  a velocity  of  60  miles  per  hour.  The 
thickened  aft  section  of  the  model  was  the  result  of  the  free  spinning  tail 
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modification  and  was  not  changed  for  the  remainder  of  the  study.  The 
tail  span  we s consequently  increased  to  4.75  inches. 

Further  testing  showed  that  a modified  slot  with  a 20%  slot  size 
(c/C  = 0.20)  did  not  degradate  the  roll  stability  at  a tunnel  velocity  of 
60  miles  per  hour . The  new  configurations  were  then  tested  at  the  maxi- 
mum tunnel  speed  of  150  miles  per  hour . The  results  cf  these  tests  are 
shown  in  Figures  13  and  14 . Slight  velocity  effects  are  noted . Some  very 
low  roll  rates  were  recorded  that  may  have  been  hidden  by  the  bearing’ 
friction  at  the  lower  velocity.  It  should  be  noted  that  originally  the  test 
could  not  be  run  at  high  velocity  because  the  large  model  roll  rates 
caused  the  canards  to  shed  from  the  model . 


hi  ~ i r-n-^^n— 


f**CT 


— . « 


10th  Navy  Symposium  on  A»roballiitic$ 


Vol.  1 


SUPERSONIC  TESTS 


Free  rolling  wind  tunnel  tests  were  conducted  at  NSWC/WO  in  order 
to  study  roll  rate  stabilization  of  the  guided  missile  configurations  at  high 
subsonic  and  supersonic  speed.  The  angle-of-attack  range  was  limited 
to  ± 40  degrees  due  to  the  test  section  size  limitation.  Data  was  obtained 
at  Mach  numbers  of  0 .8 , 2.03  and  3.02.  It  should  also  be  noted  that 
dynamic  pressure  could  not  be  held  constant  over  the  Mach  number  range. 
This  would  have  helped  to  minimize  the  effect  of  variation  in  bearing  friction . 

A comparison  of  the  steady  state  roll  rates  of  the  basic  configuration 
at  Mach  numbers  of  0 .08,  0.8,  2.0,  and  3.0  are  presented  in  Figures  15 
and  16  for  the  cases  where  the  canard  control  force  was  in  the  plane  of 
yaw  and  perpendicular  to  the  plane  of  yaw . 

Roll  rates  are  small  for  angles  of  yaw  up  to  ± 35  degrees  for  all 
Mach  numbers  tested  when  the  canard  control  force  is  in  the  plane  of  yaw . 
The  reduced  frequency  (Pd/2V)  at  the  higher  Mach  numbers  (.80,  2.03, 

3.02)  are  generally  less  than  for  the  very  low  Mach  number  (.080)  when 
the  canard  control  force  is  perpendicular  to  the  plane  of  yaw . 

During  the  subsonic  tests  at  Edgewood  Arsenal,  roll  rate  stabili- 
zation was  accomplished  by  removing  the  cruciform  tail  and  stabilizing  the 
forbody  with  canard  slots.  The  axisymmetrie  tail  (flare  or  ring)  provided 
stability  without  destabilization  of  the  roll  rate.  Data  obtained  at  NSWC/ 

WO  indicated  that  the  configuration  with  optimum  slot  and  ring  was  less 
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effective  at  a Mach  number  of  0.80.  At  supersonic  speeds  this  configu- 
ration was  totally  ineffective. 

Roll  rate  stabilization  at  higher  Mach  numbers  was  attempted  by 
removing  the  ring  tail  and  increasing  the  slot  size.  Significant  roll  rates 
were  observed  even  for  large  slot  sizes  (Figure  17) . Figure  18  further 
illustrates  that  although  slots  still  reduce  the  roll  rate  at  supersonic  speeds 
the  dramatic  roll  rate  stabilization  obtained  at  low  subsonic  speed  is  no 
longer  present. 

Based  on  these  data  it  appeared  that  the  axisymmetric  tail  and  slotted 
canards  would  not  be  beneficial  roll  rate  stabilizers  at  high  speed . 

Paradoxically,  the  cruciform  tail  that  had  a destabilizing  effect  at 
subsonic  speed  was  found  to  have  a stabilizing  effect  at  supersonic  speed . 
Figure  19  compares  the  basic  configuration  with  solid  canar  ds  to  the  tail 
off  configuration  with  solid  canards . Reduction  in  roll  rate  is  probably 
due  to  the  roll  lock-in  moment ^ induced  by  the  cruciform  tail.  A fur- 
ther reduction  in  roll  rate  of  the  cruciform  tail  configuration  is  obtained 
by  canard  slots  (Figure  20) . 

It  was  felt  that  the  possible  loss  in  effectiveness  of  the  canard  slots  to 
roll  rate  stabilize  the  vehicle  at  supersonic  speeds  might  be  due  to  blockage 
of  the  airflow  through  the  canard  slots.  Consequently,  the  nose  of  the  con- 
figuration was  bluntea  to  reduce  the  Mach  number  in  the  region  of  the 
canards.  In  addition  to  reducing  the  local  Mach  number,  the  shorter  nose 
also  provided  less  shielding  of  the  leward  canard  in  yaw . A reduction  in 
roil  rate  was  noted  at  the  lower  angles  and  this  result  is  presented  in 
Figure  21 . A photograph  of  the  blunt  nose  model  is  presented  in  Figure  22 . 
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IV.  CONCLUSIONS 

The  following  conclusions  were  made  based  on  the  results  of  this 
study: 

1 . Rolling  velocity  of  the  model  is  extremely  dependent  upon  angle 
of  incidence  and  the  direction  of  the  canard  control  torque. 

2 . At  low  angles  of  attack,  roll  rates  are  higher  when  the  canard 
control  force  is  perpendicular  to  the  plane  of  yaw . This  roll  phenomenon 
is  produced  by  the  canards . 

3 . At  high  angles  of  attack  and  subsonic  speed , roll  rates  are  fairly 
independent  of  the  canard  deflection  and  are  probably  due  to  vortex  shed- 
ding from  the  fins . 

4 . At  subsonic  speed  canard  slots  are  ineffective  in  controlling  roll 
rate  if  cruciform  tail  fins  are  present  because  of  interference  effects . 
Canard  slots  are  effective  roll  stabilizers  if  used  in  the  presence  of  a 
ring  tail  or  flare  tail . 

5 . At  supersonic  speeds  roll  rates  were  significantly  reduced  by 
combining  cruciform  fins  with  slotted  canards . Nose  blunting  further 
reduced  the  observed  rates . 

V.  COMMENT 

Six  component  force  tests  are  presently  being  conducted  to  determine 
the  effectiveness  of  slotted  canards  and  no  data  is  available  at  this  time. 
However,  data  taken  previously  indicates  that  small  slots  (of  the  order 
of  25%  fin  area)  inserted  in  missile  fins  do  not  appreciably  degradate  lift 
or  restoring  moment.  <l’6> 
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SKETCH  OF  FREE  ROLLING  MODEL  WITH  COMMUTATING  CANARDS. 
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FIGURE  3. 

STEADY  STATE  ROLL  RATE  VERSUS  ANGLE  OF 

YAW  FOR  MODEL  WITH  COMMUTATING  CANARDS 
PRODUCING  NOSE  LEFT  CONTROL  FORCE  (C/C-O, 
t/T*0) 
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FIGURE  7. 


STEADY  STATE  ROLL  RATE  VERSUS 
ANGLE  OF  YAW  FOR  MODEL  WITH 
COMMUTATING  CANARDS  PRODUCING  NOSE 
DOWN  CONTROL  FORCE  ( C/C  = t/T  = 0.42  ) 
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FIGURE  8. 


STEADY  STATE  ROLL  RATE  VERSUS  ANGLE  OF 
YAW  FOR  MODEL  WITH  COMMUTATING  CANARDS 
PRODUCING  NOSE  DOWN  CONTROL  FORCE  ( TAIL 
REMOVED,  VARIABLE  CANARD  SLOT) 
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STEADY  STATE  ROLL  RATE  VERSUS  ANGLE  OF  ATTACK  FOR  MODEL  WITH 
COMMUTATING  CANARDS  PRODUCING  NOSE  LEFT  CONTROL  FORCE  AND  NOSE 

DOWN  CONTROL  FORCE  {c/c  = 0.23,  RING  TAIL  ) 
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figure  15.  Comparison  of  Steady  State  Roil  Rates  Versus  Mach 

Number  fbr  Basic  Configuration  with  Commutation  Canards 
Producing  Nose  Lef  t Control  Force. 
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FIOURE  16.  Comparison  of  Sttody  Stats  Roll  Rafts  Versus  Mach 
Number  for  Basic  Configuration  with  Commutation 
Canards  Producing  Nose  Down  Control  Force 
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FI3URE  17.  Effect  of  Mach  Number  on  Steady  State  Roil  Rate  Versus 
Angle  of  Yaw  for  Model  with  Commutating  Canards 
Producing  Nose  Down  Control  Force  (Tail  Removed,  c/C  * 0.27) 
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FIGURE  18.  Effects  of  Slot  Size  at  Supersonic  Speed  on  the  Steady 
State  Roll  Rate  Versus  Angle  of  Yaw  for  Model  with 
Commutating  Canards  Producing  Nose  Down  Control  Force 
(c/C  « 0,  .2,  .23,  and  Tail  Off) 
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FIGURE  19.  Comparison  of  Steady  State  Roll  Rate  Versus  Angle  of 
Yaw  for  Basic  Configuration  with  Solid  Commutating 
Canards  Producing  Nose  Down  Control  Force  (Tail  On  and 
Tail  Off) 
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FIGURE  20.  Comparison  of  Steady  Stats  Roll  Rats  Versus  Angle  of  Yaw 
'or  Basic  Configuration  With  and  Without  Slotted 
Commutating  Canards  Producing  Nose  Down  Control  Fores 
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FIGURE  21.  Effect  of  Nose  Bluntness  on  Steady  State  Roll  Rate  Versus 
Angle  of  Yaw  for  Model  with  Commutating  Canards  Producing 
Nose  Down  Control  Force  (c/C  * .28,  Cruciform  Tail,  Blunt 
Nose) 
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ABSTRACT 


A computer  program  has  been  written  for  supersonic 


cruciform  wing-body  combinations  under  combined  pitch  and 


vaw.  The  program  is  based  on  supersonic  potential  flow 


theory  and  involves  line  sources  and  doublets  to  model  the 


body  and  uses  constant  u-velocity  panels  to  represent  the 


wing  and  to  account  for  wing-body  interference.  The  wing 


surfaces  or  fins  can  be  of  general  planform  and  may  be  de- 


flected. Loading  pressures  are  determined  from  the  flow 


field  by  means  of  the  Bernoulli  pressure  equation  so  that 


significant  nonlinear  effects  such  as  induced  roll  can  be 


calculated.  The  computer  program  is  designed  to  study  high 


angle-of-attach  characteristics  such  as  calculating  the 


effect  of  body  nose  vortices  on  canard  fin  loading.  It  can 


also  determine  the  suction- force  distributions  along  the  lead- 


ing edges  and  side  edges  of  the  fins.  These  quantise  are  useful 


in  setting  up  the  separation  vortex  pattern  by  the  Polhamu: 


analogy.  It  also  provides  a means  for  determining  the  load- 


ing on  the  tail  section  due  to  trailing  vortices  from  the 


body  nose,  canard  fins  and  missile  afterbody.  The  program 


has  been  used  to  develop  and  check  engineering  methods  de- 


signed specifically  to  calculate  rolling  moments.  Comparisons 


between  predicted  and  experimental  results  for  wings  alone 


and  for  a cruciform  wing-body  combination  for  several  Mach 


numbers  indicate  good  agreement. 
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LIST  OF  SYMBOLS 


aspect  ratio 

'v/W':  - 1 

semis  par.  of  h wing  surface  or  fin,  lone  ah  measured 
from  root  chord  to  tip;  figure  1 

length  of  panel  chord  passing  through,  centroid  of 
constant  u-velocity  panel 

normal-force  coefficient  acting  on  a canard  fin, 
N/qSref  , see  sketch  in  section  3.5  for  sign 
convention 

rolling-moment  coefficient  of  canard  fin  measured 
about  body  axis,  see  sketch  in  section  3.5  for 
sign  convention 

pressure  coefficient,  (p  - pOT)/c 

normal- force  coefficient,  ST/gS,.  t 

lift  coefficient,  L/qSrej 

♦ 

rolling  moment,  Mp/ qS re £ £ r 2 f , posiaive  clockwise 
when  viewed  from  rear 

force  acting  in, the  plane  of  the  wing  surface  in 


the  positive 


w 


direction. 


force  acting  in  the  plane  of  the  v/ing  in.  the 
positive  yw  direction 

lift  force 

specified  reference  length 
free -stream  Mach  number 

rolling-moment  measured  about  body  axis 
force  normal  to  fin  planform 
local  static  pressure 
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p 


03 


q 


^ref 

V 

v 

N 


V 

CO 


free-stream  static  pressure 

dynamic  pressure  based  on  free-strocim  conditions 
width  of  constant  u-velocity  panel 
specified  reference  area 
resultant  flow  velocity 

perturbation  velocity  normal  to  body  interference 
panel 

free-stream  velocity  vector 


u,v,w  perturbation  velocities  nondimens ioaalized  with 

Vo,  in  the  x,y,  2 directions  and  associated 
with  the  semi- inf inite  triangle,  figure  2, 
except  in  section  2.5  where  u,v,w  are  in 
wing-body  coordinate  system  x3>y3,z3 


u,v,w 


u 


w’ 


v 


w 


w 

w 


x,y,z 


x. 


perturbation  velocities  nondimens ionalized  with 
Vcq  in  the  wind  axis  system,  u along  free-stream 
direction,  v positive  to  the  right  and  w 
positive  upwards 

perturbation  velocities,  nondimens ionalized  with 
VOT  in  the  x.//3yw,zw  directions  associated  with 
the  wing  surfaces,  figpre  1 

coordinate  system  associated  with  semi- inf inite 
triangle,  figure  2.  Origin  is  at  apex,  x axis 
coincident  with  side  edge  in.  downstream  direction, 
y axis  positive  to  the  right  when  looking  up- 
stream, and  z axis  positive  in  upwards  direction. 
Triangle  lies  in  x,y  plane. 

body  rectangular  coordinate  system  with  origin  at 
body  nose,  figure  4;  xQ  axis  positive  downstream 
along  centerline;  y3  and  zs  axes  aligned  with 
fins  such  that  y3  positive  to  right  when  look- 
ing upstream  and  z3  positive  upwards  for  zero 
roil  angle 
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wing  coordinate  system  with  origin  .locate;  ox; 
.loading  edge  of  wing  root  chord,  figure  i.  If 
wing  is  attached  to  body,  the  origin  is  moved 
to  the  body  con oer line.  xfl-  axis  back  in 
s traamwise  direction,  yw  positive  to  the  right 
when  looking  forward,  and  Zy  positive  in 
upwards  direction.  Horizontal  wing  lies  in 
*W»yw  plane 

angle  of  pitch,  degrees 

angle  of  sideslip,  degrees 

ratio  of  specific  heats,  7-  1.4  for  alt 

angle  between  body  centerline  and  free-s cream 
direction,  'included  angle",  degrees 

fin  deflection  angle,  degrees 

roll  angle,  positive  in  clockwise  direction  when 
looking  upstream 

leading-  or  trai Ling-edge  sweep  angles,  degrees 
sweep  angle  of  bound  leg  of  horseshoe  vortex 

circulation  strength  of  one  horseshoe  vortex 
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cen. 

centroid 
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induced 

N 

normal 

LE,  ie 

wing  leading  edge 

T3,  te 

wing  trailing  edg 

roiling  moment 
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SUPERSONIC  LIFTING-SUBFACE  PROGRAM 
FOR  CRUCIFORM  MISSILES  WITS 
APPLICATIONS  TO  INDUC . 0 ROLL 


Marnix  F.  E.  Dillenius,  Jack  M.  Nielsen, 
and  Michael  J.  Hemsch 
Nielsen  Engineering  & Research,  Inc. 
Mountain  View,  California 


1.  INTRODUCTION 


In  recent  years,  there  has  been  renewed  interest  in 


missile  aerodynamics  particularly  in  the  areas  of  high  angla- 


of-attack  characteristics  and  other  nonlinear  behavior  such 


as  induced  roll.  Many  missile  configurations  of  interest 


employ  cruciform  wing-body  configurations  in  either  the  canard 


section  or  tail  section  or  both.  Better  methods  for  calcula- 


tion of  the  aerodynamics  of  such  configurations  are  needed. 


Until  recently,  methods  for  calculating  missile  aero- 


dynamics have  been  dominated  by  slander-body  cheery.  The 


need  for  a rational  and  accurate  prediction  method  applicable 


to  configurations  with  general  fin  shapes  has  long  been 


unfilled.  Although  airplane  lifting-surface  computer  programs 


have  been  developed  by  several  investigators  (refs.  1,  2,  and  3) , 


nonplanar  programs  applicable  to  cruciform  missiles  have  not 


been  available  until  now.  To  be  useful,  such  programs  must 


be  able  to  compute  the  surface  loadings  and  flow  fields 


generated  by  modern  high  performance  cruciform  missiles. 


Essentially,  this  means  that  the  programs  must  handle  the 


following  conditions : 


( <•> ) Comb  1 tied  ancle  of  attack  and  sideslip  with  unequal 


tin  cklll action.  r’h is  capability  allows  the  user  to  determine 
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loadings  for  actual  control  situations. 


(b)  Leading  and  Side-Edge  Vortex  Separation.  At  high 


angles  of  attack  (o  > 10"),  most  fin  planforms  shed  either 


leading  or  side-edge  separation  vortices.  Recently,  Polhamus 


developed  an  analogy  which  helps  in  estimating  the  strength 


of  these  vortices  (ref.  4).  Since  his  method  requires  the 


determination  of  the  leading-  and  side-edge  suction  forces. 


the  program  should  have  this  capability. 


(c)  Nose-Canard  Fin  Interference.  At  moderate  angles 


of  attack,  separated  flow  can  be  generated  by  the  missile  nose. 


This  flow  can  strongly  influence  the  loading  on  the  canard 


fins.  Hence,  the  computer  program  must  be  able  to  determine 


the  effects  of  the  vortices  on  the  fin  loadings. 


(d)  Vortex-Tail  Interference.  An  important  source  of 


interference  is  that  caused  by  the  canard  trailing  vortices 


and  body-separation  vortices  as  they  influence  the  tail.  The 


usual  method  of  tracking  these  vortices  requires  the  approxi- 


mations of  slenderness  and  incompressibility.  To  remove  these 


restrictions  requires  the  use  of  the  wave  equation.  Hence, 


the  program  should  be  able  to  track  the  interfering  vortices 


from  the  regions  where  they  originate  to  the  tail  using  the 


wave  equation. 


A computer  program  possessing  all  of  the  above  capabili- 


ties will  obviously  be  very  useful  in  developing  and  checking 


simpler  engineering  methods  for  high  angla-of-attack  missile 


aerodynamics. 
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Under  the  consistent  sponsorship  of  the  Office  of  Naval 

4. 

Research,  " Nielsen  Engineering  & Research,  Inc.  has  been 
actively  involved  in  a continuing  effort  to  develop  a com- 
puter program  to  calculate  the  aerodynamic  characteristics 
of  cruciform  missiles  at  combined  pitch  and  yaw  conditions. 
The  work  was  initiated  under  the  direction  of  Mr.  David 
Siegel.  The  initial  effort  is  documented  in.  reference  5. 

It  is  the  purpose  of  this  paper  to  describe,  the  analysis 

contained  in  the  computer  program  in  general  terms  and  to 

1 

present  comparisons  with  experimental  data  for  wings  alone 
and  for  a cruciform  wing-body  combination. 

An  augmented  version  of  the  program  was  used  to  generate 
data  required  by  the  engineering  methods  in  missile  aero- 
dynamics developed  for  the  Naval  Weapons  Center  published  in 
reference  6.  This  reference  also  contains  the  most  recent 
computer  program  description  as  an  appendix.  Detailed 
accounts  of  the  basic  theoretical  method  are  given  in 
reference  5. 

2.  ANALYTICAL  PROCEDURE 


The  methods  summarized  below  for  determining  the  aero- 
dynamic characteristics  of  a cruciform  wing-body  configuration 
in  supersonic  flow  are  based  on  potential  flow  theory.  First, 
the  representation  of  the  wing  surfaces  or  fins  in  terms  of 
constant  u- velocity  panels  is  described.  After  a short 
discussion  of  the  body  flow  model,  which  is  a superposition 


OMR  Co::  ..r  set  N00014-74-C-0050 , Task  NR  215-226,  Commander 
P.  R.  Rite,  Scientific  Officer. 
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of  fundamental  solutions,  ic  will  be  shown  how  the  cruciform 
wing  and  body  potentials  ctre  combined,  taking  full  aco.tr.: 
of  mutual  in terforence.  Then  a description  is  given,  of  the 
nonlinear  pressure  relationship  used  in  the  calculation  of 
the  individual  fin  loadings. 

2.1  Finite  Element  Method  for  V7ings  Alone 

The  planform  of  each  wing  surface  or  fin  is  divided 
into  many  trapezoidal  area  elements  each  with  a uniform  but 
unknown  axial  velocity  over  its  area.  These  area  elements 
are  called  constant  u-velocity  panels.  The  computer  program 
lays  cut  these  panels  on  the  planar  wing  surfaces  or  fins 
taking  account  of  the  following  geometric  parameters. 

Leading-edge  shape:  Straight  line  which  maybe  swept. 
For  wing-body  combinations  the  program  allows  for  breaks  in 
sweep. 

Trailing- edge  shape:  Straight  line  wh.'ch  .may  be  swept. 
For  wing-body  comb  ■•.nations  the  program  allows  for  breaks  in 


sweep. 

Taper:  Uniform,  unless  there  are  breaks  in.  sweep. 
Mean  camber  surface:  Planar. 

Tips:  Straight. 

Dihedral:  None. 

Thickness : Zero . 

The  following  discussion  applies  to  the  case  of  zero 
sideslip.  Special  care  must  be  taken  with  planar  wings  in 
sides! wr  as  will  be  discussed  in  section  3.3. 
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Figure  i shows  the  pianform  of  one  wing  surface  or  fin. 
The  side  edges  of  the  constant  u- velocity  panel*  are  always 
taken  parallel  to  the  frse-srream  vector,  and  the  leading 
e\nd  trailing  edges  of  the  panel  are  usually  swept. 

These  edges  are  called  subsonic  or  supersonic  depending  on 
whether  or  not  the  component  of  the  free-stream  velocity 
perpendicular  to  the  edge  is  subsonic  or  supersonic*  Each 
constant  u-velocity  panel  contains  a control  point  at  the 
95-percent  chord  which  passes  through  the  panel  centroid. 

The  f low  tangency  condition  applied  at  these  points  gives 
rise  to  a set  of  simultaneous  equations  if  the  solution  for 
a constant  u-velocity  panel  is  known. 

The  solution  for  the  constant  u-velocity  panel,  such 
as  the  crosshatched  one  shown  in  figure  1,  is  obtained 
through  a superposition  scheme  of  the  solutions  for  four 
semi-infinite  triangular  shapes  with  their  apexes  at  each 
of  the  corners.  The  solution  to  the  wave  equation  for  a 
semi- infinite  triangle  subject  to  a -jump  condition  in  axial 
(or  u)  velocity  is  derived  in  reference  1 by  woodward.  The 
procedure  is  summarized  and  its  solution  characteristics  are 
discussed  in  reference  5.  The  layout  of  the  semi- infinite 
triangle  with  a subsonic  leading  edge  and  its  relationship 
to  the  free-stream  Mach  cone  are  shown  in  figure  2.  Induced 
upwash  w is  always  singular  on  the  side  edge  and  on  the 
leading  edge  if  in  i.s  subsonic.  The  perturbation  velocity 
components,  u,v,w,  become  zero  on  the  Mach  cone.  The 


We  will  refer  to  the  individual  wings  or  tails  as  fins  and 
use  the  word  "panel"  to  apply  to  the  constant  u-velocity 
panels  exclusively. 
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superposition  sen  one  for  cv;  3 cases  is  shown  in  figure 
Those  panels  may  have  swepcback,  swept  forward,  or  mixed 
leading  and  trail  mg  edges. 

With  die  induced  veloci  cv  expressions  for  the  panels 
known , it  is  possible  to  formulate  the  influence  of  a 
constant  u-velocity  panel  of  unknown  strength  at  any  control 
point  accounting  for  the  region  of  influence  inherent  in 
supersonic  flight.  3y  using  the  flow  tangency  cer.diton  and 
by  considering  interactions  among  all  panels  making  up  the 
cruciform  or  planar  wing , there  results  a set  of  simultaneous 
equations  from  which  rhe  unknown  panel  strengths  can.  be 
determined.  The  flow  tangency  condition  states  that  there  is 
no  flow  through  the  fin  surfaces  at  each  control  point. 

2.2  Leading  Edge  and  Side  Edge  Suction  Forces 

If  the  s trencth.s  or  the  cons  tant  u-ve  loci  tv  panel  3 on 


the  fin  are  assumed  to  be  known,  it  is  possible 


rSDi-HC  2 


these  singularities  by  another  type  of  singularity  in  a 
scheme  to  evaluate  the  suction  forces.  Specifically,  the 
panel  strengths  can  be  converted  into  equivalent:  horseshoe 
vortices  lying  in  the  trapezoidal  panels.  The  bound  portions 
of  each  horseshoe  passes  through  the  panel  centroid  'while 
the  trailing  legs  extend  in  the  strearawise  direction  as  shown 
in  the  following  sketch. 


raea  J-lBEST  mcricim 

COPi  BURNISHED  XODDQ 


107' 


The  aerodynamic  forces  acting  on  the  filaments  of  the 
horseshoe  vortices  can  be  calculated  by  applying  the  Kutf.a- 
Joukowski  theorem.  For  example,  the  in-plane  force  acting 
normal  to  the  bound  leg  shown  in  the  sketch  is  proportional 
to  the  product  of  the  net  upwash  at  the  panel  centroid  times 
the  vortex  strength.  The  net  upwash  is  the  sum  of  the  free- 
s bream  component  VMsin  a and  the  sum  of  the  perturbation 
upwash  velocities  induced  by  the  constant  u-velocitv  panels. 
The  axial  and  side  force  components,  £FX  and  dFy,  are  then 
calculated  for  each  panel  and  summed  over  all  the  panels 
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covering  th--  wing  surface  or  c in  to  g i.ve  iu-plana  forces 
F..  and  F.r.  For  further  details,  refer  to  .reference  5. 

It  should  be  noted  that  the  in-p Lane  cor  coo , F.;  anu  >.■’ 
must  appear  at  the  edges  of  the  fin  since  the  fin  surzace 
cannot  sustain  in-plane  forces  in  lifting-surface,  theory. 

The  trailing  edge  has  no  singularities  by  virtue  or  the  Kutta 
trailing-edge  condition,  if  subsonic,  and  in  no  event  If 
supersonic.  Th*  s,  Fx  and  F..  appear  either  as  leading-edge 
or  side-edge  suction  forces.  In  the  case  of  no  side  edge 
and  a straight  trailing  edge  as  for  a delta  wing,  the  vector 
sura  of  Fx  and  Fy  must  be  normal  to  the  leading  edge.  The 
distribution  of  leading-edge  and  side-edge  suction  rorces 
can  thus  be  completely  determined  by  the  computer  program. 

At.  high  angles  of  attack,  the  Poihamus  vortex-lift 
concept  advanced  in  reference  4 states  that  the  additional 
lift  due  to  flow  separation  along  the  leading  ana  side  edges 
can  be  obtained  from  the  suction  along  the  edges.  Further- 
more, if  the  suction  distribution  is-  known,  along  the  leading 
edge,  then  the  s panwise  location  of  the  ieaamg—  edge  separa- 
tion vortex  can  also  be  calculated.  For  tins  v/itn  supersonic 
leading  edges,  the  leading-edge  suction  will  be  zero,  and 
there  is  no  vortex  lift. 

2.3  Flow  Model  for  Body  Alone 

The  potential  flow  method  used  to  represent  the  axisym— 
metric  body  in  supersonic  flow  makes  use  of  a distribution 
of  lire  sources  (cone  solutions)  and  line  doublets  on  the 
body  center’ ins  to  account  for  volume  and  ingle  of  inciaonc  ; 
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ef Sects,  respectively.  The  strengths  of  these  singularities 
are  determined  from  the  flow  tangency  condition  applied  at 
control  points  on  the  body  surface.  The  computer  program 
makes  use  of  the  fact  that  this  problem  can  be  split  into 
an  axial  and  crossflow  part  which  can.  be  treated  separately. 

It  also  takes  advantage  of  the  fact  that  the  strengths  of 
the  body  singularities  can  be  determined  in  a s'cep-by-step 
method  which  is  characteristic  of  solutions  to  the  wave 
equation.  Successive  steps  do  not  influence  those  portions 
of  the  upstream  flow  which  have  already  been  solved.  Theo- 
retical details  are  given  in  reference  5. 

The  computer  program  described  here  is  patterned  after 
the  body  modeling  program  associated  with  reference  3.  It 
has  been  arranged  to  handle  the  following  body-nose  configurations. 

a.  Parabolic  nose 

b.  Sears-Haack  nose 

c.  Tangent  ogive  nose 

d.  Ellipsoidal  nose 

e.  Conical  nose 

The  first  and  fourth  categories  result  in  blunt  noses. 

The  body  flow  modeling  scheme  effectively  modifies  the  nose 
into  a point.  In  all  cases,  the  nose  Is  followed  by  a 
cylindrical  part  of  the  body. 

2.4  Flow  Model  for  Cruciform  or  Planar  Wing-Body  Combination 
ir>.  Supersonic  Flow 

The  methods  of  modeling  the  wing  alone  and  body  alone 
have  b s r.  gi'ron.  The  method  for  account: Lug  tor  mutual 

interference  between  a wing  and  boay  must  now  be  addressed. 
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The  following  method  is  used.  A.  cylindrical  shell  o cons  tar.  ■ 
u- velocity  panels  is  constructed  to  cover  the  length  ..  long 
the  bodv  measured  from  the  leading  edge  of  fin  roue  chord  us 
far  downstream  ay  the  body  loading  is  desired.  A typical 
layout  to  accounc  for  interference  is  shown  in  figure  4 for 
one  cruciform  fin  and  one  quarter  of  the  body.  This  layout 
is  sufficient  for  determining  fin  loads  for  fins  v ith  super- 
sonic trailing  edges.  For  fins  with  subsonic  edges,  the  body 
shell  must  be  extended  rearward. 

The  layout  shown  in  figure  4 is  also  used  for  combined 
pitch  and  yaw.  In  this  case  the  wave  equation  in  body  axes 
rather  than  wind  axes  is  valid  within  the  framework:  of  super- 
sonic linear  theory.  However,  it  is  necessary  to  use  the 
proper  nonlinear  pressure-velocity  relationship  in  deter- 
mining forcco  and  moments.  In  this  fashion  the  side  edges 
of  the  control  panels  are  always  parallel  co  the  axis  or  the 
Mach  cone  and  the  singularities  along  -he  side  edges  do  not 
cross  the  control  points  at  any  angle  of  attach  and  sideslip. 
The  same  panel  layout  can  thus  be  used  for  all  angles  of 
attack  and  sideslip. 

Once  the  body  interference  panels  are  laid  out,  the 
interference  account  proceeds  as  follows.  The  three-dimen- 
sional source  and.  doublet  singularities  used  to  model  the 
body  alone,  as  described  above,  induce  perturbation  veloci- 
ties v ; , w • at  tne  control  points  distributed  over  the 
wing  surfaces  or  firs.  These  velocities  arc  then  included 
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s tacos  that  the  sum  of  the  perturbation,  velocities  induced 
by  all  constant  u--.  aiccity  panels  normal  to  the  body  surface 
must  be  zero.  Effects  of  both  the  constant  u-velccity  panels 
laid  out  on  the  fins  and  the  body-interference  shell  are 
included. 

By  considering  all  components  of  the  velocity  normal  to 
each  control  point  and  setting  the  sum  equal  to  zero  for  each 
point  produces  a well-conditioned  set  of  simultaneous  equa- 
tions for  calculating  all  panel  strengths. 


2.5  Pressure  Equations 

During  the  most  recent  development  stages  of  the  cruci- 
form missile  program,  a number  of  relationships  between 
velocity  field  and  pressure  field  were  investigated.  In 
the  computer  programs  of  reference  1 through  3,  which  are 
concerned  with  planar  wing-body  configurations,  the  cons tan c 
u-velocity  panels  are  called  constant  pressure  panels.  This 
means  that  in  the  referenced  programs,  the  pressure  is  re- 
lated to  the  axial  perturbation  velocity  u through  the 
ordinary  linear  relationship 


C = - & 
V 

CO 


(1) 


This  expression  is  categorized  as  a first-order  result  and  rs 
usually  employed  in  the  case  of  a wing  alone.  It  was  found, 
however,  that  this  specification  was  not  accurate  enough  ir. 
the  application  to  a cruciform  wing-body  combination  either 
pitched  end  yawed  or  with  deflected  panels  (such  as  yaw 


control) . For  these  cases,  certain  significant  phenomena 
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could  only  be  determined  if  nonlinear  pressure  relationships 
were  used.  (Tv.  is  kr.o wn  that  certain  square  terms  in  the 
pressure  relationships  are  significant  v/icnin  • ;;e  -.remav/or): 
of  slender  bodv  theory. ) Important  effects  such  as  induced 
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roll  due  to  panel-panel  interference  are  second  order  and 
can  only  be  treated  using  second-order  terms.  Thus,  the 
flow  field  is  solved  as  a linear  problem  and  the  pressure 


a a ** 


field  is  determined  by  a nonlinear  formula.  The  various 
pressure  equations  investigated  are  listed  below.  Further 
details  can  be  found  in  references  7 and  8. 

In  addition  to  the  simple  linear  relationship  given  by 
equation  (1),  there  is  the  extended  linear  version  which  le- 
an attempt  to  keep  the  simple  formulation  and  yet  to  account 


for  the  axis  of  u not  being  in  the  free-s  ire  am.  direction. 
The  result  is  given  by 


V 

00 


wnere 


u = u cos 


v sin  a sm  0 + w sm  cos 
c c 


Note  that  u,v,-/  are  in  the  coordinate  system  fixed  in  the 
wing-body  as  shown  in  figure  4. 

The  Bernoulli  equation  for  compressible  isentropic  flow 


can  be  written 


p - p 


CP  = 


\ _ _2_  ( ! 
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2 ‘U  V Vg  ) 


T/T-l 


- lj  (3) 


i magnitude  of  the  resultant  flow  velocity. 
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In  terras  of  perturbation  velocities  u,v,w 
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By  expanding  Bernoulli's  equation,  in.  powers  of  the 
perturbation  velocity  components,  the  second-order  pressure 
equation  is  expressed  in  terms  of  the  velocity  components 
u,v,w  associated  with  the  free-stream  direction,  as 


CP  ° 


2u  _ (v2  -f-  w2) 


(M2  - 1)  u2 


V 


(5 


V‘ 


Vc 


where  u is  specified  in  equation  (2)  and 


v = v cos  v>  ~ w sin  $ 


w = -u  sin  c - v cos  a sin  <b  + w cos  a cos  6 
c c c 


In  s lender-body  theory,  the  last  term  of  equation  (5) 
is  not  significant  and  the  result  is 


C 


? 


CO 


(va  + w2) 


(7 


V2 

00 


where  u,v,w  are  given  by  equations  (2)  and  (6) . 

The  various  equations  and  resulting  load  results  were 
compared  with  one  another  and  experiment  for  cruciform 
wing-body  combinations.  As  a result,  the  Bernoulli  equa- 
tion, equation  (3),  was  retained  on  the  oasis  of  bast  overall 
114 
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correlation  with  experimental  data  foe  individual  fin 
loadings,  some  o!T  which  will  subsequently  be  shown. 

The  pressure  loading  acting  on  a constant  u-voiocity 
panel  is  calculated  by  taking  the  difference  be l we an  the 
pressure  coefficients  acting  on  the  top  and  bottom  of  she 
panel  near  its  control  point.  The  normal- force  and  rolling- 
moment  coefficients  are  then  determined  directly  from  the 
pressure  distributions  and  panel  areas. 

3.  COMPARISONS  BETWEEN  PROGRAM  PREDICTIONS,  OTHER  THEORIES, 

AND  EXPERIMENT 

A series  of  comparisons  between  program  predictions  and 
experimental  data  will  now  be  presented.  They  are  designed 
to  illustrate  certain  aerodynamic  phenomena.  Comparisons 
are  first  shown  for  delta  wings  of  three  differ-cr.a  aspect 
ratios  for  which  experimental  data  are  available.  Both 
unvawed  and  yawed  cases  are  discussed.  A.  yawed  planar  and 
a cruciform  wing  are  also  compared  in  terms  of  rolling  moment 
as  a function  of  the  number  of  constant  u- velocity  panels 
used.  Comparisons  of  individual  fin  loadings  are  then  given 
for  a cruciform  canard-body  model.  A separate  section  is 
concerned  with  certain  important  aspects  of  induced  roll. 
Finally,  an  example  is  given  illustrating  the  effects  of 
a specified  external  vortex  on  the  fin  loadings. 


3. 1 Delta  Wing  wish  Subsonic  Leading  Edge 


Figure  !3  shows  comparison  between  calculated  ana 
experimental  life  fez a from  reference  9 for  a triangular 
wing  with  aspect  ratio  1.  The  Mach  number  is  1.96  and  the 
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wing  has  subsonic  leading  edges.  For  low  angles  of  attack, 
the  theory  closely  matches  the  experiment.  As  vi  is  in- 
creased, the  theory  underestimates  the  lift.  The  increased 
lift  is  known  to  be  associated  with  leading-edge  separation 
and  the  associated  shed  vorticity.  Polhamus,  reference  4, 
in  his  study  of  this  phenomena  has  termed  the  increased  lift 
•associated  with  the  separation  "vortex  lift.  ’’  He  has  ad- 
vanced the  "vortex- lift  analogy"  as  a means  for  estimating 
the  increased  lift.  To  apply  this  analogy  requires  a 
knowledge  of  the  leading-edge  suction  force  theoretically 
developed  by  the  wing.  The  present  program  has  been  designed 
to  supply  this  information.  Carrying  out  the  calculation 
yields  the  curve  in  figure  5 labeled  "Present  Method  -f-  Polhamus 
Vortex  Lift."  This  result  is  closer  to  the  experimental  data 
for  the  higher  angles  of  attack  than  the  theory  neglecting 
vortex  lift.  Until  the  present  program  was  developed,  it 
was  not  possible  to  calculate  vorte-x  lift  for  fins  mounted 
on  bodies,  for  fins  at  combined  pitch  and  yaw,  or  for  fins 
subject  to  vortex  influence.  For  fins  with  side  edges, 
suction  forces  also  develop  which  can  produce  vortex  lift 
as  described  in  reference  10  by  Lamar. 

The  dashed  line  labeled  "conical  flow  theory"  in  figure  5 
represents  the  analytical  theory  for  a triangular  wing  with 
<■  subsonic  leading  edge  as  described  in  reference  7.  The 
present  theory  and  conical  flow  theory  agree  very  closely 
and  should  ideally  coincide.  Conical  flow  theory  does  not 
account  for  vorcex  lift. 
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Suc-arsonic  leading  edges  develop  no  leadiii- edge  suction, 
and  t .ha  present  theory  can  bo  applied  to  delta  lags  with 
such  edges  without  the  complicating  factor  of  vortex,  lift. 
Comparison  of  the  predicted  normal-force  curve  with  experi- 
mental data  from  reference  11  for  an  aspect  ratio  3.652 
triangular  wing  is  shown  in  figure  6.  For  the  specified 
Mach  number  of  1.968,  this  wing  has  supersanrc  leading  edges. 
The  present  method  is  based  on  five  panels  along  oho  chord 
and  ten  along  the  semispan  for  a total  of  53  panels  per 
half  wing.  Agreement  with  experiment  is  very  good.  The 
result  from  conical  flow  theory,  reference  7,  is  also  shown. 

The  computer  program  predicts  a residual  amount  of  leading  edge 
suction  which  is  very  small.  If  a larger  number  of  panels 
is  used  on  this  wing,  the  residual  approaches  rsro. 

For  unyawed  wings,  the  present  results  indicate  that 
the  use  of  50  panels  per  fin  with  about  four  or  five  panels 
in  the  chordwise  direction  will  produce  quite  accurate 
gross  results.  (Probably  more  panels  are  required  for 
accurate  side-edge  suction  forces  on  'wings  with  stream- 
wise  tips)  Further  details  on  the  wing- a ion a comparisons 
can  be  found  in  reference  5. 

3.3  Delta  Wing  in  Pitch,  and  Sideslip 

In  treating  a delta  wing  in  sideslip,  the  first  thought 
was  to  .-ointain  a symmecric  panel  layout  with  the  side  edges 
parallel  co  the  wing  root  chord,  and  with  the  control  points 
fixed  at  rhe  95-percent  location,  on  the  centroid  chord  since 
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in  this  way  the  panel  layout  and  concrol-pomt  locations 
would  not  depend  on  the  angle  of  sideslip  p.  A constant 
u-velocity  panel  with  side  edg^s  wnich  are  not  s trvar.wi.se 
has  a singularity  along  the  strsamwise  directions  from  all 
its  corners  as  shown  in  the  sketch  below.  Such  a singularity- 
can  fall  on  top  of  control  points  behind  the  panel  for  certain 
sideslip  angles  and  produce  infinite  influence  coefficients. 
Under  these  conditions,  the  matrix  solution  for  the  panel 
strengths  may  still  proceed  by  adjusting  the  influence  co- 
efficients but  the  results  show  erratic  variations  in  panel 
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o tcengths  over  the  wing  plan  form.  Furthermore,  as  the  mua'o-^r  of 
panels  is  increased,  che  wing  loading  results  wi.il  not  con- 
verge. Consequently,  the  asyv.ur.etric  eleven tai  wu:i2i  .Layout 
was  adopted  as  .;h r.vn  in  the  following  sketch.  On  account  of 
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the  rotation  of  the  wing  coordinate  system  such  that  the 
:<v?  axis  is  aligr.ad  with  the  free  stream,  it  is  noted  that 
the  sweeps  of  the  win  j leading  edges  now  differ  for  each  edg* 
and  depend  on  ar.g..e  of  sideslip.  The  trailing -edge  sweeps 
nto.  r.ow  nor.roro.  :Z  poinding  on  the  Mach  number  and  the 
vn.  v.:.:  angle  o * the  ■.u.ng,  chore  can  bo  subsonic,  supersonic. 
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or  mixed  v/ing  leading  and  trailing  edges.  Roiling  moment, 
unlike  v/ing  lift,  is  sensitive  to  angle  of  sideslip;  it, 
therefore,  presents  a critical  test  of  the  theory  for  side- 
slip. 

In  order  to  test  the  computer  program,  it  was  applied 
to  a delta  wing  of  .2R  =2.3  in  sideslip  for'  a range  of 
supersonic  Mach  numbers.  The  quantity  calculated  is  the 
rolling-moment  coefficient  per  unit  angle  of  attack  in 

radians  and  is  given  by 


& Rolling  moment  about  v/ing  centerline 


ref  ref 


where 


S ^ ~ reference  area,  wing  pianform  area 


! m 


£ c = reference  length,  wing  span 


q = dynamic  pressure 


a - angle  of  attack,  radians 


In  figure  7,  results  obtained  from  present  theory, 

conical  flow  theory  (ref.  12),  and  data  (rers.  13  and  14) 

o o 

for  the  rolling-moment  coefficient  at  a - 10  and  jU  = 5 
are  shown  as  a function  of  Mach  number  for  a delta  wing  or 
aspect  ration  2.3.  For  low  Mach  numbers,  both  leading  edge; 
of  the  delta  wing  are  subsonic.  For  sideslip  angle  of  5°, 
the  forward  leading  edge  becomes  sonic  at  M — 1.8,  and  the 
"mixed"  leading-edge  condition  exists  from  here  up  to  about 
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M = 2.4.  At  M = 2.4  and  above,  both  edges  are  supersonic. 


The  change  in  sign 

of 

C - at 

t 

M « 

2. 3 is  noteworthy.  Also, 

it  should  be  noted 

in 

"igure  7 

that. 

the  conical  Liow  ‘.hoory 

shows  cusps  at  M 

= 1 

. 8 and  2 . 

4. 

Calculations  were  made  with  three  dif feren  t numbers  of 
control  panels.  The  linear  pressure  expression,  equation  (1), 
was  used.  At  M =1.4  with  190  control  panels  there  is 
close  agreement  with  conical  flow  theory.  At  >1  = 1.8, 

where  a cusp  in  Jones'  theory  occurs,  the  predictions  of 
the  present  method  are  definitely  low.  For  supersonic  edges, 
both  theories  agree  wall  even  for  fewer  panels.  It  is  of 
interest  that  the  wind-tunnel  data  do  not  exhibit  the  sharp 
cusp  at  M =1.3,  and  are  in  better  agreement  with  the 
results  of  the  present  method  than  those  of  conical  flow 
theory. 

For  yawed  wings,  a minimum  of  five  elemental  panels  in 
the  chord  wise  direction  should  be  used  if  accurate  rolling- 
momant  results  are  desired. 

3.4  Pitched  and  Yawed  Cruciform  Wing  in  Supersonic  Flow 

In  the  next  example  the  computer  program  is  applied  to 

a cruciform  wing  at  combined  pitch  and  sideslip.  At  this 

condition,  both  the  horizontal  and  vertical  wing  leading 

edges  have  unequal  sweeps  and  the  trailing-edge  sweeps  are 

nonzero.  Depending  on  the  vertex  angle  of  the  horizontal 

and  vertical  wings  and  the  Mach  number,  the  leading  edges 

can  be  subsonic,  supersonic,  sonic,  or  mixed.  Further 

details  on  the  panel  layout  can  be  found  in  reference  5. 
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Some  theoretical  comparisons  be  tween  the  premie:  tod 
roiling  moments  of  the*  t'R  M 2 . .1  dultn  wing  previously 
shown  and  a Ciaslforw  wing  made  of  two  ouch  wings  are  shown 
In  figure  8 versus  the  number  of  panels.  The  planar  results 
for  M “ 1.4  are  from  figure  ?.  Also  shown  is  die.  conical 
flow  theory  of  reference  12.  It  is  seen  that  the  effect  of 
adding  a vertical  wing  is  to  reduce  r he  rolling  moment,  to  a 
low  value.  A.  minimum  of  lun  panels  should  ba  used  in  order 
to  obtain  a converged  result,  for  both  planar  and  cruciform 
wings,  the  chordwise  number  of  panels  has  a dominant  effect 
on  roiling  moment.  A minimum  of  five  chordwise  panels  should 
ba  used  as  already  mentioned  above  in  connection  with  the 
yawed  delta  wing. 

a,  f>  Cruel  form  Canard-Body  Combination  in  Supersonic  Flow 

The  cruciform  witu  4 ody  computer  program  was  applied  ..„> 
the  cruciform  canard-body  combination  shown  in  figure  9.  This 
configuration  is  part  of  a missile  wind-tunnel  mode l* recently 

K 

tested  by  NEAR  ir  the  Ames  6-  by  6-Foot  Supersonic  Wind 
Tunnel  under  contract  to  the  Naval  Weapons  Center,  China  Luke, 
CA,  NWC  Contract  No.  N00.123-74-C-0829,  reference  15. 

Normal  force  and  rolling  moment  for  each  individual 
cruciform  fin  were  measured.  Data  were  taken  over  a range 
of  angles  of  attack  for  several  Mach  numbers.  Normal- force 
and  rolling-moment  coefficients  are  specified  as  follows. 


C ** 
N 


Normal  Force 

rr*  «*<! 

rc  j. 


NEAR  Inc.  is  indebted  to  Mrv  Ray  beep  of  MT.COM  for  the  use 
of  the  missile  modal. 
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_ Rol I inq  Moment  about  Body  Axis 


ret  rer 


Srcof  ~ ^n”  ~ reference  area,  body  cro  ;s- sec  clonal  area 

i f - 5,0  ins.  “ reference  length,  body  dianater 

q = dynamic  pressure 


The  positive  directions  of  the  individual  fin.  normal  forces 
and  rolling  moments  are  shown  in  the  following  search  looking 
upstream  (the  last  letter  C denotes  canard). 


CMC  C*C-  “^NCRmc, 

S>  / I 


r^s/ 

CRf-IC  ^ 


CPC'IC,, 


CRf'iC 


Figure  L0  s dr-, s a comparison  between  predicted  and 
’sured  fin  normal- force  and  rolling-,  r.  oms  n t coefficients 


v :"5us  nn'.'LC  o 


7ho  vertical  nanals  are  defl  ictod 


and  roll  angle  is  zero.  The  results  shown  are  for 
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M 1.3  corresponding  to  subsonic  fin  leading  edges.  As 


the  angle  of  incidence  is  increased,  th normal  !<>rce  0>iC  L 


acting  on  the  upp  :r  fin  C decreases  while  the  normal 


force  CMC3  on  the-  lower  fin  C increases.  The  flow 


velocity  above  the  horizontal  fins  C„  and  C.  increases 


v;ith  angle  of  act  nek  resulting  in  a higher  >-  ach  number  in 


the  region  of  fin.  C,.  This  has  the  effect  of  lowering 


the  loading  on  fir.  Cx.  Conversely,  the  flow  velocity 


below  fins  C0  and  C(_  decreases  with  angle  of  a stack  and 


the  Mach  number  around  fin  is  reduced  thereby  increasing 


its  loading.  In  figures  10(b)  and  1.0(d).  the  effect  of  nose 


vortices  on  fins  and  C4  for  a larger  than.  18°  is 


to  lower  the  rate  of  increase  in  measured  fin  loading. 


The  predictions  in  figure  .10  were  caicul area  with  a 


distribution  of  192  constant  u-velocity  panels.  bach 


cruciform  canard  fin  was  divided  into  4 panels  in  the  chord- 


wise  and  9 panels  in  the  soanwise  direction  for  33  panels. 


Thd  body  interference  shell  contained  43  constant  u-velocity 


panels,  4 lengthwise  by  12  on  the  body  circumference  in 


accordance  with  the  layout  shown  in  figure  4 for  one  fin 


and  one  quarter  of  the  body.  The  ogive-cylinder  body  was 


modeled  by  22  sources  to  account  for  volume  and  22  doublets 


to  account  for  incidence.  In  general,  the  theory  indicates 


the  trends  described  abuve.  The  variations  with  angle  of 


attack  of  tne  calculated  loadings  or  fans  and  C , based 


on  the  b.'-rnou.lii  pressure  equation,  agree  well  with  the 


measured  trends.  It  is  worth  noting  that  if  the  linear 
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pressure  expression  ware  used,  there  would  be  no  changes  in 
loading  with  angle  o£  at  task.  This  is  an  ex  amp  lu  of  non- 
linear effects  that  can  be  predicted  by  linear  potential 
theory  (i.e.,  the  use  of  constant  u-velocity  panels)  in 
conjunction  with  nonlinear  pressures  as  given  by  the 
Bernoulli  expression. 

In  figure  11,  a comparison  is  shown  for  the  sarnie  con- 
figuration of  figure  10  at  M = 1.75  corresponding  to 
supersonic  fin  leading  edges.  In  this  instance,  the  normal- 
£c  ce  and  rolling-moment  coefficients  are  generally  lower 
than  for  the  subsonic  leading  edge  case  discussed  above. 

This  behavior  is  also  predicted  by  the  computer  program  with 
the  same  panel  layout  and  body  model  specification  which  were 
used  for  figure  10.  The  proper  trends  are  indicated  as  the 
angle  of  attack  is  increased. 

The  behavior  of  the  individual  fin  loadings  at  20°  roll 

is  shown  in  figure  12,  The  panel  deflection  angles  are  zero 

* 

and  the  Mach  number  is  1. 3 corresponding  to  subsonic  fin 
leading  edges.  The  loadings  oi  all  the  fins  increase  with 
included  angle,  a , and  this  behavior  is  matched  by  the 
predictions  which  were  based  cn  the  same  paneling  layout 
and  body  modeling  scheme  used  to  generate  the  results  of 
figure  10.  The  effects  of  body-nose  vortices  can  be  noticed 
in  the  measured  loadings  of  fins  C,  and  C^. 

3.6  Induced  Rolling  Moment 

The  differences  in  normal-force  and  rolling-moment  coef- 
ficients between  fins  Cx  andc,  are  shown  in  figure  13  and  the 
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differences  between  C,  and  C,.  are  shown  in  figure  14.  Th » 
case  considered  is  the  sense  as  in  figure  11;  the  vertical 
panels  are  deflected  15°  at  sere  roll  and  the  ;•' ach  .aro  r;, 

M , is  1.711.  The  difference  in  rolling  moment  between  fins 
C and  C will  be  called  direct  roll  and  the  difference  in 

1 3 

rolling  moment  between  fins  C3  and  C4  will  be  called 
reverse  roll. 

The  reverse  roll  is  seen  to  be  about  one  sixth  of  the 
direct  roll.  The  predictions  follow  the  daua  well  for  fins 
Cy  and  C3  and  appear  to  indicate  the  proper  trends  for  fins 
C2  and  C4.  A special  nonlinear  phenomenon  will  now  be  described. 
It  is  possible  to  plot  the  paths  of  a disturbance  originating 
at  the  leading  edge  of  a fin  root  chord  around  the  body  surface. 
The  method  is  based  on  the  fact  that  a disturbance  makes  a 
constant  angle,  the  Mach  angle,  with  all  generators  of  tha 
cylindrical  body  as  it  moves  around  the  body. 

The  paths  are  shown  in  planform  in  figure  15  for  several 
Mach  numbers.  Note  that  for  >1  = 1.75,  linear  theory  dictates 

that  small  deflection  angles  of  the  vertical  fins  will  not 
influence  the  horizontal  fins.  In  other  words,  there  should 
be  no  pressure  exerted  by  the  deflected  vertical  fins  on  the 
horizontal  fins  and  the  reverse  roll  should  be  zero.  However, 
the  measurements  show  a small  reverse  rolling  moment  possibly 
as  a result  of  viscous  effects,  fin  or  flow  misalignment  or 
changes  in  tne  region  of  influence  such  as  those  shown  in 
figure  15,  On.  tha  high  pressure  side  of  the  vertical  fin 
the  Mace  number  will  be  lower  than  the  free  stream  value 

of  X.  75.  As  a result,  the  region  of  influence  of  the  vortical 
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fin  on  the  horizontal  £in  can  change  no  shown  in  figure  15. 
i'e’.’over,  the  fin  deflection  tends  to  counteract  this  change. 

The  computer  program  should  predict  zero  reverse  ro.il 
at  all  angles  of  attack  since  it  assumes  that  the  region  of 
influence  corresponds  to  the  M =1.75  line  shown  in 
figure  15  and  that  it  does  not  change  with  angle  of  attack. 

The  fact  that  the  computer  program  does  not  predict  zero 
reverse  rolling  moment  is  due  to  numerical  inaccuracy.  The 
finite  size  body- interference  panels  allow  some  "leakage" 
from  one  fin  to  another.  Increasing  the  number  of  body- 
interference  panels  from  48  to  96  reduces  the  error  about 
30  percent  and  does  not  influence  the  direct  roll.  These 
results  are  shown  by  the  flagged  symbols  in  figures  (13)  and  (14) 
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3.7  Normal  Forces  and  Moments  on  the  Fins  Induced  by 

External  Vortex;  Comparison  with  Reverse-? low  Theory 

A comparison  between  the  effects  of  a vortex  predicted 
by  the  cruciform  missile  computer  program  and  reverse-flow 
theory  is  now  given.  The  latter  method  is  described  in 
reference  16.  It  is  a slander-body  method  which  has  bean 
corrected  for  slenderness.  Good  comparison  between  the 
two  methods  means  that  the  faster  reverse-flow  method  can 
be  used  in  engineering  prediction  schemes.  Consider  an 
infinite  vortex  parallel  to  the  body  centerline  of  the 
configuration  of  figure  9.  For  purposes  of  calculation 
the  following  nor.dim.er.s ionalized  vortex  strength  and 
cvossfiow  plane  vortex  coordinates  in  die  body-coordinate 
system  shown  in  figure  4 have  been  ore scribed. 
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Note  that  if  .individual  fin  forces,  rolling  no-sent  or 
loading  distributions  are  desired,  the  present  cruciform 
missile  program  must  be  used. 

4.  CONCLUDING  REMARKS 


A computer  program  has  been  written  for  supersonic 
cruciform  wing-body  combinations  under  combined  pitch  and 
yaw.  The  method  makes  use  of  supersonic  three-dimensional 
sources  and  doublets  to  model  the  body  alone  and.  uses  constant 
u-velocity  panels  to  model  the  wing.  The  effect  of  the  wing 
on  the  body  is  also  modeled  using  constant  u-velocity  panels. 
The  computer  program  has  a number  of  noteworthy  features. 
First,  it  treats  cruciform  wing-body  combinations  with  wings 
of  general  planfcrm,  accounting  for  sideslip  (roll)  and  fin 
deflection.  Second,  it  determines  the  distribution  in  the 
plane  of  the  fin  of  the  suction  forces  on  the  leading  edge 
or  side  edge  of  the  fin.  Third,  it  determines  loading 
pressures  from  the  flow  field  by  means  of  the  nonlinear 
Bernoulli  pressure  equation  so  that  significant  nonlinear 
effects  such  as  induced  roll  can  be  determined. 

Comparisons  are  shown  between  the  results  calculated 
by  the  computer  program  and  experimental  data  for  wings 
alone  and  for  a cruciform  wing-body  combination  for  several 
Mach  numbers.  In  general,  the  agreement  between  prediction 


and  experimental  data  is  good.  A typical  run  requires  about 
65  CPU  seconds  on  a CDC  6600  computer. 

The  computer  program  has  the  capability  of  accounting 


for  high  anglo-of-a track  characteristics  such  as  vorto;:  lift 
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due  to  fin  leadiny-edgo  separation  since  it  determines 


the  leading-edge  suction- force  distributions  used  in  the 


Polhamus  vortex- .1  Lft  analogy.  It  also  provides  a means 


for  determining  > he  forces  and  moments  on  canard  or  tail 


sections  due  to  trailing  vortices  from  the  body  nose, 


canard  fins,  or  the  missile  afterbody. 


Work  is  now  underway  to  include  the  capahilicy  of 


determining  the  vortex  paths  from  the  trailing  edges  of 


the  canard  fins  to  the  leading  edges  of  the  tail  dins 


using  the  wave  equation  rather  than  the  usual  s Lender-body 


method  which  neglects  compressibility.  The  results  of 


this  study  should  yield  more  accurate  methods  of  determining 


vortex  trajectories,  a question  of  prime  concern  in  high 


angle-of-attack  missile  aerodynamics. 


The  computer  program  has  been  used  in  the  development 


of  an  engineering  method  for  determining  induced  rolling 


moments  of  canard-cruciform  missiles.  In  this  instance,  it 


was  used  to  evaluate  panel-panel  interference  factors  and 


to  determine  the  accuracy  of  the  reverse-flow  method 


employed  in  calculating  vortex- induced  rolling  moments. 


This  computer  program  can  be  naturally  extended  to 


handle  wrap- around  fins.  More  accurate  body  flow  modeling 


schemes  can  be  incorporated  to  increase  the  range  of  appli- 


cation. It  is  possible  to  extend  the  program  to  calculate 


pitch  and  roll  damping. 


IHIS  PAGE  IS  BEST  QUA!  *TY  PRACTICABU! 
ISOM  PUWilSHED  TO  HD,Q  „ 


\ ! “ 


i : ^ 


j '|| 


10th  Navy  Symposium  on  Aarobtllistics 


Vol.  1 


References 


1.  Woodward,  F.  A.  and  Larson,  J.  W.  : .A  Method  of 

Optimizing  Camber  Surfaces  for  Wing-Body  Combinations 
i\t  Supersonic  Speeds.  Part  I - Theory  and  Application. 
Doc.  DS-10741,  ?t.  I,  The  Boeing  Co. , 1965. 

2.  V/oodward,  F.  A.,  Tinoco,  S.  N.  , and  Larson,  J.  W.  : 

Analysis  and  Design  of  Supersonic  Wing-Body  Combinations, 
Including  Flow  Properties  in  the  Near  Field.  Part  I - 
Theory  and  Application.  NASA  CR-73106,  Aug.  1967. 

3.  Carmichael,  R.  L.  and  Woodward,  F.  A.  : Ar.  Integrated 

Approach  to  the  Analysis  and  Design  of  Wings  and  Wing- 
Body  Combinations  in  Supersonic  Flow.  NASA  TN  D-3685, 
Oct.  1966. 


4.  Polhamus,  E.  C. : Prediction  of  Vortex-Lift  Character- 

istics Based  on  a Leading-Edge  Suction  Analogy.  AIAA 
Paper  No.  69-1133,  Oct.  1969. 

5.  Dillenius,  M.  F.  E.  and  Nielsen,  J.  N. : Supersonic 

Lifting-Surface  Computer  Program  for  Cruciform  Wing- 
Bodv  Combinations  in  Combined  Pitch  and  Sideslip. 

Office  of  Naval  Research  Tech.  Rent.  No.  1,  Dec.  1974 
(also  -NEAR  TR  "4)  . 

6.  Hemsch,  M.  J. , Nielsen,  J.  N. , and  Dillenius,  M.  F.  E.  : 

Method  for  Calculating  Induced  Rolling  Moments  for 
Canard-Cruciform  Missiles  for  Angles  of  .Attack  Up  to 
20°.  Naval  Weapons  Center,  NEAR  TR  85,  March  1975. 

7.  Nielsen,  J.  N. : Missile  Aerodynamics.  New  York,  N.Y. , 

McGraw-Hill  3ook  ' , 1360. 

8.  Nielsen,  J.  27. , Hemsch,  M.  J.  , and  Dillenius,  M.  F.  E.  : 

Further  Studies  of  the  Induced  Rolling  Moments  of 
Canard-Cruciform  Missiles  as  Influenced  by  Canard  and 
Body  Vortices,  NEAR  TR  79,  Jan.  1975. 

9.  Hill,  W.  A.  , Jr.  : Experimental  Lift  of  Low-Aspect- 

Ratio  Triangular  Wings  at  Large  Angles  of  .Attack  and 
Supersonic  Speeds.  NACA  RM  A57I17,  Nov.  1957. 

10.  Lamar,  J.  E. : Prediction  of  Vortex  Flow  Characteristics 
of  Wings  ac  Subsonic  and  Supersonic  Speeds.  AIAA 
Paper  No.  75-249,  Jan.  20-22,  1975. 

LI.  Lamoerc,  S.  L.  : \erodynamic  Force  Characteristics  of 
Delon  Wings  at  Supersonic  Speeds.  Jet  Propulsion 
L~ib.  Rope.  Mo.  .. ';-32,  Seot.  1954. 


r 

* 


IMS  PAGE  IS  BEST  QUAIITY  PRACIICABUl 
IROM  COPY  FURNISHED  TO  GDC  — 


131 


10th  Navy  Symposium  on  Aeroballittict 

Vol.  1 


c; 

U 

O 

c 

fH 


4J  CL, 

ti 

•H  tji 

O C 


O 04 

o 


JHIS  PAGE  IS  BEST  QUALITY  FRACTICABLl 
I3»id  CCjPX  J.UBWSHED  TO  MiQ  - "" 


Figure  1.-  Layout  of  cons  tarn  u-voiocil.y  panels  and  control 

points  cm  u winy  piani'orm. 


10th  Naw  Symposium  on  Aaroballistics 


m 


^^TE>P°S- 


Trapezoidal  Panel  = (Triangle  1 - Triangle  2)  - (Triangle  3 --  Triangle  4) 


(a)  Panel  with  swaptback  leading  and  trailing  edges. 


“Yo  * 


'W  -DOiV 


K pos, 

i-i£/  S' 


NOTE:  Signs  changed  on  slops 

and  v axes . 


Strip  with  swept  forward 
leading  edge 


(Triangle  2 - Triangle  i) 


(b)  Panel  with  sweptforward  leading  edge. 
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ABSTRACT 


The  need  for  engineering  predictions  of  missile  characteristics  at 
the  advanced  design  stage  has  lead  to  the  development  oF  several  methods 
and  computer  codes  such  as  those  reported  in  Reference  1,  2 and  3.  The 
most  readily  available  codes,  such  as  those  mentioned  above,  are  restrict- 
ed to  vehicles  in  the  zero  roll  (no  side  slip)  position.  Unfortunately 
most  current  missiles,  are  flown  in  the  nominal  "X"  orientation.  Further- 
more, the  most  prevalent  guidance  schemes  use  a fixed  vertical  axis. 
Consequently, the  aerodynamic  roll  attitude  of  the  vehicle  can  vary  signifi- 
cantly from  the  nominal  position. 

This  difference  between  predictive  capability  and  advanced  design 
requirements  has  lead  McDonnell  Douglas  Astronautics  Company  to  undertake 
a continuing  development  of  a conversational  computer  code  to  predict 
missile  aerodynamic  characteristics  for  arbitrary  roll  orientation.  This 
code,  based  primarily  on  the  methods  of  Reference  3,  has  been  supported 
not  only  by  analytical  effort.  Harpoon  and  Cruise  Missile  wind  tunnel  tests, 
but  also  by  a parametric  test  in  the  McDonnell  Douglas  Advanced  Design 
Wind  Tunnel.  As  described  in  this  paper  the  current  version  is  formulated 
to  allow: 

o Arbitrary  body  area  distribution 
o Four  sets  of  tandem  aerodynamic  surfaces 

o Up  to  6 aerodynamic  panels  at  arbitrary  orientations  per  set  of 
surfaces 

o Aerodynamic  control  by  any  one  set  of  surfaces 
o Individual  aerodynamic  panels  may  have  camber  and  incidence. 

Do  to  lack  of  experimental  data,  verification  of  the  entire 

formulation  is  not  complete  at  this  time; 
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however,  many  options  have  been  examined  and  the  expected  program  accuracies 
are  discussed.  The  particular  configurations  for  which  experimental  com- 
parisons have  been  made  are: 

o Cruciform  configurations  with  one,  two  and  three  sets  of  tandem 
aerodynamic  surfaces 

o Planar  wings  with  "X"  and  "+"  tail  configurations. 

Stability  and  control  comparisons  are  presented  for  several  configurations. 
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NOMENCLATURE 


aspect  ratio 
• f p ^ nk  dc 


(2s)2/Sv 


local  body  radius 
wing  span 
exposed  wing  span 


= / p X|  nk  dc 
- / P Xi  nR  dc 


= - 1 0 h clke  5k  ne  dc 


lift  coefficient 

lift  coefficient  producing  wake 


rolling  moment 
downwash  correction  factor 
reference  length 

Mach  number 

outward  unit  normal  to  the  body  surface 
distance  from  the  origin  to  a point  on  the  surface 


vector  from  the  origin  to  the  intersection  of  the  body  cross 


section  and  the  axis 


= reference  area 


semi -span  of  the  wake 

span  wise  distance  to  the  center  of  pressure  measured  along  the 
span  from  the  x-axis  = b/2  [1  + 2x]  / [3  (1  + ,\)] 
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z = X2  + i X3 


a = angle  of  attack 

“ik  = ’ ; p *i  ekem  re  nm  dc 

g = / 1 - M2 

eik  = - ; p Xi  €kem  re  "m  dc 

^k  = rk'7k 


AC/2  = 
X 

Xk  " 

5k  = 
p 

<f> 


sweep  of  the  mid  chord 
wing  taper  ratio 
angular  fluid  impulse 
linear  fluid  impulse 
fluid  density 
local  velocity  potential 
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INTRODUCTION 


The  accepted  pattern  for  the  computation  of  missile  aerodynamics  was 
established  in  the  paper  of  Pitts,  Nielsen  and  Kaattari,  Reference  1.  Most 
of  the  current  approaches.  References  2 and  3 (and  the  approach  of  this 
paper)  follow  the  same  analytical  approach.  This  approach  follows  slender- 
body  theory  in  assuming  that  the  flow  in  each  crossflow  lamina  can  be 


considered  primarily 
ence  are  considered 


flow  solutions. 


as  a tv.'o  dimensional  flow  problem.  Axial  flow  influ- 
)rimari1y  as  empirical  corrections  to  the  basic  cross- 


This  basic  assumption  of  near  independence  of  the  individual  cross- 
flow  lamina  permits  the  various  missile  parts  (body,  wings,  tails, 
booster  surfaces)  to  be  considered  independently.  The  values  of  the  aero- 
dynamic contributions  of  these  elements  are  then  estimated  from  the  exist- 
ing store  of  aerodynamic  data  and  methods  available  in  the  open  literature. 
The  overall  characteristics  can  then  be  obtained  by  summing  the  individual 
components  using  empirical  correction  factors  to  account  for  mutual 
interference. 

For  nonlifting  elements,  the  assumption  of  independence  of  crossflow 
lamina  is  quite  satisfactory;  however,  for  lifting  surfaces,  the  wake  and/ 
or  trailing  vorticies  are  in  fact  fluid  extensions  to  the  generating  surface 
which  pass  through  and  consequently  influence  all  subsequent  crossflow 
lamina.  Only  by  including  the  appropriate  wake  and/or  vortex  cross  sections 
can  one  of  the  subsequent  lamina  be  considered  independent  of  the  other 
lamina.  Unfortunately  the  computation  of  the  axial  development  of  the  wake/ 
trailing  vortex  cross  sections,  for  even  the  simplest  of  lifting  surface 
geometries,  is  too  complex  for  efficient  inclusion  in  the  current  advanced 
design  computer  codes.  Consequently  empirical  correlations  and  approxima- 
tions to  the  wake  geometry  are  still  required. 
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One  difficulty  in  applying  the  methods  of  Reference  1 directly  to 
most  missile  configurations  is  the  relatively  limited  amount  of  aero- 
dynamic data  available  for  anything  other  than  planar' lifting  surface 
configurations.  In  this  paper  an  attempt  is  made  to  use  existing  data 
to  predict  the  aerodynamic  characteristics  and  the  downwash  contributions 
of  arbitrary  multi-fin  geometries.  Particular  emphasis  is  placed  on 
tandem  sets  of  cruciform  fins  at  arbitrary  aerodynamic  roll  orientation. 
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SLENDER  BODY  FORMULATION 

In  slender-body  theory,  the  fluid  motions  are  assumed  to  be  primarily 
constrained  to  motion  within  the  crossflow  lamina.  With  the  coordinate  system 
shown  in  Figure  1, 

x, 


4 


x2  < — 


*3 


Figure  1 - Coordinate  System 

the  fluid  impulses  generated  by  the  aerodynamic  force  forward  of  station  x are 


t 

sk 


/ * p <t>  n.  dc  dx 
x K 


l * p ♦ €k™  re  "m  dc  dx 


For  incompressible  flow  both  the  potential  and  the  boundary  conditions  are 
linear  functions  of  the  missile  linear  and  angular  velocities.  Thus,  with  complete 
generality,  the  velocity  potential  can  be  expressed  as: 

* = *j  u(  + x,  ffli  3 


Where  and  X.  are  independent  of  the  vehicle  linear  and  angular  velocities. 


Inserting  this  form  into  equations  2 and  3 allows  the  fluid  impulses  to  be 
written  as: 
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*k  = 


f A-k  dx  u.  + / 
x 1K  1 x 


bik  dx  «, 


K ~ f dx  u^  + / e.k  dx 


k ' ik 

A 


with  virtual  mass  coefficients  determined  from  the  integrals 


A*k  - “ f p <j>,j  n^  dc 
- f p nk  dc 

“ik  = ' * p *1  eken  re  "m  dc 


bik 


8ik  = - * " X1  ekem  re  "m  dc 

Within  the  slender-body  theory  the  impulses  acting  on  a lamina  can  be  related 
to  the  partial  derivatives  of  the  fluid  kinetic  energy  within  the  lamina. 
Specifically,  if  the  kinetic  energy  within  a lamina  is  denoted  T,  then 


Aik 

_ 92  T 

9 Ui  9 

bik 

_ 92  T 

9 9u^ 

“ik 

_ 92  T 

9 U..  9wk 

*ik 

_ 92  T 

9 9u)i 
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Thus  the  symmetry  relations 


Aik  ~ Aki 


bik  = aki 


sik  * 8ki 

significantly  reduce  the  number  of  independent  elements  to  be  determined. 

The  linear  form  of  the  velocity  potential  shown  in  equation  3 is  quite  general 
If  specific  use  of  the  slender- body  theory  is  made  the  number  of  independent 
potentials  can  be  reduced  from  6 to  4.  Since  the  fluid  motion  is  assumed  to  be 
confined  primarily  to  lamina  parallel  to  thex2  - x^  plane,  the  velocity  potenital 


can  be  written  as: 


* ■ +,  rui  + Cjjk  rk  ] + x, 


NOTE:  This  form  differs  from  that  used  either  by  Nielson,  Reference  1 or 
Bryson,  Reference  4,  in  that  a potential  proportional  to  is  included  in  the 
formulation. 

With  this  notation. 


Xj  = *1  eijk  rk  + X1  6jl  9 

the  matrix  symmetry  relation  can  be  used  with  equation  9 to  write  the  b^  and 

matricies  as: 


bik  ' ejie  re  Ajk  + bk  6il 


10 


8ik  " ekem  eipj  re  rp  Ajm  + ^6il  ekem  + 5kl  eiem^  re  bm  + C 5il  5kl 
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The  modified  virtual  mass  coefficients  are  given  by  the  integrals 


\ = •#pX]  nk  dc 
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c = - *°h  Eite  !k  dc 


11 


Ike  *k  e 

Thus  in  slender-body  theory  only  the  6 independent  elements  of 
the  A^.  matrix, the  three  elements  of  the  Fk  vector  and  the  scalar  C need  be 
determined  to  completely  specify  the  fluid  impulses. 

The  forces  and  moments  on  the  missile,  fonvard  of  station  x 
are  equal  to  the  negative  of  the  time  rate  of  change  of  the  fluid  impulses  as  shown 
in  equations  4 and  5.  In  a body  centered  coordinate  system  these  forces  and  moments 
can  be  written  in  the  form: 


Fk  = " £ Aik  dx  Ui  " fx  bik  dx  “i 
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The  static  aerodynamic  force  and  moments  are  proportional  to  the  partial  derivatives 


and 


a2  M 


k . From  equations  12  and  13  these  derivatives  are 


a U]  a Uj 

found  to  be: 


a u1  a Xj 


32  Fk 

3 U1  3 uj  = ~Ajk  ~ Aik  Cjl 


14 


a2  M. 


3 U1  3 uj 


“jk  ' “lk  **  ' £klm  i d*  - ekjm  i *1.  d*  15 


With  the  normal  aerodynamic  nomenclature  the  static  forces  and  moments  on  the 
missile  forward  of  station  x can  be  written  as: 


<F1  'STATIC  * -»  U1  S [CA0  U1  + \ u2  + CA„  “3] 
(F2>STATIC  * p U1  S [CY„  U1  + CY  U2  + CY  U3] 

U p u 

(^STATIC  = - P u,  s [cN  u,  + CN  U2  + CN  U3] 

1 n0  B o 


16 


(H,) 


1 'STATIC  = P u,  si  rc,  u,  + c,  u2  + c,  u3] 
1 r lo  1 ‘b  ‘c* 


^STATIC  = ^UlS1rfCm0Ul+Cm/2  + Cmay 


17 


(M,) 


3 7 STATIC 


p U,  s 1 [c  u,  + c u«  + c UJ 

1 r n0  1 nB  2 na  3 


The  desired  aerodynamic  coefficients  can  thus  be  obtained  by  eouating  the 
corresponding  terms  of  equations  16  and  17  with  those  of  14  and  15. 
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CROSS  FLOW  COEFFICIENTS 


The  general  method  followed  is  thai  the  wings  and  fins  are  relatively  small 
appendages  on  a dominate  axis-symmetric  body  with  the  X-j  axis  of  symmetry. 

In  this  case,  the  basic  solutions  are  the  expected: 

*2  = Re  a2/z) 

4>3  = Re  (-i  a2/z) 

X]  = 0 

The  wings  and  tail  surface  effects  are  added  to  the  basic  body  solution  at 
their  aerodynamic  centers  in  the  form  of  concentrated  aerodynamic  forces  and 
moments.  These  forces  and  moments  are  currently  estimated  from  empirical  and  semi- 
empirical  wing  relationships.  Since  these  relations  are  primarily  for  planar  lift- 
ing surfaces,  however,  they  must  be  modified  for  the  missile  fin  geometry  before 
incorporation  into  the  estimate  of  overall  missile  characteristics.  These 
modifications  are  discussed  in  the  following  sections. 
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Multi -Panel  Interference 

The  computation  of  virtual  mass  and  aerodynamic  coefficients  for  slender  bodies 
with  multiple  fins  has  been  discussed  extensively  by  several  authors.  Miles, 
Reference  6,  has  computed  the  effect  of  multiple  fins  on  an  axi symmetric  body.  For 
most  configurations;  however,  it  is  anticipated  that  wing-body  interference  will 
dominate  over  the  wing-wing  interference.  The  neglect  of  wing-wing  interference 
would  permit  the  aerodynamic  characteristics  of  the  various  wing  configurations  to 
be  estimated  from  available  planar  data. 
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Within  linear  theory  the  lift  on  a wing  is  proportional  to  the  angle  of  attack 
measured  in  a plane  normal  to  the  span  of  the  wing.  The  resulting  lift  vector 
would  also  be  in  the  same  plane  normal  to  the  wing  span.  This  geometry  is  shown 
in  Figure  2. 

L 


Figure  2 - Roll  Orientation 


Thus  the  angle  of  attack  in  the  plane  of  the  wing  is,  for  small  angles  of 
attack: 


ag  = a COS  0 


18 


The  panel  lift  force  is: 


L = q S [CL  a cos  0 + CL  ] 


19 


Resolving  this  force  into  components  gives  a lift  of: 

.2 


L=qS  [CL  a COS^  0 + CL  cos  0] 


20 


and  a side  force  of: 


Y = q S [C,  8 sin  0 cos  0 + C,  sin  0] 


21 


If  it  is  assumed  that  the  in  equation  19  is  equal  to  1/2  the  2 panel  value 

a 

given  by  Miles,  Reference  6 , then  the  lift  and  side  force  of  multiple  panel  con- 
figurations can  be  estimated  by  the  formula: 
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L = E q S [(C^  ).  a cos2  + (C^  cos  0^] 

1 a ‘"0 


22 


Y - £ q S [(CLa).  a cos  sin  9^  + (CL  )..  sin  0..] 


23 


The  results  of  this  estimation  are  compared  with  the  exact  formulation  of 
Miles,  Reference  6,  for  multi-panel  configurations  in  Figure  3.  As  would  be 
expected,  for  a relatively  few  panels,  say  6 or  less,  and  for  the  range  of  radius 
to  semi-span  ratios  expected  in  missile  configurations,  say  0.4  or  greater,  the 
neglect  of  panel-panel  interference  results  in  an  error  of  10%  or  less  in  the 
predicted  force. 

Aspect  Ratio  Effects 

Pitts,  Nielson,  and  Kaattari , Reference  1,  have  extended  the  results  of  slender- 
body  theory  to  wings  of  larger  aspect  ratio  by  replacing  the  term  containing  the 
panel  lift  slope  in  the  above  formulation  by: 

(CL<Jp  + KBW^  “ cos2  0 + ^hb  + kBW^  6 cos  0* 

In  this  approximation 

(CL  )D  is  determined  for  the  panel  from  Lowry-Polhamus  theory  for  a 
a K 

2 panel  wing,  and 

^B*  ^BW*  ^WB’  ^BW  determined  from  slender-body  theory  again  for 
2 panel  wing  configurations. 


24 


The  interference  factors  K^g,  Kg^,  k^g  and  kg^  are  taken  from  Reference  1 
and  are  shown  in  Figure  4. 
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Rolling  Moment 

To  compute  the  rolling  moment  of  a multi-panel  configuration  it  is  necessary 
to  estimate  the  center  of  pressure  of  the  single  panel  body  configuration.  Since, 
for  symmetric  configurations,  the  rolling  moment  is  zero,  the  results  of  either 
Miles,  Reference  6,  or  Bryson,  Reference  5,  are  not  directly  applicable  to  the 
problem.  Within  the  extension  of  slender-body  theory  discussed  in  the  previous 
sections;  however,  the  rolling  moment  may  be  determined  by  using  semi -empirical 
wing  center  of  pressure  data.  The  particular  value  used  was  taken  from  Reference 
7.  If  it  is  assumed  that  the  "body  carry  over  forces"  do  not  contribute  to  the 
rolling  moment  then 

K=  q S >;  (CL  )i  [ Kyg  « cos  O + kWB  <Sj  Yann  25 

i a 

Axial  Force  Contribution 

While  slender-body  theory  normally  does  not  lead  to  axial  force  computations, 
axial  force  may  be  obtained  by  extensions  to  the  basic  theory.  In  the  extensions 
careful  distinction  must  be  made  between  lift  and  normal  force. 

In  slender-body  theory  a wing  is  assumed  to  produce  a force  normal  to  its 
surface,  and  consequently,  inclined  aft  relative  to  the  wind  velocity.  Conversely 
in  high  aspect  ratio  wing  theory,  a wing  is  assumed  to  produce  the  fo>"ce 
essentially  normal  to  the  relative  wind  vector  and  hence  Inclined  forward  relative 
to  the  wing  reference  chord.  While  this  relative  rotation  of  the  force  vector 
between  the  two  theories  is  of  only  small  consequences  with  respect  to  the  normal 
and/or  lift  forces  (Indeed  the  distinction  is  overlooked  entirely  in  the  Lowry- 
Polhamus  formulation),  it  can  be  of  dominate  importance  in  the  computation  of  axial 
and/or  drag  forces.  Consequently  an  empirical  correction  to  the  slender-body 
theory  previously  discussed  is  required  if  axial  forces  are  to  be  predicted. 
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The  methods  used  to  estimate  the  rotation  of  the  lift  force  have  been 


taken  almost  directly  from  Reference  3.  This  method  can  be  summarized  briefly 


into  the  following  steps: 


1.  The  .wing  body  forces  are  divided  into  body  carry-over  components  and 


wing  panel  components. 


2.  The  bddy  carry-over  components  are  assumed  to  be  normal  to  the  body 


centerline  and  hence  do  not  contribute  to  the  axial  forces. 


3.  The  wing  panel  forces  predicted  by  the  Lowry- Pol hamus  equation  are 


assumed  to  be  normal  to  the  relative  wind  velocity  and  are  then  resolved 


into  wing  normal  and  axial  components. 


4.  The  axial  component,  which  in  general  results  in  a negative  axial  force 
is  assumed  to  be  produced  by  leading  edge  suction.  Reference  3 
contains  an  empirical  correction  for  the  leading  edge  suction  based  on 
wing  geometry  and  Mach  number.  This  correction  is  shown  in  Figure  5. 

This  approach  to  the  axial  force  contribution  from  the  leading  edge  suction 


is  not  entirely  compatible  with  the  results  of  References  8 and  9.  The  method 


does  however  lead  to  the  correct  limiting  solutions  in  most  cases.  In  particular 
low  aspect  wings  with  high  leading  edge  sweep  have  essentially  no  leading  edge  suction 
while  high  aspect  ratio  wings  with  low  leading  edge  sweep  have  almost  full  leading 


edge  suction. 


Tandem  Surface  Interference 


Within  slender-body  theory  it  is  normally  assumed  that  the  wing  wake  follows 
behind  the  wing  (and  in  its  plane)  well  into  the  Trefftz  plime.  Consequently 
any  trailing  surface  in  the  plane  of  the  wing,  as  shown  in  Figure  6,  would  only 


be  effective  to  the  extent  that  its  span  extended  beyond  the  wake  of  the  leading 


wing. 
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Figure  6 

Slender  Body  Wake  Geometry 


In  practic.5,  however,  it  is  discovered  that  the  tail,  through  seriously  affected, 
is  rarely  blanketed  completely  even  if  the  tail  span  is  smaller  than  the  wing  span. 
Because  of  the  moment  arms  involved,  even  a small  tail  contribution  can  lead  to 
significant  moment  contributions.  Pitts,  Nielson  and  Kaattari,  in  Reference  1, 
have  taken  an  alternate  approach.  They  have  assumed  that  the  wake  from  the  leading 
surface  has  rolled  up  completely  into  two  trailing  vortcies  which  are  aligned 
with  the  relative  wind  vectors  as  shown  in  Figure  7. 


— Vortices 


Figure  ^ 

ROLLED  UP  WAKE  GEOMERTRY 
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The  velocity  field  generated  in  the  vicinity  of  the  tail  is  computed  and  then 
used  to  estimate  average  downwash  effects  on  the  trailing  surfaces. 


Because  all  the  vorticity  shed  by  the  leading  surface  is  concentrated  into  two 
vortices,  the  average  downwash  produced  by  a given  amount  of  vorticity  is  significant- 
ly less  than  that  which  would  be  produced  by  a plane  wake.  Thus  the  method  of 
Reference  1 leads  to  significantly  smaller  downwash  contributions  than  the  normal 
slender-body  results.  Indeed  this  method  will  probably  seriously  underestimate 
the  downwash  effects  for  cases  where  the  wake  has  not  rolled  up  completely. 


Kaden,  Reference  10,  has  estimated  the  distance  necessary  to  produce  a fully 
rolled  up  wake.  In  terms  of  semi-spans,  Kaden's  estimate  is: 


n = 0.48  A/Cl 


For  all  aspect  ratios 


Hence 


CL  £ tt/2  A a 


n > 0.306  1/a 


From  this  estimate  it  is  apparent  that  for  low  angle  of  attack  stability  and 
control  computations,  the  wake  can  not  be  expected  to  have  achieved  a completely 
rolled  up  configuration  unless  the  trailing  surface  is  many  semi-spans  behind  the 
leading  surface. 


At  the  higher  angles  of  attack;  however,  significant  wake  roll  up  may  in  fact  be 
present.  Consequently,  neither  method  can  be  expected  to  give  good  moment  computations 
over  the  entire  angle  of  attack  range  without  significant  modifications.  Because 
initial  interest  centered  around  low  angle  of  attack  stability  and  control  computations, 
it  was  decided  to  attempt  to  empirically  modify  the  planar  wake  model.  Two  modifications 
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were  made.  These  were  to  modify  slender-body  theory  for  the  effect  of  wing 
aspect  ratio  and  to  trail  the  wake  back  in  the  free  stream  direction. 

A Trefftz  plane  analysis  of  a planar  wake  with  elliptical  vorticity 
distribution  can  be  used  to  estimate  the  complex  velocity  field.  The  results  of 
this  analysis  is: 

2 C. 


(U2  - i U3)/U1  = 


* ^ 


*W  r + , ] 


C 


m 


27 


As  an  engineering  approximation  the  C,  required  is  estimated  by  the  Lowry - 

LW 

Polhamus  equation  using  slender-body  carry  over  factors.  The  resulting  approximation 
is 

CLW  = ff2  be^S  E(KyjB  + W a C0S  0 * ^kMB  * W ^ 28 


2 + 


A* 


(s  )2 


(s2  + tan2  A c/2) 


f -M 


\ii 


If  the  body  is  assumed  to  form  an  effective  end  plate,  then  the  equation  can 
be  used  to  compute  the  normal  component  of  downwash  produced  by  the  wake  of  a 
forward  lifting  panel  at  the  planform  center  of  pressure  of  a trailing  surface. 

For  multiple  wake  surfaces,  the  individual  downwash  contributions  are  added 
directly.  Because  of  the  assumption  that  the  body  effectively  end  plates  a panel, 
a wake  is  assumed  to  produce  a downwash  only  on  panels  that  lie  within  + 90°  of  the 
wake  plane. 

The  predictions  for  tail  surfaces  which  are  not  parallel  to  the  wake  surfaces 


can  be  compared  to  the  results  of  Miles,  Reference  6,  multi-fin  analysis. 
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By  Miles  analysis  the  total  lift  generated  by  the  wing  wake  configuration  is 


given  by  the  equation: 


2 r I t-h 

(CL)WT  = 4a{(s/a)^  2 


1}  ; N = 3,  4,  ... 


If  half  the  panels  are  assumed  to  be  wings  and  the  other  half  are  assumed  to  be  inter- 
digitated  tail  surfaces  then  the  lift  by  either  wing  or  tail  surfaces  are  given 


by  the  equation: 


<clVt  = 4 « {<s/a>2  r LVi 


I - 1)  ; N = 3,  4,  . 


The  loss  in  lift  because  of  wing-tail  interference  is  then 

^C|_  = { ^ ^ a 


The  effective  downwash  produced  by  the  total  wing  wake  system  on  the  tail  system  is 


e = ACl/(Cl  )-y 


Since  the  downwash  produced  should  be  proportional  to  the  lift  developed 
by  the  wing  system,  it  should  be  possible  to  write: 

V « k (N,  a/s)  Jn*  (A/s)2  32 

2 

The  values  of  the  downwash  correction  factor,  k,  computed  from  Miles  analysis  are 
compared  with  the  results  of  the  plane  wake  model  in  Figure  8. 

The  downwash  comparison  is  similar  to,  though  generally  not  as  good,  as  that 
observed  in  the  panel  interference  comparisons  previously  discussed.  For  wing 
geometries  of  6 panels  or  less  (but  greater  than  3)  the  downwash  factor,  k,  is 
within  20%  of  the  theoretical  value  for  radius  to  semi-span  ratios  of  0.5  or  greater. 
For  smaller  radius  to  semi-span  ratios,  it  is  apparent  that  both  the  assumption 
concerning  the  body  end  plate  effects,  and  the  assumption  concerning  the  direct 
summation  of  the  individual  panel  contributions  are  increasingly  invalid. 
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Fortunately  the  most  interesting  case  of  four  wing  and  four  tail  surfaces  (this 
case  would  also  include  a planar  wing  with  cruciform  tail)  is  within  20%  of  the 
theoretical  value  for  all  radius  to  semi-span  ratios. 


EXPERIMENTAL  COMPARISONS 

The  results  of  the  semi -empirical  computations  just  discussed  have  been  compared 
with  the  results  of  wind  tunnel  tests  for  several  missile  systems.  These 
configurations  which  include  examples  of  both  inline  and  interdigitated  wing  and 
tail  surfaces  can  be  used  to  evaluate  several  of  the  assumDtions  in  the 
computations. 


Computation  Accuracy 

The  most  extensive  wind  tunnel  data  available  was  for  the  Harpoon  missile. 

This  data  has  been  used  to  evalute  the  accuracy  of  the  proposed  computations  as  a 
function  of  vehicle  roll  orientation.  Figure  9 shows  the  Harpoon  missile  in  the 
air  launch  configuration. 

Figure  10  and  11  show  the  normal  force  comparison  for  predicted  and  experiment- 
al data  for  the  air  launch  Harpoon  configuration  in  both  the  "x"  and  "+"  con- 
figurations. While  the  current  computations  do  not  reproduce  the  nonlinear 
character  of  the  normal  force  versus  angle  of  attack  curves,  (as  would  be  expected) 
the  agreenent  below  12  degrees  is  quite  acceptable  for  either  roll  configurations. 

The  corresponding  comparisons  for  the  stability  and  control  plots  are  shown  in 
Figures  12  and  13.  While  the  agreement  on  the  "x"  position  is  not  quite  as  good 
as  that  in  the  "+"  configuration,  the  overall  agreement  is  acceptable.  In  particular 


the  experimental  differences  in  control  power  between  the  two  configurations  is 
also  reflected  in  the  predicted  values.  Most  of  the  errors  shown  are  attributed 
to  the  downwash  computation. 
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The  Harpoon  missile  has  the  wing  positioned  some  2.1  semi-spans  ahead  of  the 
aerodynamic  center  of  the  tail  surfaces.  Consequently  the  neglect  of  any  wake 
roll  up  leads  to  an  overestimate  of  the  effective  downwash.  This  is  particularly 
evident  in  the  "x"  configuration.  In  the  "+"  configuration  this  overestimate  of 
the  downwash  effect  is  over  compensated  by  the  error  introduced  by  the  neglect  of 
any  wake  deflection  from  the  free  stream  direction.  This  neglect  of  the  wake 
deflection  underestimates  the  distance  between  the  plane  of  the  wake  and  the  tail 
surfaces.  This  error  is  particularly  evident  for  the  "x"  configuration. 


Downwash  Computation  Accuracy 

In  the  Cruise  Missile  study  both  "+"  and  "x"  tail  configurations  were  tested 
behind  a planar  wing  of  fairly  high  aspect  ratio.  Figure  14  shows  the  pitching 
moment  data  for  the  two  tail  configurations.  As  expected  from  Miles  work 
(Reference  6),  the  body-tail  data  below  tail  stall  (about  11  degrees)  is  virtually 

independent  of  roll  orientation.  At  low  angles  of  attack,  however,  the  downwash 
contributions  from  the  wing  on  the  "x"  tail  surface  is  measurable  less  than  those 
on  the  "+"  tail.  Wing  stall  for  the  model  occurred  at  8°.  The  differences 
of  deflection  characteristics  of  the  wake  after  stall  was  felt  to  be  responsible 
for  the  increased  stability  of  the  "+"  tail  characteristics  at  higher  angles  of 
attack.  The  tail  increment  of  the  moment  was  determined  from  wind  tunnel  data 
component  breakdown.  This  increment  was  modified  by  the  predicted  downwash 
contributions  from  the  wing  and  was  added  to  the  body  plus  wing  data  to  predict 
the  cotal  configuration  pitching  moment.  The  predicted  values  are  compared  with 
the  measured  values  in  Figure  14.  The  two  are  in  reasonable  agreement  at  low 
angles  of  attack. 
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Multiple  Tandem  Surface 

The  Harpoon  ship  launch  boost  configuration  has  3 tandem  lifting 
surfaces.  This  configuration,  shown  in  Figure  15,  can  be  used  to  evaluate  the 
direct  summation  of  contributions  of  upstream  surfaces.  The  stability  plots  for 
both  the  air  launch  and  ship  launch  configurations  are  shown  in  Figure  16. 

In  both  cases,  the  neglect  of  the  roll  up  of  the  wing  wake  leads  to  an  overestimate 
of  the  wing  downwash.  The  change  in  characteristics  produced  by  the  booster 
fins,  however,  agrees  very  well  with  the  difference  in  measured  values. 
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CONCLUSIONS 

In  the  preceeding  discussion  a means  for  using  existing  planar  wing  data  to 
predict  the  aerodynamic  characteristics  and  the  downwash  contributions  of  arbitrary 
multi-fin  geometries  has  been  proposed.  Comparisons  of  the  aerodynamic  character- 
istics predicted  by  this  method  have  been  made  with  the  theoretical  work  of  Miles, 
Reference  6,  and  experimental  values. 

Since  the  method  assumes  that  each  fin  is  independent  of  other  fins  at  the 
same  axial  location,  favorable  agreement  with  theory  is  generally  confined  to 
geometries  with  no  more  than  6 fins  at  each  axial  location.  For  multi-fin 
geometries  favorable  agreement  is  generally  confined  to  ibody  radius  to  semi-span 
ratios  of  0.5  or  greater.  The  neglect  of  wake  roll  up  and  deflection  from  the  free 
stream  direction  does  produce  some  errors  in  the  downwash  effects  for  configurations 
with  the  fins  several  semi-spans  from  the  wing  surface.  This  trend  becomes 
increasingly  noticeable  at  higher  angles  of  attack,  particularly  for  "x" 
configurations. 

In  general,  the  agreement  shown  has  been  considered  to  be  satisfactory; 
however,  the  comparisons  do  suggest  several  areas  requiring  improvement.  Particular 
development  efforts  are  now  being  made  to  improve  the  downwash  estimates  for  the 
lower  body  radius  to  semi-span  ratios  by  relaxing  the  assumption  of  body  end  plate 
effects  and  allowing  for  some  wake-wake  interference. 
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INTRODUCTION 

The  design  of  recent  U.S.  missile  systems,  in  many  cases,  has  not 
relied  heavily  on  aerodynamic  technology  to  optimize  performance.  NASA 
is  currently  developing  a technology  base  for  improving  aerodynamic 
efficiency  within  realistic  system  constraints.  This  technology  base 
will  allow  the  aerodynamics  of  missile  concepts  to  be  considered  earlier 
in  the  preliminary  design,  help  to  eliminate  system  concepts  that  would 
result  in  unsatisfactory  aerodynamic  designs  and  allow  greater  emphasis 
to  be  placed  on  design  concepts  having  a good  balance  between  aerodynamic 
and  nonaerodynamic  disciplines. 

In  order  to  meet  the  threat  of  the  1980/1990  time  period,  ground-to- 
air  and  air-to-air  missiles  must  have  a high  degree  of  maneuverability  end 
will  be  required  to  operate  through  a wide  range  of  Mach  numbers  and  altitudes. 
There  are  a number  of  static  stability  problems  encountered  under  these 
conditions.  Examples  include  nonlinear  variations  of  pitching  moment, 
induced  rolling  moments  and  panel-panel  interference  for  multipanel  wing 
and  tail  arrangements . ' 
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An  aerodynamic  requirement  for  a highly  maneuverable  missile  should 
be  a lov  stability  with  linear  pitching-moment  characteristics  throughout 
a high  lift  range.  Currently  nonlinear  aerodynamic  effects  at  high  lift 
conditions  are  unpredictable  by  analytical  methods  such  as  those  of 
References  1 and  2.  The  technology  to  evaluate  these  effects  must  be 
obtained  through  analysis  of  experimental  data.  Experimental  studies  of 
several  cruciform  missile  configurations  axe  presented  in  Reference  3 
through  Reference  10. 

A recent  experimental  study  ha3  been  conducted  to  provide  the  effects 
of  wing  location,  control  location,  afterbody  geometry  and  body  fineness 
ratio  on  pitch  linearity  for  a class  of  maneuverable  missiles.  The  experi- 
mental results  were  obtained  in  the  Langley  Unitary  Plan  wind  tunnel 
through  a Mach  number  range  from  1.5  to  4.6  with  variations  in  angle  of 
attack  from  minus  5 degrees  to  25  degrees  and  model  roll  angles  of  0 degree 
and  45  degrees.  The  present  paper  presents  some  of  the  pertinent  results 
of  an  analysis  of  these  data. 

SYMBOLS 

The  coefficients  of  forces  and  moments  are  referred  to  the  stability- 
axis  system.  The  moment  reference  was  varied  with  wing  location  in  order 
to  maintain  a constant  static  margin  of  about  3 percent  body  length. 

(bee  Figure  1.)  All  coefficients  are  based  on  the  maximum  cross-sectional 
area  and  the  diameter  of  the  body. 

A maximum  cross  sectional  area  of  body 


pitching-moment  coefficient,  — m‘"_eiLtL 

qAd 

lift  coefficient, 

qA 


i3a 
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d maximum  diameter  of  tody 

M Mach  number  ' 

q free-stream  dynamic  pressure  * 

<f>  model  roll  angle  (0°,  wings  in  the  horizontal  and  vertical  planes) 

Dimensional  details  of  the  model  are  presented  in  Figure  1.  Configura- 
tions tested  included:  A common  body  having  a length  to  diameter  ratio  of 
10  with  cruciform  delta  wings  which  could  be  located  in  three  longitudinal 
positions;  afterbody  additions  consisting  of  cylinders  of  one  and  two 
diameters  in  length  and  moderate  boattail  and  flare  angles ; and  aft 
control  surfaces  installed  on  the  longer  cylindrical  afterbody  at  two 
longitudinal  locations.  The  analysis  of  the  pitching  moment  data  is 
presented  for  conditions  of  3 percent  static  margin  at  CT  = 0,  M = 2.3, 
and  0=0°  except  when  noted. 

The  effects  of  longitudinal  wing  position  on  pitch-linearity  is  quite 
large  as  shown  in  Figure  2.  The  results  show  that  the  configuration  with 
the  wing  in  the  most  aft  location  has  a severe  pitch-up  tendency.  Moving 
the  wing  forward  one  body  diameter  provides  much  improvement  and  moving 
the  wing  forward  two  body  diameters  yields  a near  linear  pitching-moment 
curve. 

The  variation  of  lift  coefficient  with  angle  of  attack  (not  shown) 
indicate  that  moving  the  wing  forward  also  provides  for  small  increase  in 
lift.  Although  moving  the  wing  forward  reduces  the  lift  provided  by  the 
forebody,  this  loss  is  more  than  compensated  by  the  increase  in  wing 
carry-over  lift  to  the  afterbody.  Also,  long  forebodies  inherently  have 
a large  center  of  pressure  movement.  with  increase  in  angle  of  attack,  and% 
at  high  angles  of  attack,  vortices  generated  by  the  body  nose  pass  close 
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to  the  wing  panels  and  modify  their  aerodynamic  characteristics.  These 
obviously  have  a dramatic  effect  on  pitching  moment  linearity.  Moving 
the  wing  forward  in  this  series  of  configurations  balances  the  effects 
of  each  component  in  a manner  to  provide  a more  linear  variation  of 
pitching  moment  with  lift. 

The  effect  of  wing  carry-over  lift  was  investigated  by  adding 
cylindrical  afterbodies  of  one  and  two  body  diameters  in  length  to  the 

basic  wing-aft  configuration.  The  results  shown  in  figure  3-  indicate 

* 

(as  previously  mentioned)  that  carry-over  lift  increases  at  high  angle 
of  attack  resulting  in  an  increased  stablizing  moment.  This  significantly 
improves  pitching-moment  linearity;  however,  the  long  forebody  continues 
to  contribute  to  pitch-up  nonlinearities. 

The  effects  of  moderate  boattail  angles  were  investigated  and  the 
results  are  presented  in  figure  4.  Base  diameters  of  the  two  boattailed 
configurations  are  the  same  and  the  lengths  are  one  and  two  body  diameters, 
respectively.  The  boattail  provides  less  lift  and  therefore  reduces  the 
afterbody  contribution  to  stability  and  pitching  moment  linearity  for 
these  configurations. 

In  continuing  the  study  of  afterbody  geometry,  the  effect  of  flares 
is  shown  in  Figure  5*  The  base  diameter  is  the  same  for  both  flared 
afterbodies  and  the  length  of  the  flared  positions  of  the  afterbodies 
are  one  and  two  body  diameters,  respectively.  The  pitch  characheristics 
of  the  flares  are  generally  favorable;  however,  the  increase  in  drag 
tends  to  offset  the  favorable  contributions  to  stability  and  linearity. 
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The  location  of  the  primary  lifting  surface  has  a predominate  effect 

on  the  pitch  characteristics,  but  the  effects  of  the  wing  flow  field  on 

# 

the  tail  surface  can  adversely  effect  the  pitching  moments.  Figure  6 
shows  the  effect  of  wing  and  tail  location  on  pitching  moment  linearity. 
This  configurations  series  utilizes  the  length  to  diameter  ratio  12 
configuration  with  cruciform  control  surfaces  added  to  the  cylindrical 
afterbody.  Both  the  tails  and  the  wings  were  tested  in  for  and  aft 
positions.  The  configuration  with  the  most  severe  pitch-up  tendency 
is  the  configuration  with  the  wing  aft  and  the  close  coupled  tail  surface. 
Moving  the  tail  aft  with  the  wing  in  the  aft  position  has  a favorable 
effect  on  stability  and  pitch  linearity.  However,  the  configuration 
with  the  near  linear  pitching* moment  curve  is  the  one  with  the  wings 
forward  and  the  tails  forward.  Mov-ng  the  tails  aft  provides  an  increase 
In  stability  at  relatively  low  lift  coefficients  which  gives  the  config- 
uration a pitch-down  tendency. 

The  effect  of  Mach  number  on  the  wing  forward-tail  forward  config- 
uration is  shown  in  Figure  7.  This  configuration  which  has  near  linear 
pitch  characteristics  to  lift  coefficients  in  excess  of  10  at  Mach  number 
2.3  exhibits  a pitch-down  tendency  at  Mach  number  4.63.  The  moment 
reference  was  not  varied  with  Mach  number,  thus  the  reduction  in  stability 
level  with  increase  in  Mach  number  is  apparent.  This  figure  typically 
shows  the  sensitivity  of  pitch  linearity  with  Mach  number. 

The  effect  of  model  roll  orientation  on  pitch  characteristics  must 
also  be  considered.  Figures  8 and  9 show  the  effect  of  roll  angle  for 
the  wing  forward  tail  forward  configuration  at  Mach  numbers  2.3  and  4.63, 
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respectively.  At  Mach  2.3,  the  0 - ^5°  configuration  has  a slight  pitch 
up  and  a lover  stability  level  than  the  0=0°  configuration.  At  Mach 
4. 63*  there  is  a slight  reduction  in  stability  but  the  pitch-down  tendency 
is  reduced. 

In  summary  0 this  study  illustrates  the  significant  impact  that 
configuration  variables  have  on  missile  aerodynamics.  Specifically  for 
a class  of  configurations  with  large  highly-swept  wings,  the  pitch-linearity 
effects  at  high  angle  of  attack  are  shown  to  be  strongly  influenced  by 
a balance  of  destablizing  forebody  effects  on  the  wings  and  stabilizing 
carry-over  lift  of  the  afterbody.  Tail  position,  Mach  number  (in  the 
supersonic  speed  range),  and  roll  angle  appeared  to  have  less  effect 
on  pitch  linearity  than  wing  position. 
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STATIC  AND  DYNAMIC  AERODYNAMICS  OF 
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ABSTRACT 

Several  theoretical  and  empirical  procedures  are  combined  to  form  a useful 
design  tool  for  computing  static  and  dynamic  aerodynamics  on  missiles,  projectiles, 
and  rockets.  The  Mach  number  and  angle-of-attack  range  over  which  the  method  is 
applicable  are  0 < Mm  < 3 and  0 < « < 15°,  respectively.  Body  and  wing 
geometries  can  be  quite  general  in  that  pointed  or  blunt  nose  bodies  and  sharp  or 
blunt  leading  edge  wings  can  be  assumed.  Computed  results  for  several  configurations 
compare  well  with  experimental  and  other  analytical  results.  The  computer  program 
is  cost  effective  as  it  costs  about  five  dollars  per  Mach  number  to  compute  the  lift, 
drag,  pitching  moment,  magnus  moment  and  roll  damping  moment  of  a typical 
wing-body  shape  on  the  CDC  6700  computer.  The  pitch  damping  moment  will  be 
added  to  the  calculation  procedure  in  FY  76  so  a reasonably  accurate  dynamic 
stability  analysis  can  be  made  for  most  configurations  without  wind  tunnel  tests. 

I.  INTRODUCTION 

Quite’  often  the  aerodynamicist,  when  he  works  with  or  near  a design  group,  is 
faced  with  the  task  of  estimating  such  important  design  parameters  as  range,  static 
margin,  maneuverability,  dynamic  stability,  time  to  half  amplitude,  etc.,  for  a given 
configuration.  Once  the  design  engineer  obtains  the  data  he  is  seeking,  the  next 

‘Research  sponsored  by  Naval  Sea  Systems  Command  under  SEATASK  35A-501/090-1/UR02-302-001.  In  addition, 
partial  support  for  magnus  wind  tunnel  testing  was  provided  by  Eglin  Air  Force  Base  (Mr.  Ken  Cobb  and  Mr.  Sears)  and 
AEDC. 

TResearch  Aerospace  Engineer  in  Guided  Projectile  Division. 

+T  Aerospace  Engineer  in  Guided  Projectile  Division. 
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qucstioti  the  acro  namicist  must  answer  is  “how  can  I improve  the  configuration  so 
its  aerodynamic  properties  are  better"?  Ultimately,  an  iteration  cycle  will  probably  be 
made  in  which  several  diffesent  configurations  will  be  considered  before  the  two  or 
three  most  optimum  candidates  arc  chosen  for  further  study.  The  important  point 
to  be  made  here  is  that  for  each  of  the  above  configurations,  static  aerodynamics 
(lift,  drag,  and  pitching  moment),  and  dynamic  aerodynamics  (roll  damping,  pitch 
damping,  and  magnus  moment)  must  be  estimated  before  questions  concerning  such 
things  as  range,  maneuverability  and  flying  qualities  can  be  addressed. 

To  obtain  the  above  set  of  aerodynamic  coefficients,  the  engineer  can  go  one 
of  three  directions:  he  can  conduct  wind  tunnel  tests  which  will  be  costly  and  time 
consuming  and  probably  produce  results  which  are  more  accurate  than  warranted  for 
preliminary  and  intermediate  design,  he  can  perform  hand  calculations  using 
handbook  techniques* 1 * and  applicable  experimental  data  but  not  have  a good 
accuracy  estimate  of  the  results,  or  he  can  develop  a computer  program  based  on 
analytical  techniques  which  is  efficient  and  produces  accuracies  on  the  order  of 
±10%  for  most  configurations.  The  latter  alternative,  although  being  more  costly  and 
time  consuming  initially,  is  the  best  approach  for  long  term  use  and  is  the 
procedure  which  will  be  addressed  in  this  paper. 

To  be  of  practical  use  to  the  Navy,  the  theory  must  compute  aerodynamics  for 
the  Mach  number  and  angle  of  attack  range  of  most  projectiles  and  missiles,  that  is, 
0 < M„  <3  and  0 < a < 15°,  respectively.  Also,  quite  general  body  and  wing 
geometries  must,  be  considered.  This  arises  from  the  fact  that  projectile  noses  may 
be  pointed,  truncated,  or  spherically  blunt.  Another  contributing  factor  to  the 
complex  geometries  is  the  high  setback  forces  at  launch  which  means  the  wings  and 
canards  must  be  quite  thick  to  survive  the  initial  high  "g"  loads.  Moreover,  there 
may  be  two  ogives  on  the  nose  (in  the  ease  of  u fuze  or  blunt  seeker)  and  a 
boattail  present  for  drag  reduction  purposes.  Figure  1 illustrates  the  general  type  of 
projectile  geometries  that  arc  encountered.  By  designing  a computer  program  to 
handle  such  complex  geometries  means  that  most  missile  configurations  can  also  be 
considered. 
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Several  works  existed  previously  which  could  fulfill  portions  of  the  present  goal 
of  a general  aerodynamic  prediction  program,  but  none  of  which  was  satisfactory  in 
its  entirety.  The  most  notable  of  these  is  that  due  to  Woodward/2  * Woodward  uses 
perturbation  theory  to  compute  the  pressure  distribution  on  wing-body  combinations 
in  subsonic  and  supersonic  flow.  However,  the  bodies  must  be  pointed  and  the  wing 
leading  edge  sharp.  Also,  he  does  not  calculate  the  base  and  skin-friction  drag  or 
the  nonlinear  angle  of  attack  effects.  Moreover,  no  consideration  is  given  to 

transonic  flow  or  to  the  computation  of  the  dynamic  derivatives. 

Another  method  available  for  calculating  aerodynamics  on  wing-body 

configurations  is  that  of  Saffell,  et  al.(3)  This  procedure  computes  static 

aerodynamics  on  low  aspect  ratio  missile  configurations.  Its  applicability  to  general 
aspect  ratio  configurations  is  thus  questionable,  particularly  at  small  a.  Furthermore, 
drag  was  calculated  by  handbook  techniques* and  is  also  quite  inaccurate  at  small 
a.  Again,  no  attention  was  given  to  the  dynamic  derivatives. 

The  other  method  of  practical  use  in  projectile  work  is  the  all  empirical  GE 
“Spinner”  program/4  > This  program  computes  all  six  aerodynamic  coefficients  so  a 
dynamic  stability  analysis  can  be  conducted  on  a spin-stabilized  projectile  without 
going  to  the  wind  tunnel.  Its  short  comings  are  its  lack  of  attention  to  guided 
weapons  and  limited  use  in  body  alone  design  due  to  its  empirical  nature.  That  is, 
effects  of  nose  bluntness,  ogive  shape,  boattail  shape,  or  other  discontinuites  in  slope 
cannot  be  estimated  in  detail.  On  the  other  hand,  it  does  give  total  force 
predictions  which  are  reasonably  accurate  on  spin  stabilized  rounds  which  are  similar 
in  shape  to  the  empirical  data  base. 

To  summarize  the  above  state-of-the-art  in  aerodynamic  prediction,  it  is  fair  to 
say  there  are  several  analytical  or  empirical  methods  available  to  compute  a 
particular  force  or  moment  in  a given  Mach  number  regime.  However,  these  mt  ::ods 
have  not  been  combined  together  to  form  a useful  design  tool,  allowing  one  to  not 
only  estimate  aerodynamics  accurately,  but  to  conduct  static  and  dynamic  stability 
analysis  or  trajectory  simulations  on  a given  configuration  over  the  Mach  number 
range  zero  to  tliree  and  angle  of  attack  range  zero  to  twenty  degrees.  It  is  the 
purpose  of  the  present  work  to  provide  such  a tool. 
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II.  ANALYSIS 

A.  Static  Aerodynamics 

The  static  aerodynamics  have  been  computed  previously  and  the  reader  is 
referred  to  References  5 through  9 for  the  details  of  that  portion  of  the  present 
work.  Only  a synopsis  of  that  work  will  be  included  here  for  continuity  purposes. 

1.  Body  Alone  Aerodynamics 

A summary  of  the  various  methods  for  computing  body  alone 
aerodynamics  appears  in  Figure  2.  All  the  methods  are  standard  in  the  literature 

(References  10  through  15)  with  the  exception  of  the  empirical  schemes  derived  for 
transonic  lift  and  wave  drag  and  the  combined  Newtonian-perturbation  theory  for 
calculating  nose  wave  drag  in  supersonic  flow.  The  combined  Newtonian-perturbation 
theory  was  developed  so  reasonable  results  for  static  aerodynamics  could  be  obtained 
at  low  supersonic  Mach  numbers  for  blunt  nosed  configurations.  Comparisons  with 
experimental  data  indicate  this  method  accurately  predicts  pressure  coefficients  and 
total  force  coefficients  down  to  supersonic  Mach  numbers  of  1.2. 

2.  Wing  and  Interference  Aerodynamics 

The  methods  used  to  compute  the  wing  alone  and  interference 

aerodynamics  are  listed  in  Figure  3.  Again  the  methods  are  standard  in  the  literature 
(References  16  through  22)  except  for  the  empirical  techniques  used  for  wing-body 
interference,  trailing  edge  separation  drag,  and  body  base  pressure  drag  caused  by 
tailfins  and  except  for  the  theoretical  computation  of  wing  wave  drag  in  supersonic 
flow.  For  the  details  of  these  techniques,  the  reader  is  again  referred  to  either 
References  7 or  9. 

B.  Roll  Damping  Moment 

The  body  alone  roll  damping  moment  is  estimated  using  the  same 

procedure  as  the  “Spinner”  program/4 * That  is,  if  one  knows  C0  as  a function  of 

Mach  number  for  a given  configuration,  then 
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METHODS  USED  TO  COMPU 


where  the  subscript  represents  known  data.  This  estimate  should  prove  reasonable  so 
long  as  the  data  available  is  for  a configuration  of  similar  dimensions  to  the 
configuration  for  which  data  is  required. 

For  a wing-body  configuration,  the  wing  completely  dominates  the  roll 
damping  moment  so  it  is  of  primary  concern  to  have  a good  estimate  of  the  wing 
alone  roll  damping. 

For  supersonic  and  subsonic  flow  calculations,  the  wing  is  assumed  to  be 
thin  so  that  small  perturbation  theory  can  be  employed  for  flow-field  calculations. 
In  addition,  the  wing  is  assumed  to  have  zero  chamber  with  aeroelastic  effects  being 
small.  In  transonic  flow,  empirical  methods  are  used  for  roll  damping  calculations. 
Body  interference  and  wing  interference  effects  are  then  estimated  using  slender 
body  theory. 

The  individual  methods  used  for  calculating  the  wing  roll  damping  moment 
coefficient  derivatives  in  subsonic,  supersonic,  and  transonic  flow,  along  with  the 
interference  effects,  are  discussed  below. 

1.  Subsonic  Flow  (M,,.  < Mcril) 

The  small  perturbation  equation  for  three-dimensional  steady  flow 

is:(16> 
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where  the  subscripts  xQ,  yQ,  zQ  indicate  partial  differentiation  and  where  the 
velocity  potential,  <p,  is  related  to  the  perturbation  velocities  by 
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0X  = U,  A = V,  0 = W . 

xo  y0  z0 


(2) 


The  boundary  conditions  are  that  the  flow  is  undisturbed  at  an  infinite  distance 
from  the  surface,  is  tangential  to  the  surface,  and  is  continuous  at  the  wing  trailing 
edge.  Mathematically,  these  boundary  conditions  can  be  treated  in  respective  order 
by: 


u = v = w = 0 as^x*  + y*  + ->  < 


Vm  • VF  = 0 

m 


(3a) 


(3b) 
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The  boundary  condition  (3c)  is  simply  a definition  of  the  Kutta  condition  which 
requires  the  velocity  at  the  trailing  edge  to  be  continuous  from  the  upper  to  lower 
surfaces.  If  the  equation  of  the  surface  is  defined  as  zQ  = F(x0,y0),  then  (3b) 
implies 


M 6 

V.  % 


9F(xn»yn) 

dx0 


= «(x0,y0) 


(4) 
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The  angle  of  attack,  a(x0,y0)  can  be  expressed  as 


^vyo)  = ao  + py0/v» + q(xo  - xref>/v« 


(5) 


where  <xQ  is  the  angle  of  attack  of  the  wing  planform,  py/V^  is  the  induced  angle 
of  attack  due  to  a steady  roll  rate,  p,  and  q(x  - xref)/V„  is  the  induced  angle  of 
attack  due  to  a constant  pitch  rate,  qQ. 

Equation  (1)  is  a linear  partial  differential  equation  so  that 
superposition  of  solutions  is  valid.  Therefore,  for  roll  damping  calculations,  one  can 
set  aQ  = q = 0 in  Equation  (5)  so  the  boundary  condition  of  interest  is 


\ = P VV« 


(6) 


Equation  (1)  can  be  simplified  somewhat  by  using  Gothert’s  extension 
to  the  Prandtl  Glauert  transformation.  This  transformation  is  equivalent  to 


x = xo/0 

y = y0 


z = Z„ 


#x,y,z)  = $(x0,y0,z0) 


where  0 = ^1  - M* . Equation  (1)  then  simplifies  to 


(7) 


<h  + d>  + <b 
rxx  ryy  r7.z 


= 0 


(8) 
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fhus,  the  compressible  flow  on  a wing  of  given  geometry  can  be  solved  for  by 
affinely  relating  the  wing  to  another  wing  with  the  properties  of  Equation  (7),  and 
solving  for  the  flow  field  on  the  new  wing  at  = 0.  Once  this  is  done,  the 
pressure  coefficient  at  any  point  on  the  wing  is:*16* 


m £ 


m f 

II  i 


Cp(x0,y0»Zo>  = -2#x/0 


The  solution  to  Equation  (8)  can  be  shown  to  be:(17) 


0(x,y,z)  = - — 
87T 


C C ^p^xi 

Jsj  <y - yi  >2 


2 + 2~ 


(x-  Xj)2  + (y  - y})2  + z2 


dx. dy. (10) 


where  AC„  = Cp  - Cp  • It  is  required  to  determine  the  pressure  loading  AC„  over 

2 ru 

the  entire  surface.  Following  Chadwick/171  Equation  (10)  is  first  differentiated  with 
respect  to  z and  the  limit  as  z-*0  taken.  The  result  is  then  equated  to  the 
boundary  condition,  Equation  (6),  to  obtain: 


_1_  f f ACpOc^yj)  f x-xt  1 

8ff  *3  (y-yj)2  ij(x-  Xj)2  +(y-  yt)z  Xl  V 1 


The  cross  on  the  y5  indicates  a singularity  at  y = yj , in  which  case  Manglers 
principal-value  technique*1 6 * can  be  applied.  The  details  of  the  solution  of  the 
integral  Equation  (10)  for  ACp(x,y)  will  not  be  repeated  here  as  they  are  given  in 
detail  in  many  references  (see  for  example,  Reference  17).  Worthy  of  note,  however, 
is  the  fact  that  Equation  (11)  is  an  integral  equation  for  which  the  wing  loading 
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ACP  is  to  be  found  as  a linear  function  of  the  induced  angle  of  attack,  py/V,,,. 


Once  the  span  loading  ACp(x,y),  due  to  roll,  is  known  over  the  entire 
wing,  the  local  rolling  moment  coefficient  at  a given  spanwise  airfoil  section,  y,  is 
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(ACp)pdx 


(12) 
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where  the  subscript  P indicates  the  loading  due  to  a roll  velocity  P . The  total 
rolling  moment  on  the  entire  wing  is  then 
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(13) 


Assuming  the  rolling  moment  is  a linear  function  of  roll  rate,  the  roll  damping 
moment  coefficient  derivative  is 


C„  = 


(14) 


2. 


Supersonic  Flow  (M,  > 1.2) 

For  supersonic  flow  past  thin  wings,  Equation  (1)  is  still  applicable 
along  with  the  associated  boundary  condition  (3b).  Since  the  flow  is  supersonic, 
disturbances  in  the  flow-fieid  are  not  felt  upstream  of  the  point  of  disturbance. 
Thus,  the  boundary  condition  (3a)  can  be  modified  to, 
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u(0"t  y,z)  = v(O'.yz)  = w(0“,y,z)  = 0 


where  it  is  assumed  the  disturbance  occurs  at  x = 0.  It  will  be  assumed  the  wing 
trailing  edge  is  supersonic  (Mach  number  normal  to  wing  trailing  edge  is  greater  than 
one)  so  that  the  Kutta  condition  need  not  be  applied.  The  solution  to  Equation  (1) 


#x0,y0) 


-Hi 


jtfWo) 


[(Xq  - Xj)2  - /32(y0  - yj  Y 


dx,dy, 


where  Sj  is  the  wing  planform.  The  lifting  pressure  coefficient,  due  to  a constant 
roll  rate  p,  is  then  related  to  the  velocity  potential  <p  through  the  relation 


(ACP)P  = - 


The  limits  of  integration  of  Equation  (16)  are  dependent  on  whether 
the  leading  edge  is  subsonic  or  supersonic.  Each  of  these  cases  will  be  considered 
separately  below. 

a.  Supersonic  Leading  Edge 

By  supersonic  leading  edge,  one  means  the  Mach  number  normal 
to  the  leading  edge  is  greater  than  one.  Referring  to  Figure  4,  this  implies  the  Mach 
line  emanating  from  the  root  chord,  OA,  lies  behind  the  wing  leading  edge.  If  the 
Mach  line  intersects  the  wing  tip,  as  shown  in  Figure  4,  there  are  five  distinct 
disturbance  regions  present  and  hence,  five  different  perturbation  solutions.  If  the 
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Mach  line  intersects  the  wing  trailing  edge,  the  disturbance  created  by  the  Mach  line 
OA  impinging  on  the  wing  tip  is  eliminated  so  that  only  four  perturbation  solutions 
are  needed. 

The  generalized  formulas  for  the  lifting  pressure  distributions  on  a 
wing  in  steady  roll  are  derived  in  Reference  21.  For  convenience,  the  final  equations 
are  repeated  here.  For  region  1,  the  flow  is  two-dimensional  and  the  resulting  lifting 
pressure  is 


(ACp)p 


* [<acpV]  , * 


4pm2x0(m2a-  1) 


02V„(m2-  1)3/2 


(18) 


In  region  2,  the  total  lifting  pressure  is: 


(AC,)p  - [wC,>f]  - 


4pm2  Xn 
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1 + m2al 
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The  induced  pressure  caused  by  the  tip  Mach  line  DF  is: 
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The  total  lifting  pressure  in  region  3 is  then: 


(ACp)p  = t(ACp)p]  j +i(ACp)p]3  (21) 

The  lifting  pressure  in  region  4 is  a combination  of  that  in  Regions  2 and  3.  Tht'c, 
in  Region  4: 


(ACp)p  = ((ACp)pl2  + [(ACp)p]3 


(22) 


Again,  if  the  Mach  line  04  intersect  the  wing  trailing  edge,  Equations  18  through 
22  allow  one  to  determine  the  complete  lifting  pressure  distribution  over  the  wing 
surface.  If  the  Mach  line  GA  intersects  the  wing  tip,  another  perturbation  is  induced 
in  the  flow  field.  The  total  pressure  differential  in  region  5 is  then: 


.-AC  ) = iESl 
' p)p  nPV, 


i f rmx.  . ? . b , . ..1  _,/mxa/p- ya(l- 2m)  + b\ 

- i ~ T*  + nry,  + ~ (m  + l)|cos  1 1 — 3 1 

.(m2  ~ 1)3/2  J L P 2 J V mx/0  + y+b  / 


■ 2mJ-yi(m  - 1 )(mxa  IP  + mya  + b) 


(23) 


b.  Subsonic  Leading  Edge 

If  the  Mach  number  normal  to  the  leading  edge  is  less  than  one 
(and  the  trailing  edge  Mach  number  is  greater  than  one),  there  are  only  two  flow 
regions  to  consider.  However,  the  solution  is  complicated  somewhat  ry  the  leading 
edge  singularity  where  the  velocity  goes  like  l/x.(22)  Referring  to  Figure  5,  the 
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FIGURE  5 

^ FLAT  PLATE  WING  PLANFORM  WITH  SUBSONIC 

LEADING  EDGE  AND  SUPERSONIC  TRAILING  EDGE 
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I(m)  = 

E(m)  = 
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Values  of  the  complete  elliptic  integrals  of  the  first  and  second  kind  (F(m)  and 
E(m),  respectively)  have  been  tabulated  and  appear  in  standard  mathematical 
handbooks. 

Region  2,  which  is  affected  by  the  wing  tip  Mach  cone,  has  a 
lifting  pressure  differential  given  by: 


(\r  \ - " ' irrr--  i"3mx0/ff  + y(l  - 2m)  - b/2(l  + m)] 

^ p mm  ^ " L 3(l+m)J(l+mXMxo/0  + yo)  J 


(25) 


For  a flow  with  a subsonic  leadinge  edge  and  supersonic  trailing  edge. 


. ! 


0 


Vol.  1 

The  local  roll  moment,  total  rolling  moment,  and  roll  damping 


moment  for  both  the  subsonic  and  supersonic  leading  edge  cases  can  then  be 
determined  by  Equations  (12),  (13)  and  (14),  respectively. 

3.  Transonic  Flow  (Mfb  < M„  < 1.2) 

There  are  currently  no  simple,  accurate  analytical  methods  available 
for  calculating  transonic  roll  damping.  With  the  increased  emphasis  on  transonic 
aerodynamics  in  the  last  few  years,  it  is  envisioned  a simple  theoretical  method  will 
become  available  within  a reasonable  time  frame.  Until  that  time,  one  must  resort 
to  the  full  Navier  Stokes  equations  of  motion  or  empirical  techniques.  Since  the 
former  approach  is  beyond  the  scope  of  this  work,  the  empirical  approach  will  be 
followed. 

Without  a theoretical  model  to  calculate  transonic  roll  damping,  it  has 
been  current  practice  by  some  engineers*2  3 * to  estimate  roll  damping  in  direct 
proportion  to  the  lift.  That  is 


^C8p^M  (CSd)m=M 


<CN  >M 


p « = "fb  (CNa)M  = M 


(26) 


fb 


Tills  means  that  if  the  roll  damping  is  known  at  say  = 0.85  and  CN  is  known 

a 

throughout  the  transonic  speed  regime,  then  the  roll  damping  can  be  estimated 
according  to  Equation  (26).  This  is  the  procedure  used  in  the  present  analysis  for 
calculating  roll  damping. 

One  of  the  main  problems  inherent  in  calculating  transonic 
areodynamics  is  a need  to  account  for  thickness,  and  in  some  cases,  aeroelastic 
effects.  An  empirical  technique  proposed  by  Edmondson*24 ) to  correct  for  thickness 
and  aeroelastic  effects  on  rectangular  wings  is 


Co  = (C9Jtl_,„(l-t/c)2*/3 


■'Sp'thcory 


(27) 
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when  t/c  is  the  overall  thickness  to  chord  ratio  of  the  wing  planform.  However,  the 
present  values  of  (Cjp)theory  in  transonic  flow  are  calculated  based  on  the  lift 
curve  slope  which  has  already  accounted  for  thickness.  In  addition,  intuitively,  one 
would  expect  a Mach  number  effect  to  be  present  in  Equation  (27),  since  thickness 
is  most  important  in  transonic  flow.  For  these  two  reasons,  Equation  (27)  was  not 
applied  in  the  present  analysis. 

4.  Interference  Effects 

There  are  two  types  of  interference  effects  which  need  to  be 
examined  in  the  process  of  predicting  roll  damping.  These  are  the  body-fin  and 
fin-fin  interference  effects.  The  first  arises  due  to  the  presence  of  the  body  and  the 
latter  as  a result  of  fin  shed  vortices. 

Using  slender  body  theory,  the  effect  of  the  body  has  been  calculated 
by  Adams  and  Dugan(25)  for  both  planar  and  cruciform  wing-body  combinations. 
The  results  of  their  calculations  are  presented  in  Figure  6 as  a function  of  the 
parameter 

€ = rb/(rb  +b/2) 

It  is  seen  that  there  is  little  difference  between  the  planar  and  cruciform  wing 

configuration  and  furthermore,  that  the  body  has  little  effect  on  the  roll  damping 

for  values  of  £ up  to  0.4.  Although  these  results  are  analytical,  they  have  been 

verified  qualitatively  by  the  experimental  results  presented  in  Reference  26. 

The  effect  of  the  number  of  fins  on  roll  damping  has  also  been 

determined  using  slender  body  theory/2 7 5 The  results  are  presented  in  Figure  7 as  a 

function  of  the  number  of  fins,  n,  where  the  basis  for  comparison  is  C»  of  a 

p 

planar  wing  configuration.  It  is  seen  that  the  addition  of  fins  to  a missile  adds  to 
the  damping  in  roll  at  a decreasing  rate,  as  expected. 
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C.  Magnus  Force  and  Moments 

There  have  been  several  analytical  attempts  at  predicting  Magnus 
(References  28  through  31)  characteristics  as  a function  of  the  main  variables  of 
interest;  that  is,  Mach  number,  Reynolds  number,  body  shape  and  various  properties 
of  the  boundary  layer.  All  of  these  methods  have  given  some  success  for  given 
conditions  but  as  of  yet,  there  is  still  no  accurate  analytical  method  by  which  one 
can  calculate  Magnus  as  a function  of  Mach  number  and  body  shape  for  typical 
projectile  ordnance.  The  latest  of  the  theoretical  attempts  to  predict  Magnus  is  due 
to  Vaughn/31*  To  evaluate  the  capability  of  Vaughn’s  method,  several  projectile 
configurations  were  considered  in  which  his  method  was  compared  with  experimental 
data  and  an  all-empirical  prediction  model  “SPINNER”/4  * Figures  8a,  8b,  8c  and  8d 
present  the  results  of  these  calculations.  As  seen  in  the  figures,  the  empirical  model 
is  better  for  predicting  Magnus  than  the  theoretical  model  of  Vaughn.  It  thus 

appears  that  there  is  still  much  analytical  work  to  be  done  before  Magnus  forces 
and  moments  on  projectile  and  missile  ordnance  can  be  predicted. 

For  the  near  term,  it  appears  more  promising  to  revise  the  empirical 

methodology  for  estimating  Magnus  than  to  develop  a new  theoretical  approach  to 
the  problem.  Along  these  lines,  the  “SPINNER”  predicts  Magnus  to  be  a linear 

function  of  body  length  without  regard  to  boattail  shape  or  nose  shape.  It  has  been 
shown  by  theory  and  experiments  that  nose  shape  has  a second-order  effect  on 
Magnus  in  comparison  to  body  length.  However,  the  Naval  Surface  Weapons  Center, 
Dahlgren  Laboratory,  through  wind  tunnel  tests  on  low  drag  shapes  at  AEDC,  has 
found  that  boattail  shape  has  a first-order  effect  on  Magnus/32*  This  result  was 
later  confirmed  by  Platou*33*  with  tests  on  similar  shapes.  In  order  that  boattail 
effects  might  not  be  confused  with  the  effects  of  other  projectile  parameters,  a 

wind  tunnel  program  was  initiated  in  which  only  the  boattail  shape  was  varied. 
From  these  results,  it  was  hoped  to  correlate  Magnus  as  a function  of  boattail  shape 
and  total  projectile  length. 
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Test  Program 

Wind  tunnel  tests  were  conducted  at  AEDC  in  which  the  boattail  shape  was 
systematically  varied  in  length,  boattail  angle  and  base  diameter  (Figure  9).  The 
projectile  nose  was  typical  of  recently  designed  ordnance/3 2 * Overall  projectile 
length  remained  a constant  5.2  calibers  in  keeping  with  Naval  gun  mount  constraints 
and  previous  observations  (Reference  34)  of  the  dependence  of  the  Magnus  forces 
and  moments  on  length.  Magnus  force  and  moment  coefficients  were  measured  over 
a range  of  angle  of  attack  from  -2°  to  8°,  of  non-dimensional  spin  (pd/2Voo) 
variation  from  0.3  to  0,  and  variation  in  Mach  number  from  2.5  to  0.5.  In  order 
to  avoid  variations  in  Magnus  due  to  changes  in  Reynolds  number,  a free-stream 
Reynolds  number  of  4.0  million  per  foot  was  selected  for  all  the  Magnus  tests  to 
insure  fully  developed  turbulent  flow  on  the  boattail  section. 

D.  Pitch  Damping  Moment 

The  pitch  damping  moment  will  be  generated  in  FY  76  to  complete  the 
matrix  of  aerodynamic  coefficients.  It  is  envisioned  that  supersonic  thin  wing  theory, 
lifting  surface  theory,  and  empirical  techniques  will  be  used  for  the  calculation 
procedures. 

Figure  10  summarizes  the  methods  used  for  the  calculation  of  the  dynamic 
aerodynamics.  At  present,  the  prediction  program  is  available  in  terms  of  the  static 
aerodynamics  only/8*  By  the  end  of  FY  76,  the  total  prediction  program  along 
with  a design  handbook,  should  be  available. 

III.  RESULTS  AND  DISCUSSION 

A.  Static  Aerodynamics 

Three  cases  are  presented  to  show  comparison  of  the  present  static 
aerodynamics  methodology  with  experimental  data.  These  cases  consist  of  a spin 
stabilized  projectile  (body  alone  configuration),  an  unguided  missile  (body-tail 
configuration),  and  a guided  projectile  (canard-body-tail  configuration).  These  cases 
are  sufficiently  different  and  complex  to  test  all  the  individual  theoretical  and 
empirical  procedures  of  Figures  2 and  3,  and  to  indicate  typical  results  to  be 
expected  from  the  prediction  of  static  forces  and  moments. 
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Figure  1 1 gives  the  static  aerodynamic  coefficients  for  the  improved  5"/54 
projectile.  The  improved  round  has  a 2.75  caliber  nose  and  a 1.0  caliber  boattail 
with  a discarding  rotating  band.  Excellent  agreement  with  experimental  data  is 
obtained  for  the  drag  coefficient  throughout  the  entire  Mach  number  range.  Fair 
agreement  is  obtained  for  normal  force  coefficient  and  hence  pitching  moment  and 
center  of  pressure.  The  comparison  for  the  lifting  properties  is  Mach  number 
dependent:  in  the  low  supersonic  region  the  theory  is  consistently  about  ten 
percent  low  on  normal  force  whereas  at  high  supersonic  speeds  it  compares  very 
well  with  experiment.  The  reason  is  the  failure  of  the  inviscid  theory  to  predict 
afterbody  lift  correctly  at  low  supersonic  Mach  numbers.  At  subsonic  and  transonic 
Mach  numbers,  the  theory  does  about  as  well  as  could  be  expected  considering  the 
amount  of  empirical  methodology  in  that  region. 

The  second  case  is  a ten  caliber  missile  with  clipped  delta  tr.ilfins.  The 
experimental  data  are  taken  from  Reference  35,  which  gives  the  static  aerodynamics 
for  0.8  < M.  < 1.3.  Figure  12  compares  theoretical  drag  coefficient,  normal  force 
coefficient  derivative,  and  center  of  pressure  with  the  experiment  as  a function  of 
Mach  number  and  for  a = 1°.  Recall  from  Figure  3 that  for  M^  > 1.2,  the  lift  and 
drag  (except  for  base  drag)  was  calculated  numerically  whereas  for 
0.8  < Mw  < 1.2,  the  theory  consists  of  mostly  empirical  procedures.  For 
M^  < 0.8,  the  wing  lift  is  calculated  analytically  but  most  other  force  components 
are  computed  empirically.  With  the  exception  of  the  normal  force  coefficient  slope 
at  M^  = 0.8  and  0.85,  the  theory  is  well  within  ten  percent  of  experiment.  The 
m-ximum  error  in  center  of  pressure  for  this  configuration  is  five  percent  of  the 
length  or  half  a caliber. 

The  final  example  chosen  is  a complex  canard-bcdy-tai!  configuration.  The 
body  nose  is  sixty  percent  blunt  with  two  ogive  segments  and  a 0.7  caliber  boattail. 
The  canard  has  an  aspect  ratio  of  two  with  a sweepback  angle  of  15°.  Its  shape 
consists  of  a sharp  wedge  leading  edge  with  a constant  thickness  section  following. 
The  trailing  edge  is  truncated  parallel  to  the  leading  edge.  The  tail  has  an  aspect 
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ratio  of  four  with  cylindrical  leading  and  trailing  edges  and  where  A,  = 30°, 
A2  = 22.5°,  A3  = 37°,  and  A4  - 30°.  The  tail  thickness  to  chord  ratio  also  varies 
along  the  span.  The  detailed  canard  and  wing  geometry  listed  above  is  not  needed 
in  calculating  lift,  but  it  must  be  known  for  drag  computations.  The  results  of  the 
calculations  for  this  configuration  are  shown  in  Figure  13.  Figure  13A  gives  the 
normal  force  and  center  of  pressure  for  M„  = 1.6  and  at  various  angles  of  attack. 
Four  curves  are  shown  in  the  figure:  canard-body-tail  with  canards  deflecte ' up  by 
ten  degrees,  canard-body-tail  with  no  canard  deflection,  body-tail,  and  fir.. ad;-,  body 
alone.  Several  points  are  worthy  of  note  in  this  figure.  First  of  all  the  body  alone 
solution  agrees  very  well  with  the  unpublished  experimental  data  up  to  a = 16°. 
Above  a = 16°,  the  theory  is  low  which  is  probably  due  to  not  taking  into  account 
Reynold’s  number  effect  in  the  body  crossflow  drag  coefficient.  The  next  point  is 
that  for  this  configuration,  the  tail  lift  is  about  ten  percent  too  high  and  the 
canard  lift  about  15%  too  low  so  that  the  total  lift  agrees  almost  perfectly  with  the 
experimental  data  up  to  the  point  where  stall  begins  to  occur  (a  > 14°).  This  in 
turn  causes  the  center  of  pressure  to  be  more  rearward  than  the  experimental  data 
suggest  by  about  up  to  0.75  calibers.  It  is  suspected  that  the  theory  being  high  for 
the  high  aspect  ratio  tail  and  low  for  the  moderate  aspect  ratio  canard  is  due  to 
the  flowfield  interaction  effects  from  the  complex  configuration  and  will  not,  in 
general,  be  true  for  other  cases.  However,  it  does  indicate  that  thu  theory  can  be 
used  quite  effectively  in  design,  even  for  quite  complex  wing-body-tail  geometries. 
The  final  point  to  be  emphasized  from  Figure  13 A is  the  fact  that  no  attempt  has 
been  made  to  predict  stall  characteristics.  As  seen  in  the  figure,  for  this 
configuration,  stall  occurs  around  a = 15°  at  = 1.6.  However,  if  the  wing 
thickness  or  freestream  Mach  number  is  changed,  the  stalling  angle  of  attack  will 
also  change. 

The  drag  characteristics  for  this  same  missile  are  shown  in  Figure  13B.  The 
drag  is  shown  as  a function  of  Mach  number  and  again  -he  total  force  is  broken 


247 


^$£7%* .* 


K'S  * •rwfc«^.» 
£)**. 


10th  Navy  Symposium  on  Aeroballistics 

Vol.  1 


il  ; 

fi  ! 
n i 


m ( 


THEORY  EXP  COMPONENT 

0 CANARD- BODY-TAIL  (5C=I0‘)  / 

□ CANARD- BODY-TAIL  (5C=0‘)  ✓Vg 

A BODY- TAIL  //'  . 

O BODY  's'  s' L 


a (DEG) 


1 1 


1 1 / 

1 1 l 


Xqp  (CALS 
FROM  BASE) 


rn  =0.3 


! L O 1 1 15* 


13 

! ru 


— S 0 , 7;6 


a (DEG) 

FIGURE  13 A.  NORMAL  FORCES  AND  CENTER  OF  PRESSURE  OF 
A MISSILE  CONFIGURATION;  Afy=4,  /Rc=2,  M^l.6 


* 1 


IS  i } 
t|  [i 
fel 

fpl 


10th  Navy  Symposium  on  Aeroballistics 

Vol.  1 


down  into  its  components:  body  alone,  body  tail,  and  canard-body-tail.  The  body 
alone  drag  is  acceptable  in  supersonic  and  subsonic  flow  but  is  unacceptable  in 
transonic  flow  where  the  empirical  nature  of  the  theory  does  not  account  for  nose 
bluntness  correctly.  The  wing  alone  drag  shown  at  the  bottom  figure,  includes  the 
increase  in  base  drag  due  to  tails.  This  causes  the  tail  drag  to  be  high  because  the 
theory  predicts  this  base  drag  increase  to  be  significantly  higher  than  the 
experimental  data  suggest.  However,  the  body-tail  drag  is  still  within  the  ±10% 
category.  Finally,  the  canard  drag  shown  at  the  bottom  figure,  is  added  to  the 
body-tail  drag  and  the  overprediction  of  tail  drag  is  compensated  somewhat  by  the 
under  prediction  of  canard  drag. 

B.  Roll  Damping  Moment 

1.  Comparison  With  Exact  Linear  Theory 

The  present  method  of  computing  roll  damping  moment  in  supersonic 

flow  is  to  compute  the  pressure  coefficients  and  integrate  these  numerically  over  the 

entire  wing  planform.  This  is  as  opposed  to  computing  C„  for  simple  planform 

p 

geometries  using  very  lengthy  dosed  formed  solutions.  The  advantage  to  the  former 
approach  is  that  if  one  is  interested  in  pressure  coefficients  and  local  wing  loadings, 
in  addition  to  roll  damping  coefficients,  it  is  easier  to  numerically  integrate  the 

known  pressure  coefficients  than  to  program  the  lengthy  equations  for  C.,  and 

p 

C +C  . 

mq  ma 

In  subsonic  flow,  closed  formed  solutions  are  not  possible  so  no 

comparisons  with  exact  theories  can  be  made.  However,  the  methodology  used  is 

basically  that  of  References  17  and  36,  with  minor  modifications,  and  extensive 

checkout  has  been  performed  in  those  references. 

Empirical  methods  are  used  for  the  damping  moment  calculations  in 
transonic  flow  so  that  comparison  with  experiment  will  have  to  suffice  for  check-out 
of  the  approach. 

Three  cases  are  considered  as  test  cases  to  compare  the  numerical 
solutions  with  closed  form  analytical  solutions  such  as  presented  in  References  21 
and  22.  These  include  a wing  with  subsonic  leading  and  supersonic  trailing  edges 
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and  a wing  with  supersonic  leading  and  trailing  edges  with  the  Mach  line  intersecting 
the  tip  and  then  the  trailing  edge.  Each  of  these  cases  is  sufficiently  different  so  as 
to  check  the  present  numerical  results  with  the  closed  form  analytical  solutions. 
These  cases  are  presented  in  Figures  14,  15,  and  16.  The  results  are  shown  as  local 
wing  loading,  cc„p,  as  a function  of  the  position  along  the  wing  semispan.  The  local 
wing  loading  is  defined  by: 


i . f 

np  J 


TE  (ACp)p 


P*,ef /V 


As  expected,  the  numerical  results  duplicate  the  analytical  solutions  in  all  cases. 

2.  Comparison  With  Experiment 

Much  work  has  been  done  in  measuring  roll  damping,  both  with 
rocket  powered  techniques  in  the  early  fifties  and  in  the  last  few  years  with  the 
wind  tunnel.  Comparison  of  these  experimental  results  with  the  3-D  thin  wing 
theory  in  supersonic  flow  and  lifting  surface  theory  in  subsonic  flow  has,  in  general, 
shown  reasonable  agreement.  The  theory  typically  overestimates  the  actual 
experimental  results,  particularly  in  the  transonic  and  low  supersonic  speed  regimes. 

Two  examples  in  which  roll  damping  have  been  calculated  are  shown 
in  Figures  17  and  18.  Figure  17  is  a comparison  of  theory  and  experiment  for  the 
delta  wing  configuration  of  Reference  37.  As  seen  in  the  figure,  the  present 
methodology  gives  reasonable  agreement  for  wing  t/c  values  of  0.04. 
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A second  comparison  of  experiment  and  the  present  methodology  is 
shown  in  Figure  18.  This  case  is  for  the  cruciform  wing-body  Army-Navy  finner  so 
the  interference  theory  procedures  can  also  be  employed.  Considerable  experimental 
data  exists  for  this  case  at  supersonic  speeds.  In  addition,  the  quasi-two-dimensional 
approaches  of  Nicolaides*38)  and  Oberkampf*39)  are  shown  for  comparison.  The 
theoretical  approaches  are  all  within  the  experimental  accuracy,  lending  support  to 
the  linearized  supersonic  flow  theory.  There  were  no  data  available  for  this  case  in 
subsonic  flow  to  compare  the  present  theory  with  theoretical  estimates  of  roll 
damping. 

In  general,  theoretical  estimates  of  roll  damping  compared  with 
experimental  data  is  similar  to  Figure  17.  That  is,  the  roll  damping  is  overestimated 
by  linear  theory.  The  reasons  are  several.*4  0),(41)  First  of  all,  aeroelastic  effects  can 
contribute  as  much  as  25-30%  loss  in  roll  damping.  Thickness  effects  can  contribute 
at  least  that  much  again  in  the  transonic  speed  regime.  The  other  reason  sometimes 
given,  mutual  interference  between  wings  and  between  wing-body,  seems  to  be  of 
lesser  importance  in  the  present  work  due  to  accounting  for  these  through  slender 
body  theory.  The  thickness  effects  are  also  accounted  for  empirically  in  transonic 
flow  but  not  in  subsonic  and  supersonic  flow.  It  thus  appears  that  if  an  accurate 
estimate  of  roll  damping  (±10%)  throughout  the  Mach  number  range  is  desired, 
thickness  and  aeroelastic  effects  must  be  accounted  for.  On  the  other  hand, 
neglecting  these  variables  gives  accuracies  within  25%  for  most  cases. 

C.  Magnus 

1.  Wind  Tunnel  Results 

Results  of  the  wind  tunnel  testing  program  are  shown  in  Figures  19 
and  20.  These  figures  reveal  a strong  Magnus  dependence  on  boattail  length  and 
angle.  Furthermore,  it  is  shown  in  Figures  21a  and  21b  that  the  effects  of  boattail 
length  and  angle  are  interrelated.  Figure  21a  reveals  an  apparent  sharp  peak  of  Cn 

°0f 

at  a boattail  length  of  0.85  calibers  (0BT  » 10°).  However,  in  comparison  with 
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Figure  21b  and  21c,  it  is  seen  that  the  previously  shown  peaking  phenomena  is  due 
mainly  to  nonlinearities  associated  with  large  boattail  angles  (0BT  > 10°).  In 
Figures  21a,  21b,  and  21c,  it  is  also  shown  that  the  transonic  dependence  of  the 
Magnus  force  and  moments  on  the  boattail  parameters  is  itself  a strong  function  of 
Mach  number.  Supersonic  results,  on  the  other  hand,  indicate  consistent  increases  in 


Cy  and  Cn  with  boattail  angle  and  boattail  length;  and  weak  dependence  on 
Mach  number. 


2.  Magnus  Prediction  Methodology 

From  Figures  21a  and  21b  it  can  be  seen  that  the  functionalization 
of  the  Magnus  coefficient  derivatives  would  be  difficult  in  terms  of  the  simple 


boattail  variables  <?BT,  SfiT  and  dB 


Another  geometrical  parameter  was  developed  from  the  Magnus  theory 
of  Vaughn  and  Rcis.(31)  This  variable  is  based  on  the  boattail  geometry  and  is 
given  by: 

*“  B 


V = 


r- 

■B  -fiBT 


dx 


‘ref  *BT 


(29) 


which  for  conical  boattails  integrates  to: 


r\  = .5774 


1 + 


(t)  it)' 


a 


(30) 


Plots  of  the  Magnus  coefficient  derivatives  versus  rj  are  shown  for  various  Mach 
numbers  in  Figures  22a,  b,  c,  and  d and  Figures  23a,  b,  c,  and  d.  The  linearity  of 
the  Mangier  correlation  is  quite  evident  (with  the  exception  of  the  moment 


derivatives  near  M = 1.0).  The  very  linear  variation  of  Cyp  and  C„B  with  r\ 


-nP, 


suggests  an  empirical  correlation  of  magnus  force  and  moment  with  the 
Howarth-Mangler  variable.  This  can  be  expressed  in  the  form: 
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Cy  = a + br? 


(31) 


Cnp  = c + dt? 

ra 


(32) 


where  a,  b,  c,  and  d are  based  on  least  square  fits  of  Cy  and  Cn  with  rj. 
Values  of  a,  b,  c,  and  d and  the  standard  deviation  of  each  fit  have  been  calculated 
and  are  given  in  Table  1. 


TABLE  1 
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Mach  No. 

0.5 

0.8 

0.9 

1.0 

1.5 

2.0 

2.5 

;-Aj 

a 

-4.411 

-4.410 

-4.268 

-6.766 

-3.125 

-2.362 

-1.889 

n 

b 

4.134 

4.001 

3.820 

6.409 

2.446 

1.658 

1.228 

1 

o(Cy  ) 

a 

.036 

.074 

.118 

.221 

.032 

.030 

.036 

‘1 

C 

4.475 

5.412 

5.479 

10.710 

4.107 

2.650 

2.020 

1 

d 

-4.650 

-5.644 

-5.721 

-11.108 

-4.066 

-2.133 

-1.526 

«(Cnp  ) 

*a 

.089 

.152 

.197 

.501 

.064 

.050 

.069 

1 
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The  current  empirical  method  is  employed  as  follows:  (1)  for  a given  boattail 
geometry,  the  value  of  tj  would  be  calculated  (2)  values  of  Cy  and  Cn  would 

*a  Pa 

be  calculated  using  Equations  (31)  and  (32)  in  conjunction  with  Table  1 resulting  in 


Cy  and  Cn  for  a configuration  5.2  calibers  in  length  (3)  Cy  and  Cn  for 

^ * a.  * a.  • rv  *■ 


projectiles  of  different  length  are  calculated  according  to  Equations  (33)  and  (34) 


cyp  m = 


5.2  ~yPa 


CVD  (fi  = 5.2) 


(33) 


5.rc-p.<8  = 52) 


(I!)  = 

a 


(34) 


3.  Comparison  of  Magnus  Predictions  on  Other  Shells 

Comparison  between  wind  tunnel  derived  Cy  data  and  predictions 
based  on  the  Mangier  correlation  (Figures  24a,  b,  c and  d)  reveals  general  agreement 
within  experimental  error.  The  sharpness  of  the  Magnus  force  and  moment  spike  for 
some  configurations  (77  ~ .9)  indicates  the  possibility  of  missing  the  spike  in  wind 
tunnel  tests  if  data  is  taken  at  too  few  Mach  numbers  between  0.9  and  1.05. 
Excellent  correlation  between  the  Mangier  pai  :.meter  and  the  peak  Magnus  force  and 
moment  coefficient  derivatives  from  the  wind  tunnel  data  of  the  Army-Navy  spinner 
boattail  variation  study*3  3 * is  shown  in  Figures  25a  and  25b.  Data  in  this  study 
were  taken  at  the  transonic  Mach  numbers:  0.9,  0.94,  0.98  and  1.02.  The  slopes 
and  intercepts  of  the  Mangier  lines  (based  on  the  data  of  Reference  33)  were  then 
included  in  the  set  of  lines  upon  which  Magnus  predictions  were  made  for  other 
projectiles.  Peak  predictions  based  on  these  lines  are  represented  by  crosses  in 
Figures  24,  26,  and  27. 
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Comparison  between  wind  tunnel  data,  spark  range  data  (Figures  26 
and  27)  and  prediction  demonstrates  agreement  within  experimental  error  and 
scatter.  However,  several  spark  range  tests  (Figures  27a  and  27b)  reveal  negative 
Magnus  moments,  larger  than  any  observed  in  wind  tunnel  testing.  Two  factors 
regarding  the  spark  range  tests  quoted  should  be  noted.  All  spark  range  data 
gathered  in  this  report  predate  Chapman-Kirk  data  reduction  and  the  data  in 
References  44,  45  and  46  are  given  without  likely  error  margins.  Also,  most  of  the 
spark  range  models  considered  herein  have  rotating  bands  as  opposed  to  the  wind 
tunnel  models. 

Therefore,  based  on  the  comparisons  made  to  date  of  the  current 
empirical  technique  for  predicting  Magnus  with  experiment  and  other  procedures,  it 
is  concluded  that  the  current  method  works  at  least  as  well  if  not  better  than  other 
methods.  However,  additional  comparisons  need  to  be  made  before  any  conclusive 
statement  can  be  made  concerning  accuracy. 

IV.  CONCLUSIONS  AND  RECOMMENDATIONS 

1.  A general  method  has  been  developed  consisting  of  several  theoretical  and 
empirical  procedures  to  calculate  lift,  drag,  pitching  moment,  magnus  moment,  and 
roll  damping  moment  on  wing-body-tail  configurations  from  Mach  number  zero  to 
three  and  angles  of  attack  up  to  stall.  The  pitch  damping  moment  will  be  added  to 
the  calculation  procedure  in  FY  76. 

2.  Comparison  of  the  overall  methodology  with  experiment  for  several  configurations 
indicates  that  accuracies  of  ±10%  can  be  obtained  for  static  force  coefficients  of 
most  configurations.  Roll  damping  moments  are  within  25%  of  experimental  data  for 
most  cases.  This  is  at  a cost  of  less  than  $10  per  Mach  number  for  the  entire  set 
of  aerodynamic  coefficients. 

3.  A new  empirical  method  for  predicting  magnus  forces  and  moments  as  a 
function  of  body  length  and  boattail  shape  is  developed.  It  relies  on  the  linearity  of 
the  Magnus  force  with  body  length  and  with  the  Howarth-Mangler  variable. 
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Comparisons  with  experimental  data  and  other  techniques  show  this  method  to  work 
at  least  as  well  as  any  available  for  spin-stabilizied  projectiles. 

4.  If  roll  damping  is  desired  within  ±10%  for  most  configurations,  thickness  and 
aeroelastic  effects  should  be  accounted  for. 

5.  It  is  recommended  the  magnus  correlations  with  the  Howarth-Mangler  variable  be 
extended  to  higher  angles  of  attack  and  also  that  the  effect  of  fins  on  Magnus 
force  and  moments  be  exjHr.^d. 

6.  The  prediction  methodology  in  tiansosiic  flow  is  almost  entirely  emp'rica!  due  to 
the  current  state-of-the-arv  in  simph;  {but  yet  accurate)  analytical  methods  for  use  in 
flow  computations.  It  is  thui  recommended  that  work  be  continued  in  this  Mach 

number  regime  ,’th  reasonable  emphasis  <.':i  simple  techniques. 
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VI.  NOMENCLATURE 


Cd, 


Ma 


Aspect  ratio: 

Wing  span  (does  not  include  body  radius). 

Chord  length  at  any  point  along  span. 

Zero  lift  drag  coefficient. 

Rolling  Moment  Coefficient  of  wing  planform. 

Local  rolling  moment  of  a given  airfoil  section. 

Roll  damping  moment  coefficient 

Pitching  moment  coefficient  measured  about  nose  tip  (positive  nose  up). 
Pitching  moment  coefficient  derivative  (dCM/da). 

+ Cm  Total  damping  in  pitch  derivative. 

Normal  force  coefficient. 

Normal  force  coefficient  derivative  (dCN  /da). 


Local  loading  of  an  airfoil  section  at  a spanwise  station  y due  to  rolling 
velocity  p. 


d(P«,et/2V_)  ' 

Magnus  moment  coefficient  derivative. 


Magnus  force  coefficient  derivative. 
Pressure  coefficient. 


Difference  in  pressure  coefficients  of  upper  and  lower  surfaces  of  wiig 
planform. 


(AC.), 


p/p 


Difference  in  pressure  coefficients  of  upper  and  lower  surfaces  of  wing 
planform  due  to  a rolling  velocity,  p. 


a 
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d Body  diameter. 

£ref  Reference  length  (body  diameter  for  wing-body  configuration). 

£bt  Boattail  length. 

M Mach  number, 

m 0cot  Aj . 

n Number  of  tailfms. 

p Roll  velocity, 

q Pitch  velocity. 

rb  Body  Radius. 

rn  Body  nose  radius. 

u,v,w  Perturbation  velocities  in  xQ,  yQ,  z0  directions,  respectively. 

V Total  velocity. 

x,y,z  Transformed  coordinates. 

x0,  Vo*  zo  Rectan8ular  coordinate  system  with  x at  nose  tip,  y out  right  wing,  and 
z positive  up.  If  configuration  consists  of  wing  only,  x begins  at  wing 
root  chord. 


v ya 


Coordinates  of  wing  tip. 

Angle  of  attack. 

Vmj-1. 

Canard  deflection  (degrees). 

Howarth-Mangler  variable. 

Boattail  angle. 

Sweepback  angle  of  a wing  generator  (i  = 1,2, 3, 4)  with  i 
leading  edge,  and  i = 4 the  wing  trailing  edge. 


= 1,  the  wing 


I M 

i M 
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A REVIEW  AND  STATUS  OF  WRAP-AROUND  FIN  AERODYNAMICS 


by 


C.  Wayne  Dahlke 
US  Army  Missile  Command 
Redstone  Arsenal,  Alabama 


ABSTRACT 

Results  of  investigations  into  many  of  the  geometric  and  flow 
parameters  influencing  the  aerodynamics  of  wrap-around  fins  are  pre- 
sented in  this  paper.  Particular  emphasis  is  placed  on  defining 
static  and  dynamic  roll  characteristics  between  Mach  numbers  of  0.3 
to  3.0.  Among  the  geometric  parameters  highlighted  are  fin  span, 
aspect  ratio,  leading  edge  sweep,  leading  edge  shape,  fin  opening 
angle,  and  afterbody  geometry.  Comparisons  of  static  stability, 
dynamic  stability,  and  drag  are  made  between  the  flat  and  the  wrap- 
around fin.  Problems  associated  with  measurement  of  wrap-around  fin 
rolling  moments  are  also  discussed.  An  overview  of  the  wrap-around 
fin  roll  moment  characteristics  are  presented  as  an  aid  for  making 
estimates  and  establishing  testing  techniques. 
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1.  INTRODUCTION 

During  the  last  (9th)  Navy  Symposium  on  Aeroballistics  a paper^ 
was  presented  on  wrap-around  fins  (WAF)  with  particular  emphasis  on 
data  from  WAF  panel  pressure  tests.  This  paper  presented  a discussion 
of  the  general  need  the  military  services  have  for  more  knowledge  of 
the  unique  behavior  of  the  aerodynamics  for  WAF.  It  also  noted  that 
this  interest  was  stated  by  members  of  the  Technial  Cooperation 
Program  (TTCP)  Panel  0-7,  and  through  encouragement  by  this  panel  the 
various  organizations  represented  were  to  take  part  of  the  task  for 
studies  of  the  WAF.  As  part  of  this  study,  the  US  Army  Mis;'i.e 
Command  (MICOM)  and  the  Air  Force  Armament  Laboratory  (AFAL)  took  the 
task  of  obtaining  static  force  measurements  for  the  agreed  upon 
standard  configuration  WAF.  The  Army  has  been  interested  in  missile 
designs  that  have  tube- launched  applications.  It  was  found  that  the 
need  was  much  broader  than  the  TTCP  configuration.  The  TTCP  standard 
configuration  was  used  as  the  basic  configuration  from  which  many  fin 
geometric  variations  were  made.  The  immediate  needs  were  considered, 
and  while  it  would  be  useful  to  have  an  analytical  model  to  describe 
the  flow  phenomena  defining  the  unique  WAF  aerodynamic  forces,  it  would 
be  more  beneficial  to  define  the  characteristics  through  more  of  a brute 
force  parametric  investigation.  It  was  hoped  that  this  study  would  pro- 
vide sufficient  data,  along  with  the  Navy  pressure  data  and  data  from  the 
other  agencies  involved,  to  begin  development  of  an  analytical  model. 
However,  the  tests  used  for  this  study  were  designed  primarily  to  uncover 
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characteristics  and  provide  trends  that  can  be  used  in  missile  design 
where  the  analytical  models  are  not  available. 

This  paper  contains  a condensed  summary  of  the  findings  from 
wind  tunnel  tests  conducted,  with  important  characteristics  and  trends 
highlighted.  The  data  are  presented  with  comparison  of  several  of 
the  parameters  in  an  attempt  to  illustrate  those  parameters  that  have 
the  largest  effect  upon  the  WAF  rolling  moment  coefficient.  Problems 
associated  with  measurement  of  WAF  roll  moment  coefficients  using 
conventional  techniques  are  mentioned.  The  overall  objective  of  this 
WAF  effort  has  been  to  provide  the  weapon  designer  with  adequate 
information  to  make  confident  aerodynamic  estimates  for  preliminary 
design  studies.  Based  upon  present  data,  the  intermediate  objective 
is  to  provide  the  missile  designer  with  aerodynamic  guidelines  for 
estimating  WAF  effects  and  the  direction  for  improving  experimental 
approaches . 


2.  MODELS  AND  EXPERIMENTAL  TEST 
MICOM  and  AFAL  undertook  the  study  of  fins  and  afterbody  geo- 
metric effects  on  the  static  rolling  moment  characteristics  of  WAF, 
as  agreed  to  in  the  initial  planning  of  the  cooperative  program.  Fin 
geometry  was  varied  around  the  standard  WAF  shown  in  the  Arnold 
Engineering  Development  Center’s  (AEDC)  4-T  wind  tunnel  in  Figure  1. 

The  models  consisted  of  a 2-caliber  secant  ogive  nose  with  an  8-caliber 
cylindrical  afterbody  with  3 afterbody  shapes  and  fin  configurations. 
The  basic  body  configuration  had  a straight  cylindrical  afterbody, 

(4  inches  in  diameter)  and  two  alternate  afterbody  shapes  stepped 
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down  to  a diameter  of  3.6  inches  over  a length  of  7 and  4 inches, 
respectively,  from  the  base  (Figure  2). 

The  exposed  semispan  b/2  for  the  WAF  was  chosen  to  be  approxi- 
mately the  chord  length  for  the  arc  that  encloses  a quadrant  of  tubu- 
lar body  cross  section  or  0.707D  (Figure  3 and  Table  1).  These  vari- 
ations (Table  1)  included  two  larger  aspect  ratios  (same  span  as 
standard  WAF  with  shorter  chords  of  2.0  and  4.0  inches),  two  smaller 
thickness  ratios,  four  different  leading  edge  shapes,  seven  leading 
edge  sweep  angles,  one  tip  alteration,  two  shorter  span  fins,  one  fin 
body  gap,  and  several  fins  tested  on  a step  down  body  configuration 
(Figure  2).  Also,  for  the  standard  WAF,  and  investigation  of  fin 
opening/ closing  angle  was  conducted  for  seven  opening  positions 
ranging  from  fully  closed  to  10°  beyond  the  standard  fully  opened  case. 
Static  aerodynamic  measurements,  including  total  airframe  and  indi- 
vidual fin  force  and  moment  characteristics,  were  conducted  in  three 


wind  tunnel  facilities.  The  majority  of  transonic  tests  were  carried 
out  in  the  AEDC  4- foot  transonic  wind  tunnel,  while  the  majority  of 
supersonic  tests  were  conducted  in  the  NASA  Langley  4-foot  unitary 
plan  wind  tunnel.  Limited  transonic  ans  supersonic  tests  were  conduc- 
ted in  the  McDonnell  Douglas  Aerophysics  4-foot  trisonic  wind  tunnel. 

In  addition,  limited  roll  damping  characteristics  were  conducted  in 
the  AEDC  4- foot  transonic  facility  and  both  subsonic  and  supersonic 
free  flight  tests  were  conducted  in  the  Jet  Propulsion  Laboratory 
(JPL)  20 -inch  supersonic  wind  tunnel  for  the  standard  WAF  configuration 
and  its  equivalent  planar  fin  (Figure  4) . Test  variables  for  the 
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static  aerodynamic  tests  are  listed  in  Table  2 for  the  varying  geometry 
tests.  In  addition  to  these  MICOM/AFAL  sponsored  tests  to  specific- 
ally study  the  WAF  effects,  several  projects  have  considered  use  of 
the  WAF,  some  are  listed  by  Holmes^-  and  others  are  briefly  mentioned 

in  this  paper.  A more  complete  description  of  the.  models  and  testing 

2-5 


conducted  by  MICOM  is  contained  in  other  reports. 


3 . TESTING  TECHNIQUES  AND  ACCURACY 
There  are  questions  concerning  the  accuracy  and  repeatability  of 
the  rolling  moment  coefficient  data.  The  magnitude-  of  the  self- 
induced  rolling  moment  coefficients  of  the  WAF  are  small  in  relation 
to  the  size  of  the  coefficients  of  fins  with  large  cants.  The  only 
ready  means  of  obtaining  force  data  in  a wind  tunnel  is  with  a strain 
gage  balance.  The  balance  must  be  sized  to  meet  special  requirements, 
but  it  must  be  capable  of  handling  the  forces  and  moments  of  the  com- 
plete model  in  the  test  facility  to  be  used.  To  obtain  sensible  rol- 
ling moment  ccefficients  induced  by  WAI , wind  tunnel  dynamic  pressure 
and  fin  sizes  must  be  made  large  within  practicable  limits.  Both 
cause  larger  aerodynamic  loads  on  the  model  which  results  in  require- 
ments of  larger  strain  gage  balances.  To  date,  strain  gage  balances 
and  associated  instrumentation  are  not  ideal  for  measurement  of  these 
small  rolling  moments;  however,  from  the  available  balances  one  can 
be  chosen  that  is  optimum  for  given  requirements.  A composite  plot 
of  rolling  moment  data  precision  is  shown  in  Figure  5.  At  transonic 
speeds,  the  rolling  moment  gage  was  large  because  of  the  requirements 
dictated  by  normal  force  and  pitching  moment  loads.  As  a result  the 


i : 


a 


10th  Navy  Symposium  on  AsrobfllUtioi 

Vol.  1 

2 3 

data  precision,  as  quoted  by  AEDC  * are  larger  than  desirable;  how- 
ever, as  shown  later,  the  repeatability  from  duplicate  points  during 
the  same  test  and  from  separate  entries  show  that  the  data  are  repro- 
ducible well  within  these  precision  limits.  An  attempt  was  made  to 

2 3 

measure  the  cant  of  each  fin  during  the  transonic  testin  * . These 
measurements  of  76  fin  installations  had  a mean  cant  of  0.011°  with  a 
standard  deviation  of  0.142°,  with  a quoted  measurement  accuracy  of 
±0.1°.  If  all  four  fins  for  one  configuration  have  a 0.1°  cant,  the 
rolling  moment  coefficient  would  be  0.004  to  0.010  which  is  within 
the  quoted  (Figure  5)  data  precision  for  the  subsonic/ transonic  test. 
Because  of  the  uncertainty  of  the  cant  measurements  and  the  small 
magnitude  of  fin  cant-induced  rolling  moment  relative  to  the  data 
precision,  corrections  to  rolling  moment  coefficient  caused  by  fin 
cant  are  not  presented. 

Several  comparisons  were  made  from  the  numerous  duplications  and 
other  geometric  similiarities.  Figure  6 shows  a comparison  of  the 
1.0-caliber  chord  WAF  configuration  tested  on  the  straight  body  with 
four  main  balances  and  in  three  different  facilities.  A separate 

5 

test  was  conducted  explicitly  to  check  the  rolling  moment  obtained  in 
2 

an  earlier  test  at  transonic  speeds.  This  test  was  conducted  with  a 
balance  that  had  a 100-in. /lb  roll  moment  gage.  The  normal  force  and 
pitching  moment  gages  were  also  low  capacity  and  angle  of  attack  was 
restricted  to  less  than  2°.  The  main  purpose  of  this  test  was  to 
observe  the  self-induced  WAF  rolling  moment  coefficient  at  zero  angle 
of  attack,  and  compare  these  to  previously  obtained  coefficients  with 
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the  less  sensitive  balance.  Comparisons  of  this  repeat  test  are  shown 
in  Figure  6 by  the  square  symbol. 

Another  method  used  to  validate  the  rolling  moment  data  was  to 
compute  rolling  moment  coefficient  from  the  four  fin  panel  balances. 
These  are  shown  by  the  flagged  symbols  on  Figure  7 along  with  the  main 
balance  data  for  the  TTCP  standard  WAF.  Fin  cant  can  produce  roll 
moments  equally  as  arge  as  any  WAF-induced  roll  moment  observed  dur- 
ing all  tests.  Included  on  Figure  6 is  the  roll  moment  coefficient 
for  a typical  tactical  hardware  fin  tolerance  of  ±0.1°.  The  overall 
value  of  this  analysis  is  to  indicate  the  difficulty  in  obtaining  the 
precise  magnitudes  that  a WAF  may  exhibit  with  flight  hardware;  how- 
ever, the  trends  shown  and  those  in  the  following  sections  are  realis- 
tic. To  obtain  the  accuracy  of  the  magnitudes  desired  will  require 
extreme  care  in  model  fabrication  and  sophisticated  measurement 
techniques  tailored  for  precise  roll  moment  measurement. 


4.  COMPARISON  OF  WAF  TO  FLAT  FIN  STABILITY  AND  DRAG 
The  major  concern  of  the  effects  of  WAF  has  been  the  self-induced 
rolling  moment;  however,  a comparison  of  static  stability  parameters 
was  made  for  a flat  fin  and  standard  WAF.  The  flat  fin  had  the  same 
total  exposed  span  and  projected  area  as  the  WAF.  These  two  fins  were 
tested  through  the  Mach  number  range  of  0.3  to  3.0  on  a body  of  revo- 
lution. The  normal  force  coefficient  slope  at  zero  angle  of  attack 
and  the  center  of  pressure  are  shown  in  Figure  8 for  the  flat  fin  and 
WAF.  Any  difference  in  total  configuration  static  stability  coeffi- 
cients appears  to  be  within  the  uncertainty  of  measurement  accuracy. 
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Included  on  the  center  of  pressure  data  are  points  from  the  JFL  free 
flight  bi-blanar  results  at  Mach  0.86,  2.0,  and  3.03.  Similar  results 
were  obtained  from  a comparison  of  data  for  the  flat  fin  and  WAF  tested 
on  a splitter  plate  at  transonic  speeds  and  from  body  mounted  fin 
panel  data. 

Drag  coefficient  comparisons  between  the  flat  and  WAF  configura- 
tions are  shown  on  Figure  9.  The  upper  portion  shows  the  drag  force 
coefficient  for  body  alone,  the  WAF  and  body,  and  the  flat  fin  (of 
equal  projected  area  to  the  WAF)  and  body.  The  lower  portion  shows  the 
same  data  with  the  body  alone  (drag  subtracted  out) . The  WAF  is 
approximately  10%  higher  which  corresponds  to  the  additional  frontal 
area  that  the  WAF  Uas  because  of  the  curvature.  The  other  geometric 
parameters  (leading  edge  sweep,  thickness,  leading  edge  shape,  and 
aspect  ratio)  shown  their  influence  on  drag  to  be  as  expected  for  flat 
fins  with  the  same  geometric  changes. 

5 . ROLLING  MOMENT  COEFFICIENT 

The  main  objective  for  this  study  was  to  investigate  the  effects 
on  WAF  rolling  moment  due  to  the  various  geometric  and  flow  parameters. 
The  variation  of  rolling  moment  is  considered  for  three  flow  param- 
eters: Mach  number,  Reynolds  number,  and  angle  of  attack  for  several 
geometric  variations.  Featherstone^  et  al.^  have  shown  the  WAF  to 
have  self-induced  normal  forces  at  zero  angle  of  attack.  The  most 
significant  effect  with  Mach  number  appears  to  be  at  transonic  speeds 
where,  in  general,  a change  in  sign  occurs  for  rolling  moment.  In 
initial  studies,  Featherstone  has  suggested  the  self-induced  force  is 
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directed  toward  the  center  of  curvature  at  subsonic  speeds  and  away 
from  the  center  of  curvature  at  supersonic  speeds  with  the  crossover 
occurring  close  to  Mach  = 1.  This  was  demonstrated  for  those  fin 
configurations  on  smooth  body  with  a C /D  = 1.75  with  the  exception  of 
the  fin  with  maximum  thickness  t/C  = 0.045.  This  trend  exists  for 
fins  with  rectangular  and  trapezoidal  planforms,  for  leading  edge  pro- 
file modification,  and  for  modifications  to  the  root  chore  (gap  fin) 
and  the  tip  chord. 

The  various  parameters  are  arranged  into  two  groups:  those  of 
most  importance  as  determined  from  analysis  of  existing  data,  and  those 
that  show  lesser  effect  over  the  range  and  within  the  constraints  of 
data  available.  It  is  difficult  to  isolate  and  illustrate  many  speci- 
fic parametric  effects  without  pointing  out  the  influence  of  another 
parameter.  There  is  also  the  case  of  the  influence  of  Reynolds 
numbers  which,  at  this  time,  is  not  clearly  shown  to  be  an  important 
parameter  with  the  exception  of  the  otherwise  unexplained  difference 
between  the  crossover  point  shown  by  the  JPL  free  flight  data  and  the 
results  from  static  test.  Grit  was  used  as  boundary  layer  trips  on 
the  body  of  JPL  models,  but  grit  was  not  used  on  fin  leading  edges 
which  Mr.  Jaffe  (JPL)  and  this  author  agree  may  have  been  a mistake. 

The  effect  of  three  parameters  are  shown  on  Figure  10  for  the  standard 

fL 

TTCP  WAF.  The  Reynolds  numbers  vary  from  7 to  40  X 10  based  on  body 

f. 

length  for  the  static  test  and  for  the  JPL  models  was  2.5  x 10  . As 
can  be  seen,  the  effect  of  on  smooth  and  step  down  body,  except  for 
JPL,  show  differences  well  within  data  accuracy.  Illustrated  on  this 
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same  curve  is  the  variation  of  rolling  moment  with  Mach  number  and  the 
difference  of  trends  with  a smooth  body  and  a step-down  body  which 
may  more  realistically  simulate  flight  hardware  hinge  recesses.  More 
information  will  be  presented  for  the  Mach  number  and  body  with  step 
down  later  in  this  paper. 

Other  parameters  which  appear  to  have  lesser  influence  on  the 
WAF  rolling  moment  are  leading  edge  sweep  and  fin  thickness  (Figure  il) . 
The  surprising  result  from  the  leading  edge  sweep  data  is  the  level 
of  magnitude,  and  the  trend  with  Mach  number  appears  very  much  the 
same  as  the  rectangular  fin  with  the  same  root  chord  length.  The 
effect  of  modifying  the  leading  edge  shape  is  shown  in  Figure  12. 

There  is  a large  change  in  roll  moment,  as  expected,  with  the  unsymmet- 
rical  leading  edge.  This  may  be  related  to  regimes  of  subsonic  and 
supersonic  leading  edge  due  to  detached  and  attached  shocks  over  the 
curved  fin,  which  is  neither  an  axisymmetric  body  of  revolution  or  a 
two-dimensional  surface.  The  symmetrical  leading  edge  variation  with 
included  angles  of  20.0°,  45.0°,  and  blunt  shown  an  effect,  but  is 
incomplete  at  this  time.  Navy  WAF  pressure  data^  have  shown  the  lead- 
ing edge  pressure  difference  between  the  convex  and  concave  side  to  be 
larger  than  any  other  chordwise  location  except  M =»  1.3  data  which 
show  the  largest  difference  to  occur  at  approximately  31%  chord  from 
leading  edge.  Unfortunately  neither  the  20°  or  blunt  leading  angles 

have  been  tested  supersonically.  However,  as  presented  by 
£ 

Featherstone  , this  leading  edge  pressure  effect  may  be  an  inlet 
phenomena  due  primarily  to  fin  curvature  and  not  influence 
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significantly  by  leading  edge  shape  of  fin  thickness.  Figure  13  pre- 
sents the  rolling  moment  coefficient  for  three  rectangular  planform 
WAF's  with  different  chord  length,  therefore,  having  different  aspect 
ratios.  The  primary  influence  seems  to  be  the  fin  body  juncture 
geometry  and/or  boundary  layer,  which  in  this  case  is  fin  root  chord 
length  rather  than  aspect  ratio.  Aspect  ratio  was  also  varied  by 
sweeping  the  leading  edge.  The  leading  edge  for  the  CL/D  = 1.75  was 

swept  up  to  60°,  and  for  C_/C_  = 0.0,  a delta  planform.  From  these 

x K 

2 

variations  it  is  shown  that  data  with  like  chord  length  tend  to  look 
similar  and  that  the  effect  seen  in  Figure  13  is  a subsonic  fin-body 
juncture  (chord)  length  effect. 

One  of  the  most  significant  changes  in  WAF  rolling  moment  coeffi- 
cient occurs  with  variation  of  angle  of  attack.  The  roll  producing 
force  increases  with  angle  of  attack  at  all  Mach  numbers  and  missile 
roll  orientation  and  is  directed  toward  the  fin  away  from  the  fin  center 
of  curvature.  Figure  14  presents  the  WAF  compared  to  the  flat  fin  at 
supersonic  Mach  numbers  from  the  Langley  and  McDonnel  tests.  This 
trend  was  shown  to  be  essentially  unchanged  with  missile  roll  attitude 

with  fins  of  equal  exposed  span  and  to  a lesser  extent  at  subsonic 
3 4 

Mach  numbers  * . Navy  Zuni  data  have  also  demonstrated  this  phenomena 

g 

and  it  has  been  shown  by  Stevens  that  this  driving  moment  may  be  a 
useful  design  tool  for  avoiding  roll-yaw  resonance  problems  during 
missile  flight. 

The  span  for  all  but  two  WAF's  tested  had  nearly  equal  exposed 
semispans  of  0.66  body  diameters.  These  two  had  shorter  spans  of 
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0.54  and  0.35,  respectively.  The  zero  angle  of  attack  rolling  moments 
are  shown  at  supersonic  Mach  numbers  (Figure  15).  Significant  reduc- 
tions in  induced  rolling  moments  occur  at  Mach  numbers  above  two  for 
WAF's  with  spans  less  than  a quarter  circle.  This  suggests  the  possi- 
bility of  tailoring  the  induced  rolling  moment  variation  with  Mach 
number  by  varying  the  fin  radius  of  curvature.  This  design  procedure 
is  only  allowed  when  adequate  space  exists  around  the  rocket  nozzle 
to  the  fin  curvature  to  depart  from  the  body  surface.  The  variation 
with  angle  of  attack  and  missile  roll  attitude  are  shown  in  Figures  16 
and  17  for  the  three  spans.  There  are  two  significant  effects  that 
should  be  pointed  out.  There  appears  to  be  much  less  variation  with 
angle  of  attack  induced  with  shorter  span  WAF  (Figure  16) ; however, 
at  the  supersonic  Mach  numbers,  roll  moment  will  be  dominated  by  body 
vortex  and  spaii  (Figure  17) . The  interaction  is  not  necessarily  unique 
to  the  WAF  but  is  related  to  the  relative  position  of  the  body  vortex 
core  at  angle  of  attack,  fin  span,  and  missile  roll  attitude,  where 
the  fin  arrangement  is  not  symmetrical  at  angle  of  attack  (e.g., 

♦ = 22.5°). 

The  step-down  body  effect  is  probably  the  most  significant  trend 
that  must  be  considered  in  WAF  designs  requiring  a hinge  recess  and/or 
body  step-down  geometry.  The  standard  WAF  is  shown  on  the  smooth  and 
step-down  body  in  Figure  10.  All  symmetrical  leading  edge  fins  on  the 
smooth  body  show  only  one  crossover  point  for  Mach  numbers  less  than 
3.0,  but  the  step-down  body  demonstrated  an  additional  crossover  at 
low  supersonic  Mach  numbers  and  is  opposite  to  the  Featherstone 
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postulation  that  the  force  at  supersonic  Mach  numbers  is  directed  away 
from  the  WAF  center  of  curvature.  Two  additional  fins  that  show  this 
are  shown  in  Figure  18.  These  fins  have  a 1-caliber  root  chord,  one 
is  rectangular  and  the  other  has  a 20.6°  swept  leading  edge.  The  Navy 
Zuni  missile  has  a fin  recess  that  resembles  the  MXCOM  step-down  body. 
The  available  Zuni  aero-roll  moment  coefficients  from  the  Naval  Ship 
Research  and  Development  Center  (NSRDC)  and  Ames  Research  Center  are 
shown  compared  to  the  standard  WAF  on  the  step-down  body  (Figure  19) . 
The  sign  on  the  Zuni  data  has  been  reversed  because  of  the  180°  fin 
curvature  difference.  The  flow  mechanism  that  causes  this  trend  may 
be  the  key  toward  development  of  supersonic  analytical  methods. 


6.  SIDE  FORCES  AND  MOMENTS 

7 

It  has  been  suggested  that  in  addition  to  induced  rolling  moments, 
the  WAF  causes  side  force  and  moment  variations  with  pitch  angle  of 
attack.  A typical  comparison  between  flat  and  WAF  at  supersonic  Mach 
numbers  is  shown  as  a function  of  angle  of  attack  in  Figure  20. 

Nothing  was  observed  during  this  series  of  testing  that  substantiates 
the  generation  of  cross  derivatives  of  significant  magnitude  over  the 
angle  of  attack  range  ±6°  contributable  to  cruciform  WAF  at  subsonic 
and  transonic  Mach  numbers.  Small  variations  with  angle  of  attack  may 
been  seen  at  supersonic  Mach  numbers  as  shown  in  Figure  20.  Zuni  data 
at  Mach  3.0  are  shown  to  have  a similar  trend  to  the  MIC0M  data  at 
Mach  2.86.  The  step-down  body  does  not  show  any  significant  differ- 
ences in  side  force  or  moment  with  angle  of  attack  variation. 
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The  same  mechanism  that  causes  large  roll  moment  changes  with 
short  span  fins  at  roll  orientation  and  angle  of' attack  also  induces 
large  yawing  moments  (Figure  21) . This  trend  is  not  considered  to  be 
unique  to  the  WAF  and  may  be,  as  expected,  a function  of  roll  orienta- 
tion especially  at  angles  of  attack  at  supersonic  Mach  numbers  that 
cause  body  vortex  cores  to  rise  to  fin  tip  and  for  fin  arrangement 
such  a3  three  fins.  Missile  roll  rate  will  tend  to  average  out  this 
phenomena  and  usually  will  not  present  a problem  in  flight.  Outside 
of  this  effect,  cruciform  WAF's  do  not  appear  to  have  significant 
cross  derivatives  except  possibly  at  Mach  numbers  above  2.5. 


! 
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7 . OPENING  ANGLE 

The  standard  WAF  was  tested  on  the  smooth  body  for  seven 
opening/closing  angles  defined  as  fully  open  when  a line  passes  the 
body  center,  the  fin  pivot  point,  and  tip  chord.  The  fin  is  fully 
closed  and  conforms  to  the  body  surface  at  0 = 135°.  The  test  matrix 
is  shown  in  Table  3.  Most  transonic  data  were  obtained  at  AEDC,  and 
all  supersonic  data  were  obtained  at  McDonnel  Douglas  Aerophysics 
Laboratory.  Figure  22  presents  the  model  with  three  opening  angles 
of  0,  45,  and  90°.  Fin  lift  effectiveness  (Figure  23)  is  shown  for 
three  Mach  numbers  over  the  range  of  closing  angles  tested.  Lift 
effectiveness  is  defined  as  the  ratio  of  the  fin  normal  force  at  a 
given  closing  angle  0 to  the  fin  normal  force  at  the  fully  open  case 
0 = 0.0.  The  fin  center  of  pressure  appears  to  be  essentially  invari- 
ant with  closing  angle  and  is  a function  only  of  Mach  number  as  for 
the  fully  open  case.  A geometric  fit  of  COS  2/3  0 i3  shown  in 
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comparison  to  the  fin  lift  effectiveness.  Figure  24  shows  the  zero 
angle  of  attack  rolling  moment  variation  with  closing  angle  for  Mach 
0.8  to  3.0.  No  large  influence  was  noted  for  small  variations  and, 
at  any  given  angle,  appear  to  follow  the  roll  moment  variation  with 
Mach  number  as  the  fully  open  case  does. 


8.  WAF  ROLL  DYNAMICS 

Tests  were  conducted  where  roll  damping  was  measured  for  several 
fin  configurations.  Included  in  this  was  a comparison  between  a flat 

9 

fin  and  the  standard  WAF.  These  data  are  in  a MICOM  report  . The 
model  was  spun  up  in  the  wind  tunnel  by  an  internal  hydraulic  motor. 

At  a prescribed  roll  rate,  the  motor  clutch  was  released  and  the  model 
was  allowed  to  free  spin  until  the  steady  state  roll  rate  was  reached. 
Roll  damping  for  one  of  the  WAF's  and  one  flat  are  shown  to  vary  little 
(Figure  25).  Theoretical  calculations  of  C.  by  modified  slender  body 
theory  are  shown  to  be  good  except  at  transonic  speeds. 

A three  phase  investigation  was  conducted  by  JPL.  Several  small 
scale  models  were  flown  in  the  JPL  20-inch  wind  tunnel.  Some  were 
flown  solely  for  obtaining  rolling  moment  and  roll  damping  coeffi- 
cients, others  were  flown  for  a bi-planar  dynamic  investigation.  A 
sting-mounted  free  spinning  test  was  conducted  initially  to  observe 
the  roll  direction  of  models  with  WAF  as  a function  of  Mach  number. 

Data  for  the  standard  WAF  and  equivalent  flat  fin  from  the  AEDC 
spinning  test,  theoretical  estimate,  and  the  JPL  free-flight  data  for 
the  flat  and  WAF  are  shown  on  Figure  26.  The  JPL  data  points  have  too 
much  scatter  for  a thorough  analysis.  Even  though  some  had  initial 
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roll  rates  with  and  against  the  fin  fold  direction,  the  scatter  prohib- 
its definition  of  roll  damping  for  spin  in  any  given  direction. 

Future  flight  testings  are  being  studied  for  the  Ballistic  Research 
Laboratory  ballistic  range. 

9.  CONCLUSIONS 

The  general  characteristics  of  a number  of  WAF's  on  a body  of 
revolution  at  Mach  numbers  0.3  to  3.00  have  been  presented.  The 
effects  of  geometric  and  flow  parameters  are  summarized  in  the  follow- 
ing statements: 

a)  The  static  stability  derivatives  at  a = 0 of  missiles  with 
WAF's  are  essentially  the  same  as  with  equivalent  planar  fins  and  may 
be  estimated  by  using  the  flat  fin  techniques. 

b)  Drag  of  the  WAF  is  larger  than  the  flat  fin  with  the  same 
projected  planform  area.  This  increase  is  approximately  a factor  of 

,1.1,  for  the  fins  tested,  which  corresponds  to  the  increase  in  frontal 
area  of  the  WAF  over  the  flat  fin. 

c)  The  WAF  does  induce  roll  moment  to  the  missile  at  zero  angle 
of  attack  and  zero  fin  cant.  This  self-induced  roll  moment  can  change 
direction  as  a function  of  Mach  number  shown,  from  static  data,  to 
crossover  near  Mach  1.0  for  smooth  bodies.  The  parameter  appearing  to 
influence  the  subsonic  roll  moment  most  is  the  fin  root  chord  length, 
indicating  a fin-body  juncture  effect. 

d)  Step  downs  on  the  afterbody,  simulating  a fin  hinge  recess, 
show  additional  crossover  of  the  WAF-induced  roll  moment  at  supersonic 


Mach  numbers  from  1.2  to  3.0. 
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e)  The  WAF  rolling  moment  variation  with  total  missile  angle  of 
attack  is  small  for  absolute  angles  of  attack  less  than  2°.  Above  2° 
the  rolling  moment  may  deviate  significantly  from  the  zero  angle  of 
attack  case  depending  upon  fin  geometry  and  Mach  number. 

f)  Cross  derivatives  induced  by  the  WAF  do  not  appear  to  be 
significant  at  Mach  numbers  below  2.5.  This  may  not  be  the  case  for 
Mach  numbers  above  2.5,  for  three- fin  configurations,  WAF  configura- 
tions where  fin  opening  directions  are  alternated,  or  higher  angles 
of  attack. 

g)  Accurate  measurement  of  WAF  rolling  moment  requires  sensitive 
roll  moment  measurement  instrumentation  and  small  tolerance  on  the 
individual  fin  geometric  incidence. 

h)  The  WAF  moments  do  not  appear  to  be  intolerable,  and  missile 
roll  rates  can  be  tailored  by  proper  geometric  design  and  fin  inci- 
dence for  many  applications. 
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TABLE  1.  FIN  CONFIGURATION  SUMMARY 


VCR 

A 

(<leg) 

*2 

(in.) 

R3 

(in.) 

2.000 

1.800 

1.957 

1.843 

1.929 

1.871 

2.000 

1.8000 

6* 

(deg) 

(in.) 

45 

0.008 

T 

2.000 

T 

1.800 

© 

2.0 

T 

1.8 

♦Leading  edge  angle.  All  trailing  edges  & 45*. 

♦♦Standard  TTCP  UAP. 

©Blunt  leading  edge. 

©Unsymaetrical  leading  edge. 

©Rectangular  flat  planform,  exposed  span  * 2.658  In. 
©Cap  fin. 

©Tip  chord  parallel  to  root  chord. 


Much  Ko. 

Configuration  0.30  | 0.50  I 0.S0  | 0.95  | 1.00  J 1.05  J 1.10  | 1.20  I 1.30  j 1.60  | 1.90  I 2.36  I 2.86 
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Figure  5.  WAF  rolling  moment  data  precision. 
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Figure  6.  WAF  rolling  moment  coefficient  comparisons 
from  several  tests,  a = 0,  <t>  =0. 
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Figure  11.  Effect  of  fin  leading  edge  sweep  and  fin  thickness 
on  WAF  rolling  moment  coefficient,  d = 0. 
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Figure  15.  Effects  of  span  on  WAF  induced  rolling  moment 
Cr/D  = 1.75. 
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ABSTRACT 


The  feasibility  of  using  wrap-around  lifting,  stabilizing, 
and  control  surfaces  on  tube -launched,  bank-to-turn  missile  config- 
urations is  being  investigated  at  APL/JHU  in  the  subsonic  and  transonic 
ranges.  Longitudinal  and  lateral  stability  and  control  data  have  been 
obtained  from  wind  tunnel  tests,  mostly  at  Mach  Number  0.8,  on  config- 
urations having  wrap-around  monoplane  wings,  wrap-around  horizontal 
tails,  and  a planar,  all-movable  ventral  stabilizing  and  control  sur- 
face. A description  of  the  configurations  tested  and  some  of  the  sig- 
nificant results  obtained  in  the  analysis  of  the  test  data  are  pre- 
sented in  this  paper.  A comparison  with  planar  surface  data  and  with 
predictive  methods  derived  for  planar  surfaces  is  also  shown. 
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Some  of  the  significant  results  are: 

1.  The  aerodynamics  of  curved  surfaces  can  bo  predicted  from 
theory  or  empirical  methods  derived  for  planar  surfaces 
provided  the  projected  planforms  are  the  same  and  provided 
that  there  is  no  surface-to-surface  interference. 

2.  When  the  curved  or  planar  horizontal  tails  are  in  the  wake 
of  the  curved  wings,  the  tail  lift  efficiency  is  not  pre- 
dicted well  by  planar  surface  methods.  An  effective  tail 
height  parameter  has  been  deduced  that,  \-?hen  used  with 
existing  downwash  formulations,  provides  a good  prediction 
of  tail  efficiency  ror  all  cases  of  tail  concavity  orien- 
tation investigated. 

3.  Pitch  and  roll  control  effectiveness  of  the  curved  tails 
is  as  good  or  better  than  that  of  the  planar  tails. 

4.  The  pitch  control  effectiveness  is  shown  to  correlate  as  a 
single  valued  function  with  the  effective  angle  of  attack 
at  the  tail.  This  effective  angle  of  attack  includes  the 
calculated  downwash  angle  based  on  the  "effective  tail 
height"  parameter  found  in  this  study. 

5.  The  use  of  curved  surfaces  for  lift,  stability  <. ad  control 
of  missile  configurations  appears  feasible. 
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S YMBOLS  AND  NOMENCLATURE 


"(eff) 


M.A.C. 


local  wing  (tail)  chord 


rolling  moment  coefficient  = 


rolling  moment  (in-lbs) 


roll  control  effectiveness;  C.  = — 

h 6 


pitching  moment  coefficient 


pitching  moment  (in-lbs) 


normal  force  coefficient 


normal  force  (lb) 


increment  of  due  to  pitch  incidence,  i.e., 


(C  at  i T4  0)  - (C  at  i = 0) 
m p m p 


reference  length  = body  diameter  =3.0  inches 


effective  tail  height  for  curved  surfaces 
(see  Section  I.C) 


tail  pitch  incidence;  leading  edge  up  for  high 
wing  configuration  is  positive 


body  length 


mean  aerodynamic  chord  = mean  geometric  chord 


dynamic  pressure 


reference  area  = 


7.07  in.' 


longitudinal  location  of  the  center  of  pressure 
measured  from  the  nose 


center  of  gravity  location,  X =0.55 

c . g . t 


X a 


inches 


inches 


inches 


degrees 


inches 


inches 


lbs/in^ 


inches 
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SYMBOLS  AND  NOMENCLATURE  (Cont'd: 


-H(eff) 


angle  of  attack,  angle  between  velocity  vector  and 
the  body  longitudinal  axis  s body  angle  of  attack 


degrees 


effective  angle  of  attack  at  the  1/4  chord  of  ttu 
M.A.C.  of  the  horizontal  tail  (see  Fig.  16) 


degrees 


average  differential  roll  control  deflection  (see 
Fig.  17) 


degrees 


downwash  angle  at  the  1/4  chord  of  the  M.A.C.  of 
the  tail 


degrees 


efficiency  of  the  horizontal  tail  (in  the  presence 
of  the  vertical  tail)  in  producing  lift  or  pitching 
moment,  e.g. 


C - C 

%V  C - C 

^BHV  “B 


where  R is  body 


W is  wing 


H is  horizontal  tail,  and 


V is  vertical  tail 


wing  elevation  angle  (see  Fig.  2) 


l ? 
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INTRODUCTION 

Wrap-around  finned  configurations,  WAF,  have  been  con- 
sidered by  some  investigators  for  possible  application  to  tube- 
launched  missiles  because  of  the  advantages  offered  by  such  a con- 
figuration in  stowage,  handling,  and  launching  (Refs.  1 to  4).  In- 
vestigations using  single  fins  and  configurations  with  spirally  ori- 
ented cruciform  or  triform  tails  have  shown  that  the  curved  fins 
provide  about  the  same  normal  force  and  longitudinal  stability  as  a 
planar  fin  whose  planform  is  the  same  as  the  projected  planform  of 
the  curved  fin  (Refs.  4 and  5).  These  investigations  used  fins  having 
essentially  constant  thickness  profiles.  These  fins  also  obtain  a 
rolling  moment  at  zero  angle  of  attack  (due  to  the  difference  in 
pressures  on  the  concave  and  convex  sides)  which  changes  sign  as  the 
Mach  number  is  traversed  from  subsonic  to  supersonic. 

In  the  present  study  at  the  Applied  Physics  Laboratory/ 

The  Johns  Hopkins  University,  wind  tunnel  investigations  were  con- 
ducted in  the  subsonic- transonic  regime  (mostly  at  Mach  number  0.8) 
with  the  primary  objective  to  assess  the  aerodynamic  feasibility  of 
bank-to-turn  type  missile  configurations  using  monoplane  wrap-around 
lifting,  stabilizing,  and  control  surfaces.  Corollary  objectives  were 
(1)  to  evaluate  the  relative  effectiveness  of  curved  and  planar  sur- 
faces, and  (2)  to  seek  predictive  methods  tor  aerodynamics  of  curved 
surfaces.  The  most  significant  results  of  the  investigations  are  pre- 
sented in  t ’* is  paper.  Detailed  analyses  are  contained  in  Refs.  6 and  7. 

Related  structural  studies  conducted  at  APL  are  presented  in 
Appendix  A. 
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The  wrap-around  surface  project  (WASP)  configurations  con- 
sisted of  a fineness  ratio  10  body  upon  which  were  mounted  monoplane 

*». 

wings  and  horizontal  tails  and  a vertical  stabilizer  (Fig.  1)  . The 
body  had  a 2.1  caliber  von  Kantian  nose  followed  by  a cylindrical  after- 
body. Since  drag  measurement  was  not  a purpose  of  the  test,  the  body 
was  not  contoured  nor  boattailed.  The  wings  were  elevated  30°  from  the 
horizontal  plane  of  the  cylinder  to  obtain  the  maximum  wing  span  when 
unfolded  (Fig.  2)  without  requiring  overlap  when  folded.  The  profile 
of  all  the  surfaces  was  NACA  64A0C6.  Flexibility  was  built  into  the 
model  design  to  permit  configuring  several  combinations  of  wing  longi- 
tudinal position,  tail  concavity  orientation,  tail  dihedral  and  anhe- 
dral,  and  to  permit  component  testing.  In  addition  the  symmetric  profile 
NASA  64A006  permitted  us  to  obtain  information  on  both  high  wing  and  low 

wing  configurations  by  testing  at  positive  and  negative  angles-of-attack. 

*>v 

Configurations  similar  to  WASP  but  with  planar  surfaces  (Fig.  3)  were 
also  tested  for  comparison.  These  surfaces  had  the  same  planform  as  the 
projected  planform  of  the  curved  surfaces.  Other  geometric  parameters 
are  shown  in  Table  I. 

The  data  obtained  were  normal  and  side  forces  and  pitching, 
yawing,  and  rolling  moments.  The  angle  of  attack  was  varied  from  -12° 
to  16°.  The  test  Mach  number  was  0.8;  this  was  the  design  Mach  number 
for  wing  and  tail  planform  and  profile  selection.  A limited  amount  of 
data  were  obtained  to  determine  the  effects  of  Reynolds  number;  the  bulk 
of  the  data  were  obtained  at  a free  stream  Reynolds  number  per  foot  of 
7.7  x 106. 


k 

The  vertical  stabilizer  is  shown  180°  opposite  of  its  position  on  the 
test  configuration. 


■v. 
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PRESENTATION  OF  RESULTS 

The  results  of  analysis  of  the  WASP  experimental  data  are 
presented  in  two  sections; 

The  longitudinal  stability  (C„  and  C ) characteristics  of 

N m 

eurved  surfaces  mounted  on  a body  are  presented  in  Section  I.  A 
comparison  of  the  results  is  made  with  those  obtained  with  planar 
surfaces  and  with  selected  predictive  methods.  Some  geometric  effects 
on  and  Cm  are  examined.  Finally,  the  longitudinally  stability  of 
a full  configuration  (body-wing-empennage)  is  presented  and  the  wing- 
tail  interaction  obtained  on  the  curved  surfaces  is  analyzed. 

In  Section  II,  the  pitch  and  roll  control  effectiveness  of 
the  curved  tails  are  presented  and  discussed.  A correlation  is  shown 
to  exist  between  the  increment  in  pitch  control  moment  and  the  cal- 
culated angle  of  attack  at  the  tail  1/4  chord  of  the  mean  aerodynamic 
chord . 

The  reference  area  for  all  aerodynamic  coefficients  is  the 
body  cn  ss-sectional  area  (7.07  square  inches);  the  reference  length 
if  the  body  diameter  (3.0  inches);  and  the  reference  center-of-gravity 
is  at  55%  of  the  body  length. 
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RESULTS 

I . Longitudinal  Stability  Characteristics 

A.  Curved  Surface  Performance.  Wing-Bodv  Configurations 

Previous  investigators  have  established  that  at  both  sub- 
sonic and  supersonic  speeds  the  longitudinal  aerodynamic  character- 
istics of  curved  wings,  whose  cross  section  was  essentially  constant 
in  thickness,  are  the  same  as  those  of  planar  wings  when  their  pro- 
jected planforms  are  the  same  (Ref.  5).  The  test  results  obtained 
on  the  WASP  wing  (in  the  presence  of  the  body)  show  that  planar  sur- 
face data  also  provide  a good  estimate  of  C„  and  C for  curved  surfaces 
with  subsonic  profiles  (Figs.  4 and  5).  At  higher  angles  of  attack  the 

curved  and  planar  surfaces  have  different  values  of  C„  and  C but  these 

N m 

differences  are  small. 

Other  observations  noted  (but  not  shown  herein)  are: 

1.  The  center-of-pressure  of  the  wing  normal  force 
is  about  the  1/4  chord  of  the  mean  aerodynamic 
chord,  M.A.C.,  and  is  not  very  sensitive  to  angle- 
of-attack. 

2.  Stall  due  to  angle  of  attack  is  not  indicated  for 
the  high  wing  in  the  range  0 £ a £ 16°  (Fig.  4). 

A limited  amount  of  data  obtained  at  higher  angles 
shows  a mild  stall  at  a a*  16.5°. 

It  is  concluded  from  these  results  that  any  method  for 
accurately  predicting  normal  force  and  pitching  moment  of  planar 
wings  can  also  be  used  to  obtain  reasonable  estimates  of  these  values 
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for  curved  wings  provided  that  the  projected  planforms  are  the  same 
for  the  planar  and  curved  wings.  For  example,  the  method  of  Polhamus 
(Ref.  8),  although  not  exactly  applicable  to  the  wing  used  in  these 
studies,  gives  a good  prediction  of  the  wing  normal  force  (Fig.  6). 
Lifting  surface  theory  was  found  to  predict  the  lift  curve  slope 
accurately.  Based  on  the  test  results  from  this  study,  a good  esti- 
mate for  the  center-of-pressure  location  is  the  wing  1/4  chord  of  the 
mean  aerodynamic  chord. 

B.  Wing  Elevation  and  Tail  Concavity  Effects.  Body  Wing  or 

Body .Tail 

Several  geometric  effects  on  the  performance  of  curved  sur- 
faces were  investigated  in  this  program.  Among  these  were  wing  ele- 
vation and  tail  concavity  orientation. 

The  effect  of  wing  elevation  on  CN  and  C is  insignificant  for 
planar  wings  (Fig.  4)  when  the  elevation  is  equal  and  opposite,  0^  = ±30°, 
i.e.,  high  and  low  wing.  Test  data  are  not  available  to  permit  a 
direct  comparison  of  this  effect  for  the  wrap-around  wings;  the  high 
and  low  curved  wings  tested  have  opposite  concavity.  The  and 

data  for  these  curved  surfaces  however  show  no  significant  difference 
up  to  a = 10°. 

The  effects  of  concavity  orientation  were  investigated  using 
the  body  tail  configuration.  This  surface  has  the  plane  containing  its 
projected  planform  at  midbody  and  hence  elevation  effects  are  eliminated. 


The  results  show  (Fig.  7)  that  up  to  a 8°,  CM  (or  C ) is  the  same  for 

N m 
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concave  side  windward  and  concave  side  leeward.  Above  a » 8°,  the  C 

data  indicate  that  the  tails  that  have  the  convex  side  to  the  wind 

are  less  effective  stabilizers  than  the  ones  whose  concave  side  is 

to  the  wind.  Analysis  of  the  body  tail  minus  body  data  show  the  onset 

of  tail  stall  at  a w 10°.  This  stall  shows  up  in  the  C data  of  Fig.  7. 

m 

It  is  surmised  from  the  body-planar  wing  and  body-curved  wing 
data  of  Figs.  4 and  5 and  the  body-tail  data  of  Fig.  7 that  when  the 
wing  elevation  is  equal  and  opposite  for  curved  surfaces  which  have 
the  same  concavity  orientation  the  and  would  be  the  same  up  to 
a = 8°. 

C.  Full  Configuration  (Body-Wing-Empennage)  Aerodynamic  Performance 

For  the  full  configuration,  wing-tail  interference  is  present. 

When  the  wing  is  high,  the  curved  and  planar  surface  configurations  have 

the  same  value  of  (or  C^)  up  to  or  w 10°  (Figs.  8 and  9).  Above 

a « 10°  there  are  differences  in  the  aerodynamic  characteristics  of  the 

two  configurations,  e.g.,  at  a = 16°  the  curved  surface  configuration 

has  a value  of  | C | that  is  about  10/o  higher  than  that  of  the  planar 

surface  configuration.  When  the  wing  is  low,  is  different  for  the 

planar  and  curved  surface  configurations  above  a & 8°;  C differs  con- 

m 

siderably  above  a « 4°,  Both  low  wing  configurations  have  a highly  non- 


linear C and  become  unstable 
m 


(Is  >0) 


at  low  angles  of  attack  (Fig.  9) 


because  of  the  interference  from  the  wing  vortex  to  the  tail.  This 
wing* tail  interference  also  results  in  the  low  wing  configuration  having 
a lower  value  of  CM  than  the  high  wing  configuration  (Fig.  10). 
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The  combination  of  reduced  C„.  non-linearities  in  C , and 

N’  nr 

instability  at  low  angles-of-attack  of  the  low  wing  configuration  makes 
the  high  wing  configuration  more  desirable  from  an  aerodynamic  view- 
point. 

The  magnitude  and  persistence  of  the  instability  noted  above 

for  the  low  wing  configuration  was  found  to  be  different  for  the 

various  tail  and  wing  configurations  tested  (Fig.  11).  These  geometric 

variables  produce  the  following  six  different  low  wing  configurations: 

curved  wings  and  tails;  planar  wings  and  tails;  curved  wings  and  planar 

tails;  curved  wing-  and  tail-surfaces  with  tail  concavity  reversed; 

curved  wing  and  tail  surfaces  with  tail  anhedral;  and  curved  wing  and 

tail  surfaces  with  the  tail  having  dihedral  and  its  convex  side  windward. 

All  high  wing  configurations  (with  the  exception  of  the  last  one  mentioned 

above)  obtained  a C within  10%  of  each  other  up  to  o - 16°  (curve  not 
m 

shown).  The  low  wing  configurations  however  show  a significantly  dif- 
ferent curve  for  every  configuration  (Fig.  11). 

Although  it  has  been  established  from  stability  considerations 
that  the  high  wing  configurations  are  preferable  to  the  low  wing  con- 
figurations some  maneuvering  at  small  negative  angles  of  attack  would  be 
expected  for  high  wing  configurations.  Thus  some  understanding  of  the 
causes  for  such  varied  stability  of  the  low  wing  configurations  (or 
equivalently  high  wings  at  a < 0)  would  be  useful.  A search  into  possible 
geometric  and/or  aerodynamic  causes  for  the  different  trends  of  the 
low  wing  configurations  resulted  in  arriving  at  a "tail  height"  parameter, 
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h , for  the  curved  surface  configurations  which  provides  an  im- 

(eff) 


proved  prediction  of  tail  efficiency  for  curved  surface  configurations 


over  that  obtained  by  using  the  usual  tail  height  for  planar  wings 


(Figs.  12  and  13).  This  parameter  was  used  in  Decker's  downwash  formu- 


lations (Ref.  9)  to  calculate  the  vertical  displacement  of  the  vortex 


core  and  from  this  the  lag  of  downwash,  cSe/ckx,  and  tail  efficiency, 


In  the  region  of  maximum  wing  tail  interference,  where  C of  the  low 

m 


wing  configurations  has  the  most  positive  value  (Fig.  11)  and  the  tail 


efficiency  is  lowest  (Fig.  13),  neither  calculated  using  h 


(eff) 


calculated  using  the  projected  planform  height  provide  a good  pre- 


diction of  the  test  data.  Further  refinements  of  the  predictions  in 


this  region  were  found  possible  using  correlation  parameters  involving 


tv  , C and  angle  of  attack.  These  correlations  are  detailed  in 

t(ef  f)  m 


Re  f . 6 . 


Jr 

This  parameter  h is  the  vertical  distance  between  the  centroids 

C(eff) 


of  the  shaded  segments  shown  below.  These  segments  are  formed  by  the 


following  two  boundaries:  a)  the  wing  (or  tail)  plane  containing  the 


root  chord  and  tip  chord,  and  b)  the  profile  centerline. 
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II.  Control  Characteristics 


A.  Pitch  Control 


In  general  the  curved  surfaces  provide  pitch  control  that  is 
equal  to  or  better  than  that  of  the  planar  surfaces  (Fig.  14).  This  is 
the  case  both  when  the  tails  are  ir.  the  wing  wake  (as  in  the  -a  data  of 
Fig.  14)  and  when  there  is  little  or  no  wing  interference  (+ot  or  wing 
off).  When  there  is  no  wing  present  the  tails  will  stall  at  | a + i^  j r=>  10° 
(wing  off  data,  Fig.  14).  The  wing  downwash,  however,  enhances  the  con- 
trol effectiveness  of  the  tail  surfaces  so  that  when  a < 0 and  i < 0 (low 

P 

wing  configuration),  the  load  on  the  tail  is  reduced  and  stall  does  not 
occur  in  the  range  of  negative  or  tested,  -10°  £ or  s 0°.  The  result  is 
that  the  control  moment  is  fairly  constant  throughout  the  angle  of  attack 
range  tested  (Fig.  15).  For  the  configuration  selected  for  the  control 
tests  (wing  1/4  chord  of  M.A.C.  at  0.50  £„),  and  for  the  reference  center- 

D 

of-gravity  location  of  0.55  body  length,  the  trim  pitch  incidence  is  less 
than  | 5°  | for  -10°  £ a £ 16°  (the  missile  is  trimmed  in  pitch  when  * 0). 
This  WASP  configuration  which  has  the  wing  located  at  0.5  appears  to 

D 

be  an  aerodynamical ly  feasible  configuration  based  on  its  longitudinal 

stability  and  control  characteristics. 

B.  Pitch  Control  Effectiveness  Correlation 

The  effective  angle  of  attack  at  the  tail  1/4  chord  of  the  Mean 

Aerodynamic  Chord,  or  , was  calculated  by  summing  the  values  of  the 

H(eff) 

body  angle  of  attack,  or^,  tail  incidence,  ip,  and  the  downwash  angle,  e, 

at  the  1/4  chord  of  the  M.A.C.  The  wing  downwash  angle  was  calculated 
using  Decker's  formulation  of  Ref.  9 and  the  aforementioned  effective  tail 


height  for  the  curved  surfaces,  h 


"(eff) 
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It  was  found,  as  could  be  expected  a priori,  that  when  the 


pitch  control  effectivenes  AC^/i^  is  plotted  against  this  value  of 


H(eff),  the  control  data  for  both  wing-on  and  wing-off  configurations 


collapse  into  essentially  one  curve  (Fig.  16).  This  correlation  of 


pitch  control  effectiveness  with  the  effective  tail  angle  of  attack 


(Fig.  16)  shows  that  tail  stall  occurs  at  w 10°  to  12°.  This 


is  i~i  close  agreement  with  the  tail  stall  angle  observed  from  the  tail 


normal  force  data  obtained  at  zero  tail  deflection.  Since  e is  linearly 


dependent  on  h , the  magnitude  of  h used  in  the  calculation 

fc(eff)  t(eff) 


of  e is  important.  The  correlation  of  AC  /i  with  a..,  is  therefore 

m p H(eff) 


additional  evidence  that  the  formulated  value  of  h 


(eff) 


as  explained 


previously,  is  a workable  correlation  parameter  and  thus  is  useful  in 


estimating  longitudinal  stability  and  control  characteristics  for  curved 


surface  configurations. 


C.  Roll  Control  Effectiveness 


The  roll  control  effectiveness,  C.  , of  the  curved  surfaces 


is  equal  to  or  better  than  that  of  the  planar  surfaces  (Fig.  17).  At 


or  > 0,  C„  decreases  with  increasing  a for  the  curved  surfaces  but  not 
*6 


as  much  as  it  does  with  planar  surfaces.  For  example,  at  a ~ 16°,  the 


reduction  from  the  a = 0°  value  is  7Tb  for  the  planar  tails  and  427,  for 


the  curved  tails.  The  importance  of  chis  reduced  value  of  C.  at.  the 

■5 


higher  angles  of  attack  on  aerodynamic  performance  depends  on  potential 


mission  requirements. 
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CONCLUSIONS 


The  use  of  wrap  around  surfaces  for  providing  lift,  stability, 
and  control  of  span  limited  missiles  is  aerodynamically  feasible.  The 
aerodynamic  characteristics  of  these  curved  surfaces  can  be  predicted 
accurately  using  methods  developed  for  planar  surfaces.  For  body-wing- 
tail  configurations,  where  wing-tail  interference  is  present,  an  effective 
tail  height  parameter  has  been  developed  in  this  study  for  curved  sur- 
face configurations  that  can  be  used  to  obtain  good  predictions  of  tail 
efficiency. 
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TABLE  I 

GEOMETRIC  PARAMETERS  OF  WING/TAIL  SURFACES 


* 

Parameter 

Wing 

Horizontal 

Tail 

Vertical 

Tail 

Exposed  Semi -Span,  in. 

2.598 

1.760 

1.760 

Root  Chord,  in. 

3.737 

2.514 

2.514 

Tip  Chord,  in. 

l.b68 

1.257 

1.257 

Mean  Aero.  Chord,  in. 

2.90 

1.956 

1.956 

Lateral  Centroid,  in. 

1.154 

0.781 

0 '81 

Projected  Surface  Area  (one 
surface)  in2 

7.28 

3.21 

3.21 

Taper  in  Chord 

1/2 

1/2 

1/2 

Sweep,  deg.  (ref.) 

35.6° 

35.6° 

35.6° 

Aspect  Ratio,  one  exposed  panel 

0.925 

0.925 

0.925 

Aspect  Ratio,  tip  to  tip 

2.30 

2.44 

-- 

Elevation  angle 

u> 

o 

o 

0° 

-- 

Section  Profile:  NACA  64A006  all 
surfaces 


II 

4 

■■I 

i 

Note:  For  the  curved  surface  these  geometric  parameters  refer 

to  the  projection  of  the  curved  surfac':  on  the  horizontal 
plane  containing  both  the  root  and  tip  chords. 
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FIG.  1 WRAP-AROUND  SURFACE  PROJECT  (WASP) 
CONFIGURATION 
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EXPOSED  A.R.  (TWO  PANELS)  = 1.85 
TIP  TO  ROOT  CHORD  RATIO  = 1/2 
PROFILE:  NASA  64A006 


• TEST 

— PREDICTIONS 


6 8 10 
ANGLE  OF  ATTACK,  a DEG. 


FIG.  6 COMPARISON  OF  WRAP-AROUND  WING  NORMAL  FORCE 

(INCLUDING  WING-BODY  CARRYOVER)  WITH  PREDICTIONS 
USING  THE  LEADING  EDGE  SUCTION  ANALOGY  AND 
SLENDER  BODY  INTERFERENCE  FACTORS  M = 0.80 
(REFERENCE  AREA  IS  PROJECTED  PLANFORM  AREA) 


] ■ ‘ 


HiGH  WING  y A LOW  WING 


NORMAL  FORCE  COEFFICI 


Fig.  10  EFFECT  OF  CONCAVITY  ORIENTATION  AND  WING 

ELEVATION  ON  FULL  CONFIGURATION  NORMAL  FORCE 
COEFFICIENT  M = 0.80 
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PLANAR  SURFACES 


CURVED  SURFACES 


ANGLE  OF  ATTACK,  a DEG. 

0.8 

— • 

• 

0.6 

• TEST  RESULTS  > 

DDCniATIAMC  I 

rrf  cults  1 lUIMo  ^ 

USING  ht(eff) 

- - PREDICTIONS  USING 
PROJECTED  PLANFORM 
HEIGHT 

0.2 

o 

/ 

/ 

MIXED 

V 

1 1 1 

U 

) 4 8 12 

ANGLE  OF  ATTACK,  a DEG 

FIG.  12  COMPARISON  BETWEEN  TEST  AND  PREDICTED  TAIL 
EFFICIENCY  (HIGH  WINGS) 
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FIG.  17  EFFECT  OF  ANGLE  OF  ATTACK  AND  DIFFERENTIAL 

DEFLECTION  ON  ROLL  CONTROL  EFFECTIVENESS  M = 0.80 
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APPENDIX  A 

RELATED  STRUCTURAL  STUDIES  ON  CURVED  SURFACES 

A concurrent  structural  design  study  on  wrap-around  wings 
suitable  for  a subsonic  cruise  missile  has  been  conducted  by  APL/JHU 
(Ref.  A.l).  The  study  included  finite-element  stress,  deflection,  and 
vibration  analyses  and  a system  study  on  methods  for  folding  the  wings 
to  permit  stowage  in  a box  or  tube  launcher.  The  wings  were  sized  to 
conform  to  a selected  body  diameter  and  to  support  a selected  panel  load. 
Table  AI  compares  several  important  design  parameters  for  the  wrap-around 
wing  with  those  for  a swept  swing  wing  which  retracts  into  the  body.  The 
same  panel  load  and  body  diameter  were  used  in  the  design  of  both  wings. 

It  is  seen  that  the  total  system  weight  and  volume  of  the  wrap-around  wings 
are  respectively  53  and  38  percent  of  those  of  the  swing  wing.  On  the 
basis  of  these  results  and  the  aerodynamic  studies  it  appears  that  wrap- 
around wings  warrant  further  consideration  for  cruise  missiles  with  fold- 
ing surfaces. 


it 


TABLE  AI 

COMPARISON  OF  WRAP-AROUND  AND  SWING  (RETRACTING) 
WING  DESIGNS  (REF.  A.l) 


Parameter 

Wrap-Around 



Swine  Wii 

Total  System  Weight,  lb 

263 

499 

Total  System  Volume,  in 

9,068 

23,978 

Limit  Load  Stress,  psi 

11,800 

59,300 

Tip  Deflection,  in 

0.94 

5.64 

First  Natural  Frequency,  cps 

172 

114 

Selected  Body  Diameter:  34  inches 
Selected  Panel  Load:  8660  pounds 

REFERENCE 

A.l  R,  M.  Rivello,  J.  S.  O’Connor  and  A.  S.  Polk,  Structural  Studies 
on  Wrap-Around  Folding  Wings,  APL/JHU  TG-1274,  March  1975. 
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PAPER  NO.  12 

TRANSONIC  FLIGHT  DYNAMICS  OF.  LONG  SHELL 
by 

V.  Oskay  and  W.  H. .Mermagen 
U.  S.  Amy  Ballistic  Research  Laboratories 


ABSTRACT 


Medium  caliber  projectiles  of'.high  fineness  ratio,  designed  to 
satisfy  a need  for  large  payload  capacities,  have  proven  dynamically 
unstable  at  transonic  speeds.  Yawsondes  were  used  to  measure  projectile 
sensitivity  to  launch  disturbances  and  obtain  yawing  data  along  the 
flight  trajectory.  Nonlinear  aerodynamics  characterize  the  flight  of 
the  shell. 

Modifications  of  the  projectile  boattail  and  cylindrical  sections 
improved  flight  behavior  by  improving  nutational  damping.  While  the 
unmodified  shell  became  unstable  at  six  degrees  initial  yaw,  the 
modifications  allowed  stable  flight  at  up  to  sixteen  degrees  yaw.  The 
effect  of  the  design  modifications  or.  the  projectile's  flight  behavior 
are  discussed. 
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I . BACKGROUND 

The  U.  S.  Amy  has  been  interested  in  high  L/D  shapes  as  means  of 
delivering  large  payloads  to  long  impact  ranges.  Army  investigations 
of  these  configurations  became  active  at  the  end  of  the  Second  World 
War  and  several  studies  were  carried  out  during  late  1940's  and  early 
1950's1.  As  a result  of  these  investigations,  several  high  capacity, 
low  drag  shell  have  been  designed  during  the  1960 ' s for  various  caliber 
guns.  These  shell  had  L/D  ratios  of  5-1/2  or  larger  in  order  to  meet 
the  requirements  imposed  upon  them.  The  M483  shell,  a 155mm  "Improved 
Conventional  Munition"  round,  will  be  used  to  demonstrate  the  develop- 
ment history  of  a high  L/D  shell,  the  testing  done  to  determine  its 
flight  behavior,  the  detection  and  explanation  of  poor  flight  perfor- 
mance, and  a solution  to  the  problem. 

The  M483  shell,  shown  in  Figure  1,  is  designed  to  deliver  a sub- 
caliber ammunition  payload  to  target.  It  is  fired  from  a 1/20-twist 
155mm  howitzer,  either  self-propelled  or  towed.  In  order  to  accommodate 
the  maximum  amount  of  payload,  the  shell  has  a 2.84-caliber  cylindrical 
section  (one  caliber  is  equal  to  the  shell's  diameter).  A 2.70-caliber 
long  ogive  and  a 0.51-caliber  long  boattail  were  used  to  increase  the 
impact  range  of  the  shell. 

During  the  development  of  this  shell,  from  1964  to  1968,  several 
configurations  were  fired  through  the  Ballistic  Research  Laboratories' 

p 

spark  range  facility  (Transonic  Range)  . The  design  which  appeared  to 


1.  F.  E.  Grubbs,  et  al,  "A  Family  of  Field  Artillery,"  Ballistic  Research 
Laboratories  Report  No.  771,  September  1951,  AD  377101. 

2.  W.  K.  Rogers,  Jr.,  "The  Transonic  Free  Flight  Range,"  Ballistic  Research 
Laboratories  Report  No.  1044,  June  1958,  AD  200177. 
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be  most  acceptable  was  then  subjected  to  engineering  and  service  tests. 
Finally,  in  early  1970's,  the  shell  had  gone  through  proof  testing  prior 
to  its  type  classification. 

The  Transonic  Range  data  indicated  that  at  small  yaws,  below  three 
degrees,  the  precessional  component  of  the  yawing  motion  was  divergent 
for  Mach  numbers  less  than  0.9.  They  further  indicated  a stable, 
subsonic  limit  cycle  and  suggested  the  possibility  of  a nutational 
instability  for  subsonic  Mach  numbers  at  launch  yaw  levels  above  8°  to 
10°.  In  contrast,  the  engineering  tests  did  not  give  any  indication  of 
unacceptable  performance.  On  the  other  hand,  some  data  possibly  indi- 
cating flight  problems  were  obtained  during  the  service  test  of  M483 
shell  in  1968.  Unfortunately,  the  problem  occurred  during  the  "Fire  for 
Effect"  pahse  (air  burst)  of  the  tests.  At  the  time,  it  was  decided 
that  the  problem  was  caused  by  fuse  malfunction  although  Picatinny 
Arsenal  (PA)  end  BRL  aeroballisticians  disagreed  with  this  conclusion. 

About  this  time,  the  BRL  was  developing  an  on-board  telemetry 
instrument  known  as  a yawsonde.  This  instrument  had  been  successfully 
used  during  the  High  Altitude  Research  Project"^.  In  1970,  it  was 
decided  to  use  the  same  device  to  study  the  predicted  limit  cycle  be- 
havior of  the  M483  shell  under  normal  launch  conditions.  Unfortunately , 
this  round  flew  to  the  expected  impact  range.  It  gave  indications  of  non- 
linear Magnus  and  damping  moment  coefficients. 


3.  W.  H.  Mermagen,  "Measurements  of  the  Dynamical  Behavior  of  Projectiles 
Over  Long  Flight  Paths,"  Ballistic  Research  Laboratories  Memorandum 
Report  No.  2079,  November  1970,  AD  717002. 

4;  W.  H.  Mermagen,  "Projectile  High-G  Telemetry  for  Long  Range  Dynamics 
Measurements,"  Ballistic  Research  Laboratories  Memorandum  Report  No. 
2133,  October  1971,  AD  733305. 
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In  1970,  Chapman  and  Kirk  of  NASA  had  published  a paper  on  a method 


of  analyzing  free-flight  data3.  As  a result  of  this  paper,  it  was 


decided  to  repeat  previous  subsonic  yawsonde  tests  of  M483  in  1972  with 


the  added  intention  of  determining  aerodynamic  coefficients  at  yaw 


levels  higher  than  the  ones  observed  during  Transonic  Range  firings. 


In  order  to  achieve  the  desired  yaw  levels,  a yaw  inducer  (Figure  2) 


was  designed.  The  shell  fired  without  induced  yaw  during  this  test 


series  confirmed  previously  observed  nonlinear  character  of  the  aero- 


dynamic coefficients.  On  the  other  hand,  the  shell  fired  with  induced 
yaw  fell  over  1,500  meters  short.  This  was  the  first  time  that  the 


M483  was  observed  misbehaving  under  controlled  test  conditions.  .An- 


other interesting  aspect  of  these  test  results  was  that  the  nutational 


component  of  the  yawing  motion  was  unstable  at  these  yaw  levels  as 


implied  by  the  earlier  Transonic  Range  tests. 


In  February  1974,  a 20-round  group  of  M483  shell  was  tested  at 


Nicolet,  Canada,  at  transonic  launch  Mach  number  and  under  severe 


atmospheric  conditions  (below  10°  F and  more  than  110%  of  standard  ICAO 


air  density)  . Thirty-five  percent  of  these  shell  fell  short.  This 


jerformance  under  severe  but  still  within  military  specification 


conditions  indicated  the  existance  of  an  aeroballistic  problem. 


5.  G.  T.  Chapman  and  D.  B.  Kirk,  "A  Method  f.or  Extracting  Aerodynamic 
Coefficients  from  Free-Flight  Data,"  AIAA  Journal,  Vol.  8,  No.  4, 
April  1970. 


6 R.  L.  McCoy,  J.  H.  Whiteside,  and  E.  D.  Boyer,  "155mm  Cold  Weather 
Transonic  Test  (Uh"  Ballistic  Research. Laboratories  Memorandum 
Report  No.  2397,  July  1974,  AD  53119a,  (CONFIDENTIAL). 
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Since  M483  Is  a long,  spin  stabilized  shell,  it  was  predicted  that 
the  aeroballistic  problem  was  the  Magnus  characteristics  of  this  pro- 
jectile. The  Magnus  moment  problems  generally  can  be  alleviated  by 
changing  the  center  of  mass  location,  shortening  the  shell,  or  reducing 
the  boattail  length  to  improve  transonic  behavior  especially.  Reloca- 
tion of  the  projectiles  center  of  mass  would  have  required  a major  re- 
design effort.  Due  to  logistic  problems,  PA  decided  to  reduce  the 
boattail  length  of  the  projectile  to  improve  its  transonic  Magnus  pro- 
perties without  paying  a large  drag  or  payload  penalty.  A second  mod- 
ification, to  be  used  only  as  a back-up,  was  to  reduce  the  cylindrical 
portion  of  the  shell  by  0.3  caliber  in  addition  to  the  shortened  boat- 
tail.  For  both  modifications,  the  removed  weight  was  strategically  re- 
located to  improve  the  projectile's  gyroscopic  stability.  Due  to  time 
limitations,  only  these  two  modifications  have  been  tested  at  Yuma 
Proving  Ground  (YPG)  under  the  PA  auspices  and  shown  to  be  stable  at 
first  maximum  yaw  levels  as  high  as  13  degrees.  The  tests  at  Nicolet 
under  high  air  density  conditions  also  did  not  show  any  flight  insta- 
bilities. 

This  paper  discusses  in  detail  the  test  procedures  used  during  the 
investigation,  the  aeroballistic  data  currently  available,  the  charac- 
teristic of  the  flight  misbehavior  of  the  M483,  the  flight  improvements 
obtained  by  the  modified  designs,  and  finally  the  implications  of  this 
investigation  for  future  shell  designs. 


II.  TEST  PROCEDURES 

During  the  development  of  the  155mm  M483  shell,  the  only  available 
test  data  were  obtained  from  a 14- round  test  of  the  prototype  fired  in 
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1964  and  a 19-round  program  of  the  preproduction  shell  fired  in  19C8  at 
the  Transonic  Range.  Almost  all  of  these  rounds  were  at  small  yaw  with 
a minimal  coverage  of  the  transonic  Mach  numbers.  In  1970  and  1972, 
these  data  were  supplemented  with  yawsonde  instrumented  flights  at  the 
Wallops  Island  Facility  of  NASA  and  at  YPG. 

In  1974,  after  the  first  Nicolet  tests,  several  types  of  data  source 
were  used  to  determine  the  aeroballistic  behavior  of  the  M483  shell  and 
its  modifications.  These  included  spark  range  tests,  yawsonde  tests, 
first-maximum-yaw  tests,  standard  time-of- flight  and  impact-range  tests, 
and  wind  tunnel  tests.  The  investigative  test  program  of  the  M483  and 
its  modifications  culminated  in  January-February  1975  with  the  second 
Nicolet  tests  under  transonic  launch  Mach  number  and  high  air  density 
condi tions. 

Wind  tunnel  tests  of  the  M483  were  performed  at  CALSPAN  Corporation 
in  January  1974  and  Arnold  Engineering  and  Development  Center  (4EDC)  in 
September  1974.  Tests  were  performed  under  PA  supervision  and  the  data 
were  analyzed  by  them.  Static  moment  coefficient  from  the  wind  tunnel 
tests  agree  within  10%  with  the  spark  range  data.  Although  Magnus  moment 
data  from  both  wind  tunnels  agree  with  each  other,  neither  the  magnitude 
nor  the  yaw  trends  of  the  wind  tunnel  data  agree  with  the  range  data. 

In  particular,  the  wind  tunnel  data  would  not  allow  a limit  cycle  be- 
havior. Therefore,  the  wind  tunnel  tests  will  not  be  included  in  the 
discussions  because  of  this  unexplained  discrepancy. 

A.  Time-of-Flight  and  Impact-Range  Tests 

Most  of  the  time-of-flight.  and  impact-range  tests  (for  the  rest  of 
the  report  the  phrase  "impact- range  tests"  will  be  used  as  a shorthand) 
were  performed  at  YPG,  The  only  two  exceptions  were  a group  of  35  live 
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M483  shell  fired  at  Aberdeen  Proving  Ground  (APS)  to  determine  whether 
the  results  of  the  February  1974  tests  at  Nicole*  could  be  repeated  and 
10- round  groups  of  M483  and  XM687  shell  fired  at  Dugway  Proving  Ground 

O 

(DPG)  to  compare  their  flight  performance  under  similar  launch  con- 
ditions. 

All  impact- range  tests  measured  muzzle  velocity  (with  GE  chrono- 
graphs), initial  i>ell  yawing  motion  (with  orthogonal  pairs  of  smear 
or  Fastax  earner  <s),  and  imp-  time  and  range  (with  observer's).  Meteo- 
rol  gical  data  on  wii-u  - c 2 d and  direction  as  well  as  air  density  and 
temperature  were  provided  as  a function  of  altitude  during  the  test 
firings. 

During  the  ApG  firings,  two  Hawk  doppler  radars  were  used  to  measure 
shell’s  veloc  .v  ni-Ttory . On  the  other  hand,  DPG  used  a modified  M33 
track  inn  radar  to  cc  ermine  shell  trajectory.  Since  different  tipping 
rates  were  induced  0 u both  the  M483  and  its  modifications  during  the 
YpG  tests,  yaw  cards  were  used  to  determine  the  yaw  levels  generated. 

7h<i  YPG  tests  n1c,i  used  a Hawk  doppler  radar  to  measure  the  shell's 
velocity  history. 

The  ArG  and  DPG  programs  were  designed  to  obtain  specific  informa- 
tion and  as  such  a predetermined  number  of  shell  were  fired.  On  the 
other  hand,  the  YPG  tests  were  fired  to  compare  the  M483  and  its  modi- 
fications under  different  launch  conditions.  Therefore,  the  test  firings 


7.  "Test  Program  Request,  No.  SARPA-AD-D-W  1807,"  Picatinny  Arsenal, 
April  1974. 


8.  C.  C.  Sterns  and  J.  Martin,  "Engineering  Design  Test  (Inherent 
Stability)  of  Projectile,  155mm,  GB2,  XM687,  Data  Report,"  Dugway 
Proving  Ground  Document  No.  DPG-DR-74-320,  June  1974. 
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were  structured  around  20-round  groups  in  order  to  insure  statistical 
significance  for  the  results.  The  only  exception  to  this  procedure 
was  for  the  case  of  two  or  more  shots  before  the  end  of  the  20-round 
group.  Firing  was  stopped  at  that  point. 

B.  First-Maximum-Yaw  Tests 

First-  maximum-yaw  tests  of  the  M483  were  done  at  YPG  and  the 

Q 

Transonic  Range  Facility  of  BRL  at  APG.  BRL  tests  consisted  of  firing 
a 20-round  group  of  inert  M483  shell  from  the  M109A1  howitzer  used 
during  the  first  Nicolet  tests  approximately  at  a 15-degree  QE  in  order 
to  have  an  active  recoil  system.  Since  the  flight  path  through  the 
Transonic  Range  is  nearly  horizontal,  the  tube  elevation  was  accomplished 
by  raising  the  rear  of  the  venicle.  During  this  test,  the  shell  were 
temperature  conditioned  and  fired  at  a Mach  number  of  about  0.93.  In 
addition  to  the  standard  Transonic  Range  instrumentation  (see  next 
section),  an  OPTRON  was  used.  The  OPTRON  is  an  optical  instrument  de- 
signed to  measure  the  muzzle  movement  of  a gun  during  the  firing  cycle. 
OPTRON  was  included  in  the  test  program  to  determine  if  a correlation 
could  be  found  between  muzzle  motion  and  the  first  maximum  yaw  level. 

The  first-maximum-yaw  tests  at  YPG  were  part  of  Picatinny's 
investigation  program.  To  permit  use  of  yaw  cards,  an  M109A1  self- 
propelled  howitzer  was  fired  at  a 17-degree  QE.  The  purpose  of  the 
program  was  to  determine  the  distribution  of  first  maximum  yaw  for 
groups  of  twenty  M483  shell  fired  at  transonic  Mach  numbers  from  tubes 
at  various  stages  of  their  lives  (new,  50%  worn,  and  condemned).  The 


9.  J.  H.  Whiteside  and  V.  Oskcy,  "First  Maximum  Yaw  Tests  of  155mm  M483 
Shell,"  Ballistic  Research  Laboratories  Memorandum  Report  in  prepa- 
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primary  yaw  measurements  during  these  tests  were  made  with  three  pairs 
of  orthogonal  smear  cameras.  The  yaw  cards  provided  a fast  indication 
of  the  yaw  levels  and  were  used  during  the  remainder  of  YPG  impact- 
range  tests.  The  rest  of  the  instrumentation  was  similar  to  those 
described  for  the  standard  time-of -flight  and  impact-range  tests. 

C.  Free  Flight  Spark  Range  Tests 

The  BRL  free  flight  spark  range  facility  (the  Transonic  Range)  is 
a 360-metre  long  building  with  a 7.5  x 7.5-metre  cross  section.  The 
first  230  metres  of  Range  is  instrumented  with  25  pairs  of  orthogonal 
shadowgraph  stations  divided  into  five  groups.  The  five  stations  within 
each  group  are  separated  by  6 metres  and  there  is  a 21-metre  interval  be- 
tween each  group.  The  images  of  the  test  projectile  on  the  screens  of 
the  shadowgraph  stations  are  photographed  to  obtain  a record  of  position 
and  yawing  motion  as  functions  of  flight  time.  The  time  base  is  pro- 
vided by  19  timing  stations  slaved  to  the  shadowgraph  stations.  From 
these  data,  the  aerodynamic  coefficients  of  the  projectile  are  computed. 
Derails  of  the  Transonic  Range  instrumentation  and  the  method  for  computin'’ 
the  aerodynamic  coefficients  are  given  in  Reference  10. 

In  addition  to  the  shadowgraph  data,  the  Transonic  Range  can  provide 
a microflash  photograph  for  metal  parts  integrity  and  a composite  mosaic, 
which  is  a full-size  direct  shadowgraph,  for  study  of  flow  details. 

D.  Yawsonde  Tests 


A yawsonde  is  an  on-board  instrument  capable  of  measuring  the  solar 
aspect  angle  history  of  a projectile  along  its  flight  path.  The  solar 


10.  C.  H.  Murphy,  "Free  Flight  Motion  of  Symmetric  Missiles,"  Ballistic 
Research  Laboratories  Report  No.  1216,  July  1963,  AD  442757. 
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aspect  angle  is  defined  as  the  angle  between  the  projectile's  axis  of 
symmetry  and  a sun's  ray  passing  through  the  shell's  center  of  gravity. 

Two  silicon  solar  cells,  mounted  so  that  their  fields  of  view  form 
a V,  are  used  to  detect  the  sun  as  the  shell  rotates.  Each  cell  sees 
the  sun  once  during  each  revolution  and  at  that  time  produces  a voltage 
pulse  which  is  shaped  and  amplified  by  the  electronic  circuitry  of  the 
yawsonde.  These  signal  pulses  are  transmitted  to  ground  receivers 
through  an  FM/FM  link  and  taped  for  analysis  at  a later  time. 

The  yawsonde  pulses,  which  are  recorded  on  analog  instrumentation 
tape,  are  later  on  reduced  by  a hybrid  computer  program  to  determine 
spin  and  solar  aspect  angle  histories  of  the  shell  as  functions  of  time 
of  flight.  The  time  interval  between  yawsonde  pulses  is  measured  by  the 
10^-bit  internal  clock  of  the  EAI  680  (the  analog  portion  of  the  hybrid 
computer).  The  spin  of  the  shell  is  computed  from  the  elapsed  time 
measured  between  two  consecutive  pulses  generated  by  the  same  solar 
cell.  The  solar  aspect  angle  history  of  the  shell  is  obtained  from  the 
phase  relationships  between  the  yawsonde  pulses.  For  convenience,  the 
complementary  solar  aspect  angle  (on)  is  determined  during  the  cali- 
bration and  represents  the  angle  between  the  solar  vector  and  a vector 
perpendicular  to  the  missile's  axis  of  symmetry.  Complementary  solar 
aspect  angle  histories  will  be  presented  when  yawsonde  data  are  discussed 
in  the  following  sections.  Details  of  yawsonde  construction  and  data 
analysis  are  given  in  Reference  3. 

During  the  instrumented  flights  of  the  M483  two  types  of  yawsondes 
were  used.  The  ogive  yawsonde  has  solar  cells  mounted  on  the  ogive  itself 
and  has  been  used  during  the  1970  and  1972  test  programs.  The  fuse-type 
yawsonde  is  a unit  built  to  be  interchangeable  with  a standard  fuse  and 
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does  not  require  any  machining  of  the  ogive.  It  was  developed  in  late 
1972  and  has  been  the  main  instrumentation  used  since  May  1973.  Basic 
construction  and  use  of  the  fuse-type  yawsonde  is  similar  to  the  ogive- 
type  and  is  described  in  greater  detail  in  Reference  11. 

E.  Nicolet  Tests 

The  Nicolet  test  program  was  sponsored  by  PM-SA  and  managed  by  MTD. 

IP 

One  of  the  purposes  of  the  Nicolet  test  program  was  to  determine  the 
flight  behavior  of  the  modified  M483  shell  under  critical  Mach  number 
and  high  ^ conations.  Standard  and  modified  M483  shell  were 

fired  a I >i'.'<\.rent  Mach  numbers,  at  two  quadrant  elevations  (QE),  from 
two  separate  howitzers  (one  self-propelled  and  the  second  towed),  and 
on  several  occasions.  In  order  to  make  the  results  statistically 
significant,  all  shell  were  fired  in  20-round  groups  or  until  two  or 
more  shorts  were  detected.  During  the  test  program,  several  yaw  inducers 
were  used  to  control  the  launch  tip-off  rate  rather  than  depending  on 
random  disturbances  generated  by  weapon/shell  interactions. 

Similar  to  other  impact-range  tests,  the  usual  meteorological  data, 
muzzle  velocimeters , and  impact  point  observers  were  provided.  Due  to 
the  requirement  of  specific  meteorological  conditions  (air  temperature 
below  -10°  C and  air  density  above  110  percent  of  standard  ICAO  atmo- 
sphere), the  number  of  available  firing  days  was  very  limited.  There- 
fore, redundant  instrumentation  was  used  in  order  to  maximize  the  usage 


11.  W.  H.  Mermagen  and  W.  H.  Clay,  "The  Design  of  a Second  Generation 
Yawsonde,"  Ballistic  Research  Laboratories  Memorandum  Report  No. 
2368,  April  197.4.,  AD  780064. 

12.  "Test  Program  Request,  No.  SARPA-AD-D-W-1833,  Revision  1,"  Picatinny 
Arsenal,  5 November  1974. 
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of  the  few  available  days.  Three  radar  chronographs  were  used  to  deter- 
mine muzzle  velocity.  A Hawk  radar  was  modified  so  that  it  could  be 
used  in  combined  doppler/tracker  mode.  P RCA  MPS25  tracking  radar 
was  provided  as  a back-up  to  the  observers. 

In  addition  to  standard  impact-range  testing,  some  yawsonde  instru- 
mented shell  were  fired  to  obtain  first-maximum-yaw  and  flight  dynamics 
data.  In  order  to  support  yawsonde  tests,  a telemetry  receiving  station 
was  provided  and  manned  by  BRL. 

III.  AEROBALLISTIC  DATA  ON  155MM  M483  SHELL 

The  aeroballistic  data  available  for  the  155mm  M483  ICM  shell  can 
be  divided  into  two  groups,  before  1973  and  after  1974.  Test  data  prior 
to  1973  consisted  of  some  spark  range  and  yawsonde  tests.  On  the  other 
hand,  the  data  after  1974  included  results  from  spark  range  firings, 
yawsonde  tests,  wind  tunnel  tests,  and  large  amounts  of  impact-range 
test  results.  In  this  section,  the  data  available  from  spark  range  and 
yawsonde  tests  will  be  discussed.  These  data  are  grouped  according  to 
their  date  of  demarcation. 

A.  Test  Data  Prior  to  1973 

1.  Spark  Range  Tests.  Prior  to  1973,  two  spark  range  programs  had 
been  fired  in  the  Transonic  Range  Facility  of  BRL  for  the  M483  shell. 

The  test  program  fired  in  1964  used  a prototype  shell.  The  prototype 
XM483  had  a fiberglass  wrapped  boattail  in  addition  to  the  body  wrapping, 
see  Figure  1.  Most  of  the  data  were  at  small  yaw  and  several  of  the  data 
rounds  had  damaged  boattails. 

In  1968,  a second  spark  range  program  was  undertaken  with  the  pre- 
production  models  of  XM483.  This  model  still  had  the  fiberglass  wrapping 
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on  the  body  but  the  boattail  was  metal.  Again  most  of  the  data  was  at 
small  yaw  (under  two  degrees).  A few  rounds  at  higher  yaw  levels  were 
fired  at  a gyroscopic  stability  factor  s ^ 1.0.  Therefore,  some  of  the 
spin  dependent  results,  such  as  Magnus  coefficients,  were  poorly  deter- 
mined. 

Figure  3 shows  the  variation  of  the  static  moment  coefficient  slope 

(C^  ) as  a function  of  Mach  number.  The  lower  curve  represents  the  data 
"a 

obtained  with  the  prototype  shell.  It  shows  a peak  at  M = 0.85.  On  the 
other  hand,  the  preproduction  model  has  a higher  static  moment.  The  peak 
of  this  static  moment  curve  appears  tc  be  at  M = 0.93. 

An  example  of  the  Magnus  moment  coefficient  slope  (CM  ) as  a 

pot 

function  of  Mach  number  is  given  in  Figure  4 for  the  preproduction  shell. 
This  curve  also  has  a peak  in  the  transonic  region.  Although  most  of 
the  data  were  at  small  yaw,  there  was  a slight  indication  that  the  Magnus 
moment  may  be  highly  nonlinear  function  of  yaw  level. 

This  combination  of  high  peaks  in  both  the  static  moment  and  Magnus 
moment  curves  in  the  transonic  Mach  number  region  portends  possible 
trouble  at  those  velocities.  Details  of  the  aerodynamic  properties,  in- 
cluding drag  and  pitch  damping  (C^  + coefficients,  of  the  proto- 

type  and  preproduction  shell  are  included  as  an  appendix  in  Reference  9. 
The  conclusion  drawn  at  that  report  was  that  at  small  yaws  the  M483  shell 
is  precessional ly  unstable  with  a possibility  of  nutational  instability 
at  yaw  levels  above  8°  to  10°. 

2.  Yawsonde  Tests.  The  155mm  XM483  was  one  of  the  first  spin- 
stabilized  shell  which  carried  yawsonde  instrumentation.  Figure  5 shows 
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an  XM483  shell  instrumented  with  a yawsonde  installed  in  its  ogive. 

In  1970  and  1972,  three  short  test  programs  were  fired  with  instrumented 

13 

XM483  shell  using  ogive  yawsondes  . Two  of  the  three  programs  were 
fired  at  Wallops  Island  while  the  third  (in  February  1972)  was  fired 
at  YPG. 

The  first  yawsonde  program  was  fired  in  July  1970  both  as  a test 
of  yawsonde  instrumentation  and  as  a quick  look  at  the  limit  cycle  be- 
havior of  the  XM483  shell  at  subsonic  Mach  numbers.  Three  rounds  were 
fired  with  only  one  of  them  producing  yawsonde  data.  Figure  6 is  a 
plot  of  the  yawsonde  data  from  this  round.  The  complementary  solar 
aspect  angle  (an ) *is  plotted  as  a function  of  time  of  flight.  Although 
the  plotted  motion  is  only  a one-dimensional  representation  of  the  actual 
motion  of  the  projectile,  it  gives  a good  detailed  indication  of  the 
shell's  flight  behavior.  Figure  6 shows  two  aspects  of  the  flight 
characteristics  of  an  XM483  launched  at  a Mach  number  of  0.75.  First, 
the  shell  flies  with  a yaw  level  of  about  three  degrees  along  its  entire 
trajectory.  Second,  the  limit  cycle  of  the  XM483  shell  contains  both 
fast  and  slow  modes  rather  than  the  expected  pure  mode  precessional 
motion.  This  limit  epicycle  behavior  is  another  indication  of  the  non- 
linear aerodynamics  of  the  XM483  shell  at  small  yaw  levels  and  subsonic 
Mach  numbers.  In  1972  it  was  decided  to  repeat  the  1970  yawsonde  tests 
to  obtain  yawsonde  flight  data  at  higher  yaw  levels  as  a supplement  to 
the  existing  spark  range  data.  About  the  same  time,  BRL  had  developed 


13.  W.  H.  Mermagen  and  V.  Oskay,  "Long  Range  Dynamics  Flight  Experiments 
with  the  155mm  Projectile,  M483,"  Ballistic  Research  Laboratories 
Memorandum  Report  No.  2396,  July  1974,  AD  922181L. 
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a technique  for  generating  intermediate  levels  of  first  maximum  yaw.  The 
yaw  inducer  used  for  this  purpose  is  shown  in  Figure  2.  In  early  1972, 
a 6-round  yawsonde  program  was  fired  at  YP6  and  partly  repeated  at 
Wallops  Island  in  July  1972.  All  rounds  fired  during  these  two  programs 
had  induced  yaw.  Figure  7 shows  the  flight  behavior  of  a shell  fired  at 
Wallops  Island  (Round  El-6068)  with  a launch  Mach  number  of  0.80.  This 
shell  has  several  differences  in  flight  behavior  when  compared  to  the 
naturally  launched  round  (Figure  6).  With  the  minimum  induced  yaw, 

Round  El-6068  achieved  a yaw  level  of  about  7°  at  two  seconds  into  the 
flight.  Yawsonde  data  indicate  damped  precession  and  nutation  until 
ten  seconds  into  flight.  At  that  point,  the  yaw  amplitude  is  about  V 
with  precession  as  the  main  component.  The  rest  of  the  flight,  the 
precessional  amplitude  grows  to  about  3°  supporting  the  spark  range 
predictions  for  small  yaw. 

When  the  induced  yaw  level  is  increased  to  about  12°,  the  result  is 
a flight  behavior  similar  to  that  shown  in  Figure  8.  This  round,  Y-1284, 
was  fired  at  YP6  with  a launch  Mach  number  of  0.78.  It  impacted  about 
1650  metres  shorter  than  the  expected  impact  range.  This  was  the  first 
time  an  XM483  shell  was  observed  falling  short.  At  one  second  into  the 
flight,  the  yawing  motion  was  divided  almost  equally  between  nutational 
and  precessional  components.  By  four  seconds  into  the  flight,  the 
nutational  component  has  grown  to  about  9°.  The  amplitude  of  the 
nutational  component  at  eleven  seconds  is  about  25°  and  the  rate  of 
divergence  is  still  increasing. 

Other  yawsonde  data  from  the  1972  tests  indicate  that  at  launch  Mach 
numbers  less  than  0.80  the  XM483  shell  will  be  nutationally  unstable  if 
fired  with  yaw  levels  above  10°. 
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B.  Test  Data  After  1974 

Between  1972  and  1974,  a false  sense  of  well  being  prevailed  with 
respect  to  XM483  flight  behavior  since  no  one  expected  10°  first  maximum 
yaws  from  normal  launches.  In  1973,  XM483  was  type  classified.  In 
February  1974,  the  M483  (the  new  nomenclature  indicates  that  it  was  not 
an  experimental  shell  any  longer)  projectile  was  included  in  a test  pro- 
gram designed  to  determine  the  flight  behavior  of  a new  155mm  shell 

C 

family  under  transonic  Mach  number  and  high  air  density  conditions  . A 
20-round  group  of  M483  shell  were  fired  from  an  M109A1  self-propelled 
howitzer  at  an  average  launch  Mach  number  of  0.93.  Seven  of  these  20 
rounds  impacted  2,000  - 3,000  metres  shorter  than  the  mean  impact  range 
of  the  remaining  thirteen  rounds.  This  flight  misbehavior  led  to  an 
immediate  flurry  of  investigative  activity.  The  remainder  of  this 
section  will  discuss  some  of  the  preliminary  spark  range  and  yawsonde 
data  obtained  for  the  M483  shell  during  1974. 

1.  Spark  Range  Tests.  Two  spark  range  tests  were  fired  as  part  of 
the  M483  investigative  program  sponsored  by  PM-SA.  The  first  program 
was  designed  to  determine  the  first  maximum  yaw  distribution  of  the  M483 
shell  at  critical  Mach  number  (0.92  - 0.94)  under  controlled  test  con- 
ditions using  the  same  weapon  as  February  1974  tests.  The  second  test 
was  for  obtaining  more  detailed  aerodynamic  properties  of  the  shell  as 
functions  of  Mach  number  and  yaw  angle. 

The  first-maximum-yaw  tests  were  fired  from  a horizontal  tube  with 
the  rear  of  the  vehicle  jacked  up  to  obtain  an  effective  gun  elevation 

of  15°.  During  the  test  program,  an  0PTR0N  was  used  in  addition  to  the 

2 

full  complement  of  Transonic  Range  instrumentation  . At  the  present 


time,  the  analysis  of  the  OPTRON  data  is  still  going  on  and  no  definite 
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conclusions  can  yet  be  drawn.  The  aerodynamic  data  from  this  program  are 

plotted  on  Figures  9 and  10.  Figure  9 shows  a comparison  of  the  static 

moment  coefficients  obtained  from  the  1968  tests  of  preproduction  shell 

and  the  inert  M483  shell  fired  in  1974.  The  1974  data  are  within  a Mach 

number  region  from  0.92  to  0.95.  The  new  data  show  that  the  static 

moment  coefficient  has  a very  narrow  peak  about  7 percent  higher  than 

the  previous  estimate.  The  width  of  the  peak  is  about  ± .01  centered 

around  M = 0.93  which  was  originally  considered  to  be  a small  data  gap. 

The  Magnus  moment  coefficient,  shown  in  Figure  10,  exhibits  the  same 

trend  as  CM  . The  1974  data  indicate  that  this  coefficient  also  has  a 
a 

narrow  peak  centered  around  M = 0.93.  The  new  data  show  a peak  four 
times  as  high  as  the  1968  estimate.  This  would  seem  to  indicate  that 
potential  transonic  flight  problems  lie  within  a very  narrow  region. 
Secondly,  the  increased  peak  values  of  static  and  Magnus  moment  co- 
efficients determined  from  these  small  yaw  data  would  indicate  that  lower 
than  originally  expected  values  of  first  maximum  yaws  would  be  sufficient 
to  initiate  flight  problems. 

The  second  spark  range  program,  designed  by  PA  and  BRL  aeroballisti- 
cians,  involved  105mm  models  of  M483  shell.  Figure  11  is  a photograph 
comparing  the  full  scale  M483  with  its  105mm  model.  Analysis  of  the 
test  data  to  determine  Mach  number  and  yaw  trends  of  the  aerodynamic  co- 
efficients is  continuing.  Figure  12  is  a mosaic  shadowgraph  of  a 105mm 
model  at  a Mach  number  of  0.917.  This  round  and  several  others  within 
the  transonic  region  have  been  analyzed  by  Whyte  of  General  Electric  at 
Burlington,  Vermont,  under  a PA  contract,  using  Chapman-Kirk  technique 
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adopted  for  BRL  Transonic  Range  data  * . Preliminary  results  of  this 

1 £ 

analysis  support  the  1974  data  shown  in  Figures  9 and  10.  Some  of  the 
conclusions  from  Reference  16  will  be  used  later  in  this  paper  to  ex- 
plain the  flight  behavior  of  the  M483  shell. 

2.  Yawsonde  Tests.  As  part  of  the  1974  investigation  of  M483  be- 
havior and  attempts  to  eliminate  its  aeroballistic  problems,  several 
sizeable  yawsonde  programs  were  fired  at  Wallops  Island,  YPG,  and 
Nicolet.  Standard  and  modified  M483  shell  were  instrumented  with  BRL 1 s 
fuse  type  yawsondes  (see  Reference  1.1  for  detailed  description).  Earlier 
yawsonde  data  (obtained  in  1970  and  1972)  were  obtained  for  launch  Mach 
numbers  less  than  0.80  which  are  outside  the  region  of  minimum  gyro- 
scopic stability  according  to  the  latest  spark  range  data  on  M483. 
Therefore,  a yawsonde  test  program  was  instituted  at  Wallops  Island  to 
determine  the  yaw  level  beyond  which  the  M483  shell  would  become  un- 
stable at  M = 0.94.  It  was  also  attempted  to  obtain  the  highest 
possible  yaw  level  in  order  to  increase  the  free  flight  aerodynamic 
data  base.  A small  group  of  modified  M483  shell  were  also  tested  at 
Wallops  Island  for  comparison.  The  sole  purpose  of  the  yawsonde  tests 
at  YPG  was  to  obtain  free  flight  data  for  the  modified  M483  shell;  there- 
fore, no  standard  M483s  were  tested  with  yawsondes.  During  the  Nicolet 


14.  R.  H.  Whyte  and  A.  Jeung,  "Aeroctynamic  Reduction  of  Free  Flight 
Transonic  Range  Data  Utilizing  Numerical  Integration,"  General 
Electric  Report  No.  71APB514,  April  1971. 

15.  R.  H.  Whyte  and  W.  H.  Hathaway,  "Aeroballistic  Range  Data  Reduction 
Technique  Utilizing  Numerical  Integration,"  General  Electric  Report 
No.  AFATL-TR- 74-71,  February  1974. 

16.  G.  Craver,  W.  H.  Hathaway,  and  R.  H.  Whyte,  "Analysis  of  XM483E1 
Transonic  Range  Data  Utilizing  Numerical  Integration,"  General 
Electric  Report,  February  1975. 
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test  In  January-February  1975,  the  standard  M483  shell  was  used  as  a 
control.  As  a result,  several  M483  shell  were  instrumented  with  yaw- 
sondes.  In  the  following  paragraphs,  the  Wallops  Island  and  Nicolet 
test  results  for  the  standard  M483  shell  will  be  discussed.  Yawsonde 
data  for  the  modified  M483  shell  will  be  discussed  in  Section  IV. B. 3. 

In  the  past,  most  of  the  testing  under  controlled  environment 
(both  spark  range  and  yawsonde)  had  been  done  wHh  M483  shell  carrying 
a slug  payload  designed  to  simulate  the  physical  properties  of  the  live 
shell.  More  recent  tests  of  the  shell  at  Nicolet  in  February  1974  were 
done  with  inert  payload.  In  order  to  determine  if  the  payload  affected 
the  shell's  flight  behavior,  four  of  the  thirteen  rouras  fired  at 
Wallops  Island  carried  slug  payloads.  The  remainder  contained  inert 
payloads.  No  changes  in  flight  behavior  were  detected  as  a result  of 
payload  variations.  Another  feature  of  this  program  was  that  all 
rounds  were  fired  with  yaw  inducer  1 (see  Figure  2),  A summary  of  the 
test  data  is  given  in  Table  1 taken  from  Reference  17.  A study  of  this 
table  indicates  that  at  Mach  numoers  outside  of  the  critical  region  the 
M483  shell  is  capable  of  stable  flights.  For  example,  the  Round  El-7177 
(shown  in  Figure  13)  had  over  8 degrees  yaw  level  when  launched  and  still 
impacted  at  the  expected  range.  This  confirms  the  result  previously  ob- 
tained from  1970  and  1972  yawsonde  tests.  Figure  13  shows  a strongly 
damped  precession  and  a very  sluggish  nutation.  In  contrast,  Figure  14 
shows  the  yawing  motion  of  a round  fired  at  M = 0.94  (El-7256)  with 


17.  V.  Oskay  and  R.  L.  Lieske,  "Yawsonde  Tests  of  155mm  M483  and  XM718 
Shell  at  Wallops  Island,"  Ballistic  Research  Laboratories  Memorandum 
Report  in  preparation. 
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approximately  the  same  initial  yaw  level  as  Round  El-7177,  7.2°  versus 


8.2°.  After  the  first  second  of  the  flight,  the  yawing  motion  of  the 
shell  is  dominated  by  the  nutational  component  which  has  an  increasing 
rate  of  undamping,;  This  contrast  holds  true  for  Rounds  El-7160  and 
El-7166  whose  launch  conditions  are  quite  similar.  This  gives  an 
indication  as  to  the  sharp  demarcation  of  launch  Mach  numbers  between 
a well  behaved  and  an  unstable  M483  shell.  Figure  15  shows  the  yawing 
motion  of  an  unstable  M483  with  the  smallest  yaw  level  (3.7  degrees) 
observed.  Flight  behavior  of  this  shell  is  quite  similar  to  the  other 
unstable  M483. 

Yawsonde  data  from  1975  Nicolet  tests  are  reported  in  Reference  18. 

In  this  paragraph,  some  of  the  flight  data  from  those  tests  will  be. 
reviewed.  During  the  Nicolet  test  program,  four  different  yaw  inducers 
have  been  used  to  study  the  flight  behavior  of  standard  and  modified  M483 
shell.  A short  description  of  these  yaw  inducers  are  given  in  Table  2. 

The  standard  M483  shell  instrumented  with  yawsondes  were  fired  at  M = 0.92 
with  a standard  muzzle  brake  and  at  the  critical  Mach  number  region  with 
yaw  inducers  1 and  2.  The  standard  muzzle  brake  gave  yaw  levels  less 
than  two  degrees.  Due  to  this  unexpected  behavior  of  the  weapon  system, 
most  of  the  remaining  Nicolet  tests  were  fired  with  yaw  inducers  1 and  2. 
Yaw  inducers  1 and  2 generated  first  maximum  yaw  levels  of  nine  and 
thirteen  degrees,  respectively.  All  yawsonde  instrumented  M483  shell 
with  induced  yaw  were  unstable  and  gave  a flight  behavior  similar  to 
that  shown  in  Figure  14. 


18.  V.  Oskay,  W.  H.  Mermagen,  W.  H.  Clay,  and  J.  H.  Whiteside,  "Flight 
Behavior  of  155mm  and  8-Inch  Shell  at  Nicolet,  Canada,  During  the 
Winter  of  1974-1975,"  Ballistic  Research  Laboratories  Memorandum 
Report  in  preparation. 
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C.  Conclusions 

The  spark  range  data  obtained  from  tests  of  full  scale  and  105mm 
models  of  standard  M483  indicate  that  the  static  and  Magnus  moment  co- 
efficients of  this  shell  have  high  but  narrow  peaks  centered  at  M = 0.93. 
Secondly,  these  aerodynamic  coefficients  are  highly  nonlinear  with  respect 
to  yaw  angle,  L‘  Aa  from  the  yawsonde  tests  support  these  contentions. 
After  launches  with  small  yaws  at  subsonic  speed,  the  shell  flies  with 
a limit  epicycle  indicating  the  nonlinearity  of  the  shell's  aerodynamics 
at  small  yaws.  It  has  been  possible  to  cause  flight  instabilities  at 
transonic  and  subsonic  velocities  by  generating  sufficiently  high  first 
maximum  yaws.  The  results  of  1975  Wallops  Island  tests  indicate  that 
although  8°  - 9°  yaw  levels  would  be  required  to  get  short  at  M = 0.90, 
a 4°  first  maximum  yaw  can  cause  flight  misbehavior  at  M = 0.94. 

IV.  DISCUSSION  OF  M483  FLIGHT  PROBLEMS  AND  THEIR  EXTENT 

Since  at  least  10°  of  yaw  was  necessary  to  produce  an  M483  short  at 
YPG  when  tested  at  a launch  Mach  number  of  0.80  in  1972,  it  was  a surprise 
to  obtain  seven  shorts  from  a 20-round  group  during  the  Nicolet  tests  in 
February  1974.  A ten-degree  first  maximum  yaw  was  not  expected  from  the 
combination  of  the  M109A1  weapon  and  the  M483  shell  and  it  could  not  be 
explained. 

In  order  to  determine  the  effects,  expressed  as  the  first  maximum 
yaw  level,  of  the  weapon/shell  interaction,  two  programs  were  launched. 

The  first  one  was  the  first  maximum  yaw  test  fired  at  Transonic  Range 
Facility  of  BRL  as  explained  earlier.  This  program  indicated  that, 
under  the  test  conditions,  it  was  possible  to  obtain  3.5°  to  4°  first 
maximum  yaw  levels  at  launch  Mach  numbers  from  0.92  to  0.95. 
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The  second  test  program  to  determine  weapon/shell  interaction  was 
fired  at  YPG  under  the  auspices  of  the  Project  Manager  for  Selected 
Ammunition  (PM-SA).  During  this  program*  smear  cameras  and  yaw  cards 
were  used  to  measure  the  first  maximum  yaw  distribution  of  the  M483 
shell  fired  from; an  M109A1  howitzer  at  critical  Mach  number  and  17°  QE. 
Another  aspect  of  the  tests  was  that  tubes  of  different  wear  life«(new, 

50  percent  worn,  and  condemned)  were  used.  The  test  results  indicated 
that  this  particular  50-percent-life  tube  gave  an  average  yaw  level  al- 
most three  degrees  higher  than  the  other  two  tubes.  The  first  maximum 
yaws  measured  from  the  50-percent  worn  tube  varied  from  2.5°  to  6.2° 
with  a mean  value  of  4.7°.  Figure  16  gives  a plot  of  range  loss  as  a 
function  of  the  first  maximum  yaw  level.  This  graph  shows  that  the  on- 
set of  flight  misbehavior  of  M483  shell  is  quite  sharp  and  delineated 
by  a first  maximum  yaw  level  of  about  5.5  degrees.  Results  of  this 
test  and  the  1974  Wallops  Island  yawsonde  tests,  discussed  in  Section 
III.B.2,  indicate  that  under  critical  Mach  number  conditions  (from  0.93 
0.95)  the  M483  shell  does  not  require  first  maximum  yaw  levels  as  high 
as  10°.  These  tests  have  also  shown  that  yaw  levels  as  low  as  4°  to  6° 
can  result  in  unstable  flights  under  appropriate  conditions.  These  yaw 
levels  could  easily  be  attained  at  Nicolet  during  February  1974. 

The  second  question  raised  by  the  1974  Nicolet  tests  was  whether 
even  this  yaw  level  would  be  sufficient  to  result  in  a short  at  the 
launch  Mach  numbers,  from  0.919  to  0.928.  But  a closer  study  of  the 
test  conditions  indicated  that  during  the  M483  firings  in  February  1974 
a 7-knot  head  wind  existed.  This  head  wind  increased  the  effective  launch 
Mach  number  to  within  the  critical  regime  (the  actual  values  of  launch 
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Mach  number  ranged  from  0.929  to  0.93S).  With  this  launch  conditions, 
four  to  six  degree  first  maximum  yaws  would  have  been  sufficient  to 
give  the  observed  shorts. 

As  was  stated  above  some  of  the  spark  range  rounds  of  full  scale 


and  105mm  model  of  M483  have  been  reduced  by  the  method  of  Chapman  and 


Kirk  . The  Magnus  moment  coefficient,  , computed  during  this 


analysis  is  presented  in  Figure  17  at  two  different  Mach  numbers,  0.70 
and  0.94.  Two  stability  limits,  < 0.0  and  > 2.0,  shown  in  the 

figure  are  computed  for  linear  aerodynamics  and  the  exact  locations  of 
these  limits  for  nonlinear  aerodynamics  may  not  be  the  same.  But  they 
are  used  to  explain  the  trend  shown  by  the  yawsonde  data.  When  the  M483 
shell  is  fired  subsonieally  (say  below  M = 0.80)  with  an  intermediate 
yaw  level,  as  shown  in  Figure  7,  the  yawing  motion  is  damped  to  an 
amplitude  less  than  about  three  degrees.  As  can  be  seen  in  Figure  17, 
for  M = 0.70,  the  yawing  motion  is  damped  for  a narrow  region  above 


the  limit  cycle  angle  (angle  at  which  the  curve  crosses  the  < 0.0 


boundary).  But  once  the  amplitude  of  the  motion  is  below  that  boundary, 
the  shell  is  in  a region  of  precessional  instability  and  its  yawing 
motion  grows  until  a precessional  limit  cycle  is  reached  (see  Figure  10 
after  16  seconds  into  the  flight).  On  the  other  hand,  if  the  shell  is 
launched  near  the  limit  cycle  amplitude,  as  was  Round  El-5127  shown  in 
figure  6,  then  the  limit  epicycle  behavior  of  the  shell  will  persist. 
Finally,  if  the  shell  is  launched  with  sufficiently  high  yaw  levels 


(above  the  value  where  CM  curve  crosses  the  Sj  > 2.0  boundary),  then 

P 


the  precessional  component  of  the  yawing  motion  is  strongly  damped  and 
the  nutational  mode  becomes  unstable  (see  Figure  8). 
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The  analysis  of  the  spark  range  data  and  supporting  yawsonde  rounds 
show  that  It  Is  possible  to  obtain  unstable  flights  of  M483  shell  at  any 
launch  Mach  number  when  sufficiently  high  first  maximum  yaw  levels  are 
generated.  This  required  yaw  level  appears  to  be  higher  than  what 
could  be  produced  by  the  weapon/sliel 1 interaction  at  most  Mach  numbers 
but  a small  region,  between  0.92  and  0.95,  where  the  required  yaw  levels 
are  within  the  capability  of  the  system  to  produce.  Narrowness  of  this 
critical  Mach  number  region  and  the  difficulty  of  producing  a required 
first  maximum  yaw  level  by  using  normal  interaction  of  a gun  and  shell 
combination  were  emphasized  during  the  Nicolet  tests  performed  in 
January/February  19751{\  Although  seven  of  the  20-round  group  had 
fallen  short  during  the  February  1974  tests,  a total  of  49  M483  shell 
had  to  be  fired  during  January  1975  to  obtain  a short  under  test  con- 
ditions similar  to  February  1974. 

From  the  test  results  discussed  above,  it  can  be  concluded  that: 

(a)  The  M483  shell  has  a very  sharp  demarcation  between  stable 
and  unstable  flights. 

(b)  Although  it  is  possible  to  obtain  unstable  flights  of  M483 

at  all  transonic  and  subsonic  Mach  numbers,  only  at  transonic 
Mach  numbers  are  the  required  yaw  levels  for  flight  misbe- 
havior low  enough  that  they  can  be  induced  naturally  by  the 
weapon  system. 

(c)  The  Mach  number  region  where  the  M483  shell  is  sensitive  to 
launch  conditions  is  very  narrow  and  firing  a given  number 
of  shell,  even  at  critical  Mach  number,  may  not  guarantee 
that  an  unstable  flight  will  be  observed. 
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(d)  Due  to  the  peculiar  aerodynamic  characteristics  of  the  M483 
shell,  the  technique  of  inducing  high  initial  yaws  to  guar- 
antee unstable  flights  has  been  very  successful. 


V.  SOLUTION  TO  THE  M483  FLIGHT  PROBLEMS 
The  unstable  flights  of  the  M483  shell  were  due  to  the  influence 
of  the  large  and  highly  nonlinear  Magnus  moment  on  the  dynamic  behavior 
of  the  shell  in  the  critical  Mach  number  regime  where  the  gyroscopic 
stability  is  near  or  at  its  minimum.  Therefore,  the  solution  to  the 
problem  must  either  increase  the  gyroscopic  stability  of  the  shell  or 
reduce  the  Magnus  moment  or,  preferably,  provide  a combination  of 
both.  In  order  to  fulfill  these  requirements,  a large  number  of 
modifications  to  the  M483  design  have  been  considered.  Three  of  the 
contenders  which  have  reached  testing  stage  are  described  in  the  next 
section. 

A.  Design  Modifications  of  M483  Shell 

Three  of  the  modifications  to  the  M483  shell  are  described  in 
Table  3.  All  of  these  modifications  include  a shortened  boattail  in 
order  to  reduce  the  Magnus  moment  of  the  shell.  In  addition  to  shortened 
boattail,  the  M483  Mod  I design  also  has  0.38-caliber  shorter  cylindrical 
section  to  further  reduce  the  Magnus  moment  coefficient.  Reducing  the 
magnitude  of  the  Magnus  moment  will  increase  the  critical  yaw  level 
beyond  which  the  shell  will  become  nutationally  unstable  (see  Figure  17) 
even  if  the  gyroscopic  stability  of  the  projectile  remains  the  same. 

M483  Mod  I and  M483  Mod  II  designs  increase  the  shell's  gyroscopic 
stability  by  adding  metal  to  the  outside  of  the  shell  casing  thus  in- 
creasing the  axial  moment  of  inertia.  A summary  of  representative 
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physical  properties  of  the  M483  shell  and  its  modifications  is  given 
in  Table  4.  The  values  quoted  in  this  table  are  the  averages  of  the 
measured  physical  parameters  for  the  appropriate  shell  fired  during 
Nicolet  tests  in  January/February  1975.  The  last  column  in  Table  4, 

p 

(I)  /I.,  gives  an  approximate  indication  of  the  gyroscopic  stability 

a t 

o 

of  the  modifications  relative  to  the  M483  shell.  The  value  of  (I)  /I. 

a U 

for  the  M483  Mod  13B  is  about  the  same  as  the  standard  shell  with  its 
center  of  mass  slightly  forward.  Therefore,  these  two  projectiles  are 
expected  to  have  similar  gyroscopic  stability  factors.  On  the  other 
hand,  M483  Mod  I and  M483  Mod  II  projectiles  would  have  35%  and  11% 
higher  gyroscopic  stabilities,  respectively.  The  gyroscopic  stability 
is  even  further  increased  by  a more  forward  location  of  the  shell's 
center  of  mass. 

B.  Test  Data  on  the  Modified  M483  Shell 

Most  of  the  test  data  for  the  modified  M483  shell  come  from  the 
developmental  tests  at  YPG  and  proof  tests  at  Nicolet.  Some  yawsonde 
instrumented  shell  were  also  fired  during  these  tests  and  results  will 
be  described  later  on. 

1.  Yuma  Proving  Ground  Tests.  Developmental  tests  of  the  modified 
M483  shell  were  done  at  YPG  under  the  supervision  of  PA  aeroballisticians 
to  determine  whether  they  would  survive  the  highest  possible  first  maxi- 
mum yaw  levels  which  could  be  induced.  In  order  to  obtain  various  yaw 
levels,  the  yaw  inducers  described  in  Table  2 were  used.  The  magnitudes 
of  the  first  maximum  yaws  thus  generated  were  measured  with  yaw  cards. 

A Hawk  doppler  radar  and  a GE  muzzle  velocimeter  were  used  to  measure 
the  launch  Mach  numbers.  The  impact  ranges  of  the  rounds  were  determined 
by  observers.  Since  standard  M483  shell  gave  shorts  with  a standard 
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muzzle  brake  at  a critical  Mach  number  launch,  only  the  modified  M483 
shell  were  fired  with  yaw  inducers  2 and  3.  No  shorts  similar  to  M483 
(several  thousand  metres)  were  detected.  Table  5 gives  a summary  of 
the  data  from  these  tests.  From  this  table,  a difference  between 
modifications  can  be  detected.  Since  the  M483  Mod  J has  the  largest 
gyroscopic  stability,  it  attains  the  lowest  first  maximum  yaw  levels 
for  a given  tip-off  rate.  The  mean  impact  range  and  the  maximum  range 
spread  for  a given  group  of  shell  can  be  strongly  correlated  to  the 
shell's  gyroscopic  stability  at  launch. 

2 . Nicolet  Tests  under  High  Air  Density  Conditions.  Dun ng 
January/February  1975,  the  M483  and  its  modifications  were  fired  at 
Nicolet,  Canada,  to  determine  their  flight  behavior  under  high  air 

18 

density  (above  110%  of  ICAO  standard)  and  critical  launch  Mach  numbers  . 
Shell  were  fired  with  yaw  inducers  1 and  2 at  a controlled  launch  tip 
off  rate.  In  order  to  increase  the  statistical  significance  of  the 
test  data,  modified  M483  shell  have  been  fired  at  two  different  occasions 
with  similar  launch  Mach  numbers.  A summary  of  the  test  data  is  given 
in  Table  6.  Data  show  that  with  both  yaw  inducers  the  M483  shell  gave 
shorts.  On  the  other  hand,  under  similar  launch  conditions  all  of  the 
modified  shell  had  stable  flights.  When  fired  at  65°  QE,  both  M483  Mod  I 
and  M483  Mod  II  appear  to  have  similar  performance  characteristics  as 
indicated  by  the  observed  range  probable  errors  (PE).  The  tendency  of 
the  M483  Mod  II  to  fly  at  higher  yaw  levels  is  indicated  by  shorter  mean 
impact  ranges.  At  the  lower  QE  (30  degrees),  all  modified  shell  appear 
to  impact  at  approximately  the  same  range  although  a result  similar  to 
YPG  test  is  observed,  i.e.,  the  projectile  with  the  lower  gyroscopic 
stability  has  the  higher  range  PE.  Test  site  limitations  did  not 
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permit  use  of  any  first-maximum-yaw  detection  devices  such  as  cameras  or 
yaw  cards,  therefore,  no  relative  yaw  levels  could  be  assigned  to  the 
data  given  in  Table  6.  At  Nicolet,  the  only  first-maximum-yaw  data  were 
obtained  from  yaws ondes  as  explained  below. 

3.  Yawsonde  Data  from  Yuma  and  Nicolet  Tests.  Details  of  the  yaw- 

sonde  tests  at  Yuma  and  Nicolet  have  been  covered  in  References  17  and 

18.  In  this  section,  some  comparative  yawsonde  data  of  the  modified 

M483  shell  will  be  discussed.  Although  the  yawsonde  data  for  most  of 

the  instrumented  rounds  exist  (some  data  were  lost  due  to  electronic 

failure  and  others  due  to  noise  in  the  data  train),  only  the  Nicolet  test 

19 

firings  included  the  yaw  processor  as  part  of  the  test  instrumentation. 
The  yaw  processor  is  an  instrument  designed  to  measure  the  time  interval 
between  solar  cell  pulses  and  store  this  information  serially.  In  con- 
junction with  a desk-top  computer,  it  is  possible  to  obtain  preliminary 
plots  of  yawing  motion,  permitting  the  test  engineer  to  obtain  yawing 
data  on  site.  Table  7 gives  a summary  of  the  first-maximum-yaw  data 
from  Nicolet  computed  by  the  yaw  processor  for  the  M483  and  its  modi- 
fications. When  these  data  are  compared  with  those  shown  in  Table  5 
(results  from  YPG  tests),  several  conclusions  could  be  drawn:  (a)  the 
yaw  inducers  (at  least  2 and  3)  behaved  consistently  at  YPG  and  Nicolet, 

(b)  the  induced  yaw  levels  correlate  with  the  shell's  gyroscopic  stability 
leading  to  the  dispersion  data  summarized  in  Table  6,  (c)  it  was  impossible 
to  obtain  yaw  levels  higher  than  12.4  degrees  with  the  M483  Mod  I shell, 
even  with  yaw  inducer  4,  because  of  its  high  gyroscopic  stability,  and 


19.  W.  H.  Clay  and  W.  H.  Mermagen,  "The  Portable  Yaw  Processor," 

Ballistic  Research  Laboratories  Memorandum  Report  in  preparation. 
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(d)  the  M483  Mod  II  and  M483  Mod  13B  shell  gave  stable  flights  even  at 
yaw  levels  above  16  degrees  while  the  standard  M483  flew  short  with  9.4- 
degree  first  maximum  yaw. 

Figures  18  through  23  compare,  the  flight  behavior  of  the  modified 
M483  shell  at  different  launch  conditions.  Figures  18  and  19  show  the 
effect  of  the  environment  on  M483  Mod  II  at  two  different  tip-off  rates. 
Figure  18  shows  the  shell's  flight  behavior  at  Wallops  Island  and  Nicolet 
after  being  disturbed  by  yaw  inducer  1.  Both  flights  show  the  same 
limit  epicycle  behavior  of  about  four  degrees.  But  the  motion  of  Round 
10C12,  fired  at  Nicolet,  has  a larger  nutational  component.  Figure  19 
shows  the  yawing  motion  under  the  influence  of  yaw  inducer  /!.  Both  at 
YPG  and  Nicolet,  the  induced  yaw  levels  were  about  14  degrees  almost 
equally  divided  between  the  two  modes. 

Figures  20  and  21  show  the  flight  behavior  of  M483  Mod  II  and  M483 
Mod  I shell,  respectively,  at  Nicolet  under  the  influence  of  yaw  inducers 
3 and  4.  Unfortunately,  when  these  rounds  were  fired,  all  the  pre- 
assessed charges  were  used  and  on  site  charge  adjustments  were  needed. 

As  a result,  all  four  test  Mach  numbers  are  higher  than  0.96  instead  of 
the  desired  launch  Mach  number  of  0.93.  This  will  not  affect  the  com- 
parison. The  M483  Mod  II  shell  has  15°  and  10.3°  yaw  levels  initially 
under  the  influence  of  yaw  inducers  4 and  3,  respectively.  Both  motions 
are  equi parti oned  between  precessional  and  nutational  components.  At 
yaw  levels  above  5°  modal  amplitude,  the  precessional  mode  is  strongly 
damped  while  the  amplitude  of  the  nutational  mode  has  reduced  only 
slightly  during  the  first  5 seconds  of  flight.  The  data  for  M483  Mod  I 
(Figure  21)  show  a different  story.  Although  the  total  yaw  levels  ob- 
served for  these  flights  are  only  15  to  20  percent  lower  than  those 
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observed  for  the  M483  Med  II  shell  under  similar  conditions;  the  yawing 
motion  of  the  M483  Mod  I shell  is  dominated  by  the  precessional  compo- 
nent. Both  modes  of  the  yawing  motion  are  strongly  damped.  The  round 
fired  under  the  influence  of  yaw  inducer  3 is  already  approaching  limit 
epicycle  behavior  by  six  seconds  into  the  flight.  The  other  round  still 

has  about  a two-degree  nutational  component  at  six  seconds  and  takes  at 

18 

least  another  six  seconds  before  it  shows  a limit  cycle  behavior  . 

Figure  22  shows  a comparison  of  the  M483  Mod  I and  M483  Mod  II 
flights  fired  with  yaw  inducer  4 at  Yuma.  The  early  yaw  amplitude  of 
the  M483  Mod  I shell  is  smaller  than  that  for  the  M483  Mod  II.  Under 
Yuma  environment  (i.e.,  lower  air  density  than  Nicolet),  both  modifi- 
cations show  strongly  damped  nutational  components  so  that  the  yawing 
motion  starts  to  be  dominated  by  the  precessional  component  at  10 
seconds  into  the  flight. 

A comparison  of  the  flight  behavior  of  the  three  modifications  to 

the  M483  shell  is  shown  in  Figure  23.  These  rounds  were  fired  at 

Nicolet  with  yaw  inducer  3.  The  first  maximum  yaw  values  were  5.8° 

for  M483  Mod  I,  10.3°  for  M483  Mod  II,  and  11.2°  for  M483  Mod  13B.  All 

three  rounds  start  with  an  initial  two-arm  motion.  The  M483  Mod  I at 

the  outset  shows  signs  of  lin.it  motion  behavior  while  the  yawing 

motions  of  the  other  two  modifications  are  strongly  dominated  by  the 

nutational  mode.  The  nutational  mode  of  the  M483  Mod  II  shell  damps 

sufficiently  by  twelve  seconds  into  the  flight  so  that  its  limit  cycle 

18 

behavior  begins  to  emerge  . On  the  other  hand,  the  nutational  damping 
of  the  M483  Mod  13B  is  less  than  that  of  M483  Mod  II;  therefore,  this 
shell  would  require  at  least  17  seconds  of  the  flight  time  to  approach 
its  limit  cycle  behavior  under  the  Nicolet  test  conditions. 
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C.  Conclusions 

Test  data  for  the  modifications  of  the  M483  shell,  both  from  YPG 

and  Nicolet  tests,  indicate  that  any  of  these  designs  should  be  able  j 

1 

to  survive  the  launch  and  environmental  conditions  which  caused  the  ! 

i 

standard  M483  to  fall  short. 

The  M483  Mod  13B  design  involves  the  least  amount  of  modifications 
to  the  original  concept  and  has  successfully  survived  first  maximum  yaw 
levels  as  high  as  17  degrees.  But  this  design  still  has  the  largest 
range  error  when  fired  under  conditions  similar  to  those  of  the  other 
two  modifications.  Therefore,  this  design  may  be  useful  only  as  a 

i 

quick  fix  for  the  existing  stockpile. 

The  M483  Mod  II  design  requires  external  changes  to  the  shell  body 
although  it  does  not  involve  any  loss  of  payload.  It  gives  stable  j 

flights  with  first-maximum-yaw  levels  as  high  as  16  degrees  induced  by 
yaw  inducer  4.  This  design  appears  to  have  a higher  nutational  damping 
rate  than  the  M483  Mod  13B.  As  a result,  M483  Mod  II  shell  had  range 
probable  errors  less  than  0.8  percent  at  Nicolet  under  severe  environ- 
mental conditions.  This  shell's  improved  flight  behavior  without 
resulting  in  any  payload  penalties  makes  it  a viable  candidate  as  a 
replacement  for  the  M483. 

Best  flight  behavior  was  obtained  with  the  M483  Mod  I design.  It 
proved  impossible  to  attain  yaw  levels  above  13  degrees  with  this  shell 
under  most  severe  launch  conditions.  Since  this  configuration  will 
result  in  loss  of  payload  space  and  require  major  body  modifications, 
it  should  be  considered  only  as  a back-up  for  the  M483  Mod  II  design. 

On  the  other  hand,  this  design  adds  valuable  information  to  the  data 
base  on  long  shell . 
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VI.  IMPLICATIONS  OF  THE  MODIFIED  M483  SHELL  FOR  FUTURE  DESIGNS 

Results  of  the  M483  investigation  program  strongly  indicate  that 
nutational  weaknesses  cf  a long  shell  can  be  partially  eliminated  by 
shortening  its  boattail  at  the  expense  of  a slightly  increased  drag. 

This  minimal  modification  may  not  result  in  a completely  satisfactory 
design  as  shown  by  the  flight  data  of  the  M483  Mod  13B  shell.  Although 
this  projectile  is  capable  of  recovering  from  yaw  levels  as  high  as  17 
degrees,  it  gives  large  range  probable  errors  under  severe  launch 
conditions. 

At  the  other  extreme,  a shorter  shell  with  reduced  boattail  length 
(the  M483  Mod  I design)  gives  very  good  flight  performance  with  range 
probable  errors  less  than  0.5%  of  mean  range  under  the  severest  launch 
conditions  attainable.  Unfortunately,  this  improvement  in  the  flight 
behavior  is  obtained  only  at  the  expense  of  10%  reduced  payload  capacity 
in’  addition  to  increased  drag. 

A convenient  compromise  between  these  two  extremes  is  the  M483  Mod 
II  configuration.  This  design  does  not  sacrifice  any  payload  capacity 
to  obtain  acceptable  flight  behavior.  Its  increased  gyroscopic  stability 
results  in  smaller' range  dispersion  than  the  M483  Mod  13B  shell.  Anal- 
ysis of  the  yawsonde  flights  of  this  shell  highlights  the  dangers  of 
modifying  and  testing  shell  without  previous,  extensive  aerodynamic 
data . 

Several  of  the  yawsonde  data  for  M483  Mod  II  tests  at  YPG  were 

20 

analyzed  using  the  Chapman-Kirk  technique  as  modified  for  yawsondes  . 


20.  R.  H.  Whyte  and  W.  H.  Mermagen,  "A  Method  for  Obtaining  Aerodynamic 
Coefficients  from  Yawsonde  and  Radar  Data,"  Ballistic  Research 
Laboratories  Memorandum  Report  No,  2280,  March  1973,  AD  759482. 
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The  Magnus  moment  coefficients  obtained  from  this  analysis  have  larger 

21 

negative  values  at  small  yaw  than  the  M483  coefficients  . This  in- 
dicates that  the  M483  Mod  II  should  have  better  large  yaw  behavior  than 
M483  (as  was  demonstrated  in  YPG  and  Nicolet  firings)  although  it  may 
fly  with  a larger  limit  cycle.  Static  moment  coefficients  of  the  M483 
Mod  II  were  also  computed  from  YPG  yawsonde  tests  (see  Reference  21). 
These  results  are  compared  with  the  1974  spark  range  data  and  the  data 
for  the  prototype  XM483  shell  in  Figure  24.  The  shaded  area  represents 
the  yawsonde  results  with  ± 5 % error  limits.  The  roundness  of  the 
static  moment  peak  may  be  an  artifice  of  the  analysis  method:  In  spite 
of  the  fact  that  the  only  major  physical  change  in  the  M483  Mod  II  de- 
sign was  a shortened  boattail,  the  static  moment  coefficient  of  the  M483 
has  been  strongly  affected.  First,  the  magnitude  of  the  coefficient  is 
reduced  by  more  than  ten  percent.  Second,  the  region  of  minimum  gyro- 
scopic stability  is  shifted  from  its  original  location  of  M = 0.93  to 
below  M = 0.9. 

This  almost  unexpected  modification  of  the  static  moment  coefficient 
as  a function  of  Mach  number  makes  it  important  to  conduct  a thorough 
investigation  of  the  modified  shell’s  aerodynamic  behavior,  at  least  in 
the  transonic  Mach  number  regime,  whenever  configuration  changes  are 
introduced  into  a design. 


21.  General  Electric  Company  Letter  Report  to  Picatinny  Arsenal  dated 
23  April  1975. 
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Yawsonde  Data  for  M483  at  253  m/sec.  Wallops  Island 


Yawsonde  Data  for 
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13.  Yawsonde  Data  for  M483  at  329  m/sec.  Wallops  Island 


Yawsonde  Data  for  M483  at  334  m/sec.  Wallops  Island,  Induced  Yaw 


Figure  18.  Effect  of  Environment  on  M483  Mod  II,  Yaw  Inducer  1 


10th  Navy  Sympotium  on  Aaroballirtics 


Vol.  1 


Table  1.  Summary  of  Yawsonde  Tests  of  M483  at  Wallops  Island  (1974) 


Launch  Impact  Range  (m) 
Round  No.  Mach  No.  Nominal  Observed 


Measured  Yaw 
Time  (sec)  Amp! . (deg) 


El-7158 

0.980 

8200 

8840 

0.9 

2.3 

El-7160 

0.962 

8000 

8600 

0.2 

4.8 

El-7162 

0.980 

8200 

8750 

0.1 

5.6 

El-7164 

0.955 

7930 

5240 

0.1 

3.7 

El-7165 

0.957 

7950 

4330 

— 

— 

El-7166 

0.955 

7930 

5270 

0.1 

5.2 

El-7167 

0.930 

7600 

4850 

0.1 

6.4 

El-7169 

0.955 

7930 

5240 

0.1 

6.6 

El-7170 

0.958 

7950 

5550 

0.1 

4.5 

El-7177 

0.910 

7800 

7770 

0.1 

8.2 

El-7183* 

0.920 

7550 

8050 

0.4 

5.2 

El-7252** 

0.950 

8000 

4880 

0.1 

7.4 

El-7256* 

0.940 

8000 

6000 

0.1 

7.2 

*Yaw  inducer 

x had  1.3-cm 

plasticine 

on  its  lip. 

**Yaw  inducer  1 had  2.5-cm  plasticine  on  its  lip. 
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[ 

Yaw  Range* 

j Type  (degrees) 

1 5-9 

L 

| 2 6-10 

J 3 6-12 

( J~ 

L 

| . 4 12-17 


Table  2.  Yaw  Inducers 

Description 

A short  steel  lip  protruding  several 
inches  from  underneath  the  muzzle. 

A standard  muzzle  brake  cut  in  half. 

Type  2 with  2-1/2-inch  side  plates 
between  the  muzzle  and  the  first 
baffle. 

Type  2 with  5-inch  side  plates  between 
the  muzzle  and  the  first  baffle. 


*The  expected  yaw  range  depends  on  the  gyroscopic  stability  of  the 
particular  shell . 
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Table  4.  Representative  Physical  Properties  of  M483  Shell 

and  Its  Modifications  , 


Shell  Type 

■Weight 

Jks]_ 

X„„  From 
eg 

Nose  (m) 

Moments  of  Inertia  (kg-nr) 
Axial  (Ia)  Transverse  (It) 

fVX 

M483 

46.70 

0.571 

0.1554 

1.8051 

0.01338 

M483  Mod  13B 

46.21 

0.565 

0.1510 

1.7263 

0.01321 

M483  Mod  I 

45.78 

0.546 

0.1600 

1.4186 

0.01805 

M483  Mod  II 

46.94 

0.563 

0.1590 

1.7015 

0.01486 

Table  5.  Summary  of  Yuma  Firings  of  Modified  M483  Shell 


Shell  Type 

Yaw 

Inducer 

Yaw  Level 
(deg) 

Mach  Number 
Range 

Average 
Range  (m) 

Range 
Spread  (m) 

M483  Mod  I 

2 

5.8  - 7.0 

.947  - .955 

5439 

87 

M483  Mod  II 

3 

11.3  - 13.8 

.942  - .956 

5231 

146 

M483  Mod  I 

3 

8.2  - 9.6 

.942  - .956 

5299 

97 
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Table  6.  Summary  of  Nicolet  Firings  of  M483  Shell 
and  Its  Modifications 


Yaw 

Shell  Type  Inducer 


Range 

Mach  Number  Average  Probable 

Range  Range  (m)  Error  (m)  Remarks 


M483 

2 

.931 

- 

.936 

3 of  3 

M483  Mod 

II 

2 

.928 

- 

.939 

6382 

20.0 

M483  Mod 

I 

2 

.921 

- 

.938 

6359 

17.1 

M483  Mod 

13B 

2 

.934 

- 

.953 

6416 

53.4 

M483  Mod 

II 

2 

.919 

- 

.933 

6350 

34.6 

M483  Mod 

I 

2 

.925 

- 

.945 

5344 

17.4 

65°  QE 

M483  Mod 

II 

2 

.938 

- 

.948 

5166 

21.1 

65°  QE 

M483  Mod 

I 

2 

.936 

- 

.955 

5164 

26.8 

65°  QE 

M483  Mod 

I 

2 

.931 

- 

.947 

6242 

19.9 

M483  Mod 

13B 

2 

.951 

- 

.962 

6313 

21.8 

M483  Mod 

II 

2 

.923 

- 

.943 

5052 

20.9 

65°  QE 

M483 

1 

.928 

- 

.937 

4 of  6 

M483  Mod 

I 

1 

.847 

- 

.860 

5506 

17.4 

M483  Mod  II 

1 

.841 

_ 

.865 

5447 

43.5 

, ^ MW 

r*  m 


i 


— 


s'  ■ ■ "... 
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Figure  7. 
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First  Maximum  Yaw  Data  from  Nicolet  Tests  of  M483  Shell 
and  Its  Modifications 


Shell  Type 

Yaw 

Inducer 

Mach 

Number 

First-  Maximum 

Yaw  (degjL_ 

Ixeiilar'Kij 

M483 

None 

.911 

1.2 

M483 

None 

.907 

1.8 

M483 

1 

.928 

9.4 

3300  m short 

M483 

1 

.944 

9.4 

3500  m short 

M483 

2 

.931 

13.0 

3100  m short 

M483 

2 

.930 

13.5 

3300  m short 

M483  Mod  13B 

2 

.945 

10.6 

M483  Mod  13B 

2 

.945 

9.1 

M483  Mod  13B 

3 

.962 

8.4 

M483  Mod  13B 

3 

.968 

11.2 

M483  Mod  13B 

4 

.941 

16.9 

M483  Mod  I 

1 

.951 

5.8 

M483  Mod  1 

2 

.946 

5.4 

M483  Mod  I 

A 

L 

.946 

6.6 

M483  Mod  I 

2 

.950 

5.8 

M483  Mod  I 

3 

.981 

7.0 

M483  Mod  I 

3 

.986 

5.8 

M483  Mod  I 

3 

.936 

7.8 

M483  Mod  I 

3 

.926 

5.3 

M483  Mod  I 

4 

.975 

12.4 

sfetSisHs 
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Flaure  7.  First  Maximum  Yaw  Data  from  Nicolet  Tests  of  M483  Shell 
J ' ' and  Its  Modifications  (continued) 


Yaw 

Inducer 


Mach 

Number 


First  Maximum 
Yaw  (deg) 


M483  Mod  II 

1 

.941 

6.6 

M483  Mod  II 

1 

.939 

5.0 

M483  Mod  II 

2 

.934 

8.0 

M483  Mod  II 

2 

.934 

7.8 

M483  Mod  II 

2 

.937 

7.0 

M483  Mod  II 

3 

.849 

10.3 

M483  Mod  II 

3 

.889 

7.2 

M483  Mod  II 

3 

.917 

9.4 

M483  Mod  II 

3 

.961 

7.2 

M483  Mod  II 

3 

.969  • 

7.5 

M483  Mod  II 

3 

.949 

10.3 

M483  Mod  II 

3 

.961 

10.3 

M483  Mod  II 

4 

.967 

16.2 

M483  Mod  II 

4 

.970 

15.0 

Remarks 
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